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THE  MISSION  OF  AGARD 
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PREFACE 


A  one  day  symposium  on  random  lead  fatigue  was  held  at  the  34th  meeting  of  the 
Structures  and  Materials  Panel  in  Lyngby.  Denmark.  Eight  lectures  were  delivered  dealing 
with  different  aspects  of  fatigue  damage  and  fatigue  testing  under  random  loading.  The 
lectures  were  presented  in  English  and  were  followed  by  vivid  discussions. 

I  had  the  privilege  to  chair  this  symposium  and  it  is  my  duty  and  pleasure  to  thank  all 
speakers  for  their  thoroughly  prepared  presentations  and  their  cooperation  in  keeping  the 
time  schedule  which  made  the  task  of  the  chairman  easy. 

The  local  organization  of  the  symposium  was  in  the  capable  hands  of  Dr  Viggo  Tvergaard 
and  other  members  of  tiie  Department  of  Solid  Mechanics  at  ilie  Technical  University  of 
Denmark  and  I  express  my  appreciation  for  their  devoted  work. 

Finally,  1  should  like  to  thank  the  Structures  and  Materials  Panel  of  AGARD  for 
sponsoring  this  symposium  on  our  recommendation. 


Frithiof  Nioruson 
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By 

W.Barrois 

Military  Chief  Engineer  (Retired) 

Engineer  at  the  Soci^te  Nationale  Industrielle  Aerospatiale 
Aircraft  Division 
Paris,  France 


summary 

The  survey  is  an  attempt  to  answer  the  question:  “What  information  is  needed  in 
terms  of  load  spectrum  and  test  conditions,  to  extend  the  results  of  laboratory  tests  to 
the  prediction  of  service  fatigue  life  of  aircraft  structures?”.  After  considering  designers’ 
needs  and  detailing  the  various  physical  parameters  that  are  significant  in  the  fatigue 
behaviour  of  specimens  and  structures,  several  types  of  fatigue  tests  are  reviewed  from 
the  view  point  of  their  representativeness.  A  short  survey  is  then  made  of  the  present 
prediction  methods  of  structure  fatigue  life  from  fatigue  tests  of  components,  assemblies 
and  structures  undergoing  constant  amplitude  loadings.  Then,  after  considering  fatigue 
tests  under  programmed  loadings,  the  case  of  random  loadings  is  briefly  discussed.  It  is 
concluded  that  describing  random  loadings  by  their  root  mean  squares  is  not  sufficient 
to  predict  the  fatigue  lives  of  structures  even  when  the  shape  of  the  load  power  spectrum 
is  known,  except  in  cases  of  comparative  prediction  where  the  only  change  is  the  general 
intensity  of  the  spectrum.  The  possibility  of  test  acceleration  by  increasing  the  general 
loading  intensity  is  considered.  The  necessity  of  a  more  complete  treatment  of  every 
partial  result  of  structural  fatigue  tests  is  emphasized  as  well  as  the  usefulness  of  broad 
co-operation  in  this  field  in  order  to  extend  the  amount  of  fatigue  data  able  to  be  used 
by  designers. 


1,  INTRODUCTION 

For  several  years,  problems  in  acoustic  fatigue  and  those  implied  by  aircraft  dynamic  responses  to  random 
loadings  defined  by  power  spectra,  have  drawn  attention  of  designers  to  possibilities  of  fatigue  life  assessment  from 
results  of  fatigue  tests  under  programmed  or  random  loadings  that  simulate  actual  random  loadings  in  flight.  In 
these  tests,  the  stress  spectrum  shapes  in  relation  to  statistical  frequencies  of  occurrence  and  dynamical  frequencies 
may  be  quite  different  either  due  to  different  excitations  or  to  very  different  structural  responses.  Intensity  of 
every  loading  is  defined  either  by  the  maximum  load  or  by  the  quadratic  mean  load. 

Often,  these  tests  are  carried  out  only  for  purposes  of  fatigue  strength  substantiaiion  of  paiticular  structures. 
Their  possible  use  in  fatigue  life  prediction  of  other  structures  may  entail  extensive  tests  on  simple  components  or 
elementary  assemblies.  Before  planning  costly  tests,  it  may  be  useful  to  study  how  such  results  might  be  used  by 
designers. 


Thai  icaus  io  i’lie  necessity  iu  define  desiyiict  s  lequiieiiienis  auu  iu  icview  uiicfly  fatigue  prediction  iViCtuCids 
using  results  of  conventional  tests  under  constant  amplitude  loadings,  and  then  to  consider  two  cases  of  random 
fatigue  tests,  either  in  fatigue  at  low  frequencies  or  with  frequencies  within  the  acoustic  range. 


2.  NEEDS  OF  THE  DESIGNER 

In  a  previous  survey1,  we  have  attempted  to  show  that  for  technical  reasons  and  due  to  fundamental  and 
physical  causes,  it  is  difficult  to  assess  fatigue  life  of  an  aircraft  structure  sufficiently  accurately  through  elasticity 
analysis  and  allowable  stress  design  values  related  to  the  particular  mater'al.  Useful  analyses  consist  only  of  com¬ 
parative  or  interpolative  computations  based  on  fatigue  test  results  of  structures,  assemblies  or  components. 

However,  even  within  this  restricted  field,  the  compu*ation  size  is  often  a  heavy  burden  in  practice.  Various 
analytical  methods  of  increasing  complexity  have  been  proposed.  In  order  to  assess  their  practical  usefulness,  two 
kinds  of  distinction  have  to  be  made: 

(i)  Firstly,  certain  methods  quickly  yield  a  rough  classification  of  assemblies;  they  may  supply  a  provisional 
assessment  at  the  preliminary  design  stage,  at  the  expense  of  costly  previous  analyses  on  a  large  number 
of  fatigue  test  results  on  actual  and  similar  structures,  or  assemblies  made  from  the  same  material  through 
the  same  manufacturing  processes.  On  the  contrary,  other  more  analytical  methods  imply  computations 
that  arc  tailored  for  each  particular  case  but  can  be  used  only  when  detailed  drawings  are  availahlc. 


(ii)  Secondly,  the  selected  method  and  its  degree  of  accuracy  must  correspond  to  the  particular  needs  of  the 
designer. 

At  the  preliminary  design  srage,  assembly  modes  and  manufacturing  processes  that  entail  the  minimum  of 
fatigue  problems  and  a  design  with  geometries  that  make  possible  further  local  reinforcements  the  incorporate  1 
of  which  do  not  imply  extended  design  changes,  would  be  selected.  In  addition,  the  structure  must  be  ’’fail-safe” 
against  fatigue  or  other  causes  of  damage.  The  fail-safe  requirement  may  lead  to  vital  attachment  being  oversize 
locally,  such  that  the  fatigue  problem  disappears. 

At  the  prototype  design  stage,  a  first  comparative  analysis  should  supply  a  rough  classification  of  the  various 
assembly  areas  of  the  structure  according  to  the  following  degrees  of  decreasing  fatigue  strength: 

-  certainly  sufficient, 

-  doubtful, 

-  certainly  insufficient. 

Areas  of  "certainly  insufficient”  strength  should  precipitate  immediate  design  changes.  “Doubtful"  areas  should  be 
assessed  again  by  means  of  another  more  accurate  computation  based  on  previous  fatigue  tests.  In  case  of  a  doubt 
persisting,  development  tests  on  representalivc  assemblies  or  partial  structures  should  be  carried  out  under  the 
estimated  particular  loading  programme  of  lhe  aircraft. 

At  the  production  design  stage,  an  interpretative  third  analysis  on  development  test  results  might  take  account 
of  changes  in  aircraft  loading,  weights  and  performances,  design  and  sizing,  since  the  prototype  stage.  Moreover, 
some  areas  previously  classified  as  sufficiently  strong  may  become  doubtful,  and  other  development  tests  should  be 
carried  out  and  analyzed  by  means  of  a  previously  demonstrated  computation  method. 

Finally,  after  the  full-scale  fatigue  tests,  interprelative  computations  are  necessary  in  order  to  substantiate  the 
fatigue  evaluation  of  operational  aircraft,  taking  into  account  lhe  latest  design  changes  and  inflight  load  measurements 
performed  in  actual  operations  on  the  ’irzt  operational  airplanes. 

Designers’  needs  may  be  summarized  as  follows: 

Interpretative  computations  that  enable  re-assessment  to  be  made  of  the  fatigue  life  of  a  structure  for  a  new 
loading  programme  significantly  different  from  the  lesting  programme. 

“A  priori”  subjective  classification  of  fatigue  strength  of  s'ructural  assembly  areas  with  respect  to  the  fatigue 
strength  of  structures  previously  known  to  be  sufficient  or  insufficient,  This  implies  computations  that  define  the 
fatigue  quality  of  each  struclure  tested  and  the  quality  needed  to  withstand  the  particular  loading  programme  that 
corresponds  to  the  aircraft  studied  and  to  its  foreseen  operational  use. 

Prediction  analysis  should  M-.e  into  account  detail  shapes  and  sizing,  Computations  of  local  stresses  near  stress 
raisers  and  assessment  of  the  allowable  intensity  value  of  the  load  spectrum  are  needed.  Empirical  coefficients  to 
use  in  computations  would  be  obtained  by  the  same  computation  methods  from  test  results  of  simple  assemblies 
representative  of  stress  raisers  and  of  current  design  of  joints. 

3.  REPRESENTATIVENESS  OF  FATIGUE  TESTS 

In  order  to  study  the  possibilities  of  assessing  life  in  service  irnm  test  results  it  is  first  fitting  tn  evaminp  the 
representativeness  of  the  tests.  Obviously,  the  service  behaviour  can  be  considered  to  be  the  most  representative 
test. 

(a)  Indoor  full-scale  fatigue  tests  carried  out  by  the  Swiss  “Fabrique  Federale  d’Avions”  at  Emmen J  are  fairly 
close  to  service  operation  in  that  the  loads  applied  to  wing,  tail  surfaces,  fuselage  and  landing  gears  are 
controlled  by  continuous  recording  which  was  performed  during  service  operations  for  a  time  long  enough 
for  the  statistical  sampling  to  be  considered  as  stationary.  However,  the  environment  is  nnt  so  representa¬ 
tive  from  the  corrosion  point  of  view.  This  lype  of  test  can  begin  only  after  some  time  of  service  opera¬ 
tions,  hence  its  purpose  is  only  a  final  verification  yielding  resulsts  alter  a  long  time  of  service  operation 
has  elapsed. 

(b)  Conventional  full-scale  fatigue  tests  carried  out  indoors  or,  better  still,  in  the  open,  are  often  performed 
on  a  flight-by-flight  basis  with  loading  programmes  deduced  from  general  statistical  data  confirmed  hy 
sampling  measurements  carried  out  on  the  prototype  aircraft  or  the  first  production  aircraft.  The  loading 
programme  may  be  simplified  to  consist  of  a  reduced  number  of  load  levels  by  means  of  "equivalent” 
damage  calculation  based  on  fatigue  test  results  of  “fairly"  representative  specimens.  It  may  also  he 
randomized  in  replacing  the  continuous  curve  of  the  cumulative  frequencies  c-f  occurrence  hy  a  stepped 
diagram  resulting  in  a  discrete  number  of  level  classes  of  flight  and  ground  loads,  the  application  sequence 
of  which  is  randomized,  In  some  cases  the  fuselage  is  immersed  into  a  water  tank  and  filled  with  water. 


Other  tests  are  carried  out  with  air  pressurization,  the  fuselage  being  filled  with  rigid  plastic  foam.  Out¬ 
door  tests  are  recommended  as  being  more  representative  from  the  corrosion  point  of  view. 

(c)  Full-scale  fatigue  tests  of  incomplete  structures  are  carried  out  in  the  laboratory,  either  under  a  simplified 
loading  programme  from  service  measurements,  or  more  frequently  under  constant  amplitude  loadings 
when  it  is  possible  to  compare  several  versions  of  design,  materials  or  manufacturing  processes. 

(d)  Systematic  fatigue  tests  of  assembly  elements  such  as  sheet  joints  by  means  of  one  or  several  rivet  lines, 
lug  loaded  by  a  pin,  etc.,  are  generally  performed  under  constant  amplitude  loads  for  several  intensities 
in  order  to  plot  a  mean  S~N  curve  and  to  appraise  the  scatter. 

(e)  Systematic  fatigue  tests  of  notched  specimens  under  constant  amplitude  loads  of  several  intensities  and 
with  several  values  of  the  alternating-to-steady  component  ratio  and  several  geometrical  notch  factors  give 
results  which  are  often  used  as  middle  term  of  comparison  to  assess  the  fatigue  behaviour  of  structures 
under  loading  programmes  differing  from  those  under  which  they  were  tested. 

(f)  Research  fatigue  tests  of  elementary  assembly  specimens  or  notched  specimens  appraise  the  influence  of 
different  loading  programme  types  assumed  to  be  equivalent  in  damage  when  based  on  the  Miner-Palmgren 
rule. 

In  order  to  determine  what  the  representativeness  of  these  types  of  tests  may  be,  i.e.,  how  realistic  they  are, 
and  what  degree  of  confidence  to  ascribe  to  them,  it  must  be  noted  which  are  the  parameters  of  significance  in 
the  fatigue  behaviour  and  how  these  parameters  are  represented  in  every  fatigue  test  type. 

Broadly  considering  the  initiation  phase  of  fatigue  cracking,  the  governing  parameters  are  as  follows: 

(i)  The  alternating  component  of  the  surface  stress  which  gives  rise  to  alternating  plastic  shear  strains  which 
modify  the  cold-worked  condition  of  the  surface  material  and  which  create  clusters  of  vacancies  and  pile- 
ups  of  dislocations,  as  well  as  surface  crevices,  from  which  microcracks  originate. 

(ii)  The  maximum  value  of  the  tensile  surface  stress  which  plays  an  important  part  in  the  growth  of  miero- 
and  macro-cracks. 

(iii)  The  stress  gradient  in  the  direction  perpendicular  to  the  surface  which  governs  the  material  depth  within 
which  plastic  distortions  are  significant. 

(iv)  Intensity,  gradient  and  stability  of  surface  residual  stresses  which,  when  they  are  tensile,  decrease  the 
duration  of  the  fatigue  crack  initiation  phase,  whereas  they  have  a  delaying  effect  when  they  are 
compressive. 

(v)  The  geometrical  roughness  of  the  surface,  and  the  metallurgical  condition  of  the  surface  material. 

(vi)  The  beneficial  effect  of  a  small  enough  number  of  high  loads  that  create  favourable  residual  stresses  at 
notch  roots  but  do  not  yet  create  microcracks  when  applied. 

(vii)  The  corrosion  sensitivity  of  the  material  and,  in  assemblies,  the  fretting  behaviour  which  can  create 
surface  damage  that  may  seriously  shorten  the  crack  initiation  phase. 

The  fatigue  crack  propagation  phase  depends  on  the  stress  distribution  in  the  crack  area  and  on  the  changes 
in  this  distribution  due  to  the  crack  propagation.  It  also  depends  on  loading  sequences  through  the  beneficial 
effect  of  rarely  occurring  overloads.  A  coirosive  environment  may  also  substantially  increase  the  crack  propagation 
rate.  Crack  propagation  may  be  impeded  when  the  load  is  transferred  from  the  cracked  area  into  another 
assemblied  part  (fail-safe).  It  may  nevertheless  give  rise  to  a  static  fracture.  In  the  case  when  the  propagation  of  a 
fatigue  crack  ceases,  further  crack  propagation  may  take  place  due  to  stress  corrosion  or  intergranular  corrosion. 

Final  static  fracture  occurs  with  a  smaller  and  less  easily  detectable  crack  the  ,..orc  brittle  the  material  and  the 
thicker  the  part.  It  is  worth  noting  that  the  material  is  often  more  brittle  in  the  short  transverse  direction. 

Preceding  features  imply  that  to  be  representative  of  service  behaviour,  every  full-scale  fatigue  test  should  be 
carried  out  with  a  structure  made  from  the  same  materials,  having  undergone  the  same  treatments,  manufacturing 
and  protection  processes,  and  the  same  inspection  and  maintenance  procedures  as  the  operational  structure,  t'his 
kind  of  test  is  costly  and  takes  too  long  to  complete.  Its  application  is  therefore  restricted  to  final  fatigue  strength 
substantiations  carried  out  in  accordance  with  the  tests  of  types  (b)  and  (c)  previously  reviewed. 


1-4 


However,  due  to  discrepancies  between  the  test  loading  programme  and  load  statistics  from  measurements 
performed  during  actual  service  operations,  or  subsequently  to  a  change  in  operational  conditions  such  as  freight 
weight,  aircraft  speed,  etc,,  or  again  after  an  important  development  of  the  aircraft  without  general  modification  of 
the  primary  structure,  a  reassessment  of  the  fatigue  behaviour  may  be  necessary  without  the  possibility  of  carrying 
out  a  full-scale  fatigue  test,  This  raises  a  problem  of  selection  between  partial  fatigue  tests  of  weak  areas  and  of 
systematic  terts  the  results  of  which  will  be  used  in  comparative  calculations. 

All  compulsion  methods  are  based  on  tests  that  are  performed  under  conditions  more  or  less  representative 
of  actual  service  environments.  Corrosion  had  no  influence  in  the  very  rare  laboratory  tests  performed  in  a  vacuum 
or  in  a  neutral  atmosphere,  e.g.,  in  dry  argon.  In  normal  indoor  tests,  the  corrosion  effect  is  generally  fairly  small, 
except  during  the  crack  propagation  phase  in  materials  susceptible  to  stress-corrosion.  In  full-scale  fatigue  tests 
performed  in  the  open  and  in  those  carried  out  in  water-tanks,  the  test  duration  of  more  than  one  year  achieves 
a  sufficiently  severe  simulation  of  the  corrosion  environment.  Corrosion  ofieii  has  a  significant  but  moderate 
influence  on  the  test  duration,  measured  in  real  time,  and  on  the  fatigue  life  which  is  measured  in  number  of  cycles, 
flight  hours  or  number  of  (lights. 

Another  time  effect  is  due  to  dynamic  resor.ance  of  the  structure  that  modifies  the  stress  intensities  and  dis¬ 
tributions.  A  distinction  should  be  made  between  random  loads  at  low  frequencies  which  excite  vibration  modes 
of  the  whole  structure,  and  high  frequency  random  loads  which  excite  only  local  vibration  modes  of  small  structure 

areas. 

In  discussing  prediction  methods,  the  following  cases  of  random  k.ad:ng  are  to  be  considered: 

-  Very  low  dynamic  frequencies  for  which  the  structure  behaves  quasi-statically.  The  loading  spectrum  mainly 
depends  on  the  aircraft  mission. 

-  Frequencies  within  the  range  of  fundamental  vibrations  modes  of  the  whole  aircraft  which  excite  structural 
vibration  modes,  but  for  which  corrective  com  pu  at  ions  can  bring  the  problem  back  to  the  case  of  quasi¬ 
static  loading.  Loading  spectra  depend  on  aircratt  missions  and  dynamical  properties  on  the  whole  structure. 
Stow  fatigue  test  results  can  he  used  in  the  assessment  of  fatigue  life,  and  the  number  of  flights  is  the  more 
logical  fatigue  life  unit. 

-  Acoustic  frequencies  excite  locally  small  structural  elements.  Stress  spectra  depend  on  excitations  and  local 
dynamical  properties  of  the  structure.  They  are  very  different  from  those  applied  to  the  whole  structure. 
Numbers  of  cycles  to  consider  are  generally  very  large  compared  with  those  of  loadings  that  concern  the 
whoie  structure. 


4  PREDICTION  AND  ANALYSIS  METHODS  FOR  CONSTANT  AMPLITUDE  LOADINGS 

Computation  methods  which  use  fatigue  test  results  of  notched  specimens  disregard  possible  damage  by 
fretting  due  to  relative  micro-d'splacements  ai  titc  contact  surfaces  of  assembled  materials. 

Computation  methods  based  on  tests  of  assemblies  are  also  que  tionable  due  to  the  fact  that  materials, 
although  nominally  defined,  may  differ  from  those  used  in  the  structure.  For  example,  differences  may  be  associa¬ 
ted  with  i.eat  treatment,  grain  texture,  surface  condition  and  corrosion  protection. 

Computations  should,  therefore,  introduce  empirical  coefficients  resulting  from  laboratory  tests  on  representa¬ 
tive  assemblies,  which  .  hould  then  be  modified  after  outdoor  full-scale  fatigue  tests  and  possibly  reviewed  in  the 
light  of  service  behaviour. 

The  earlier  method  of  fatigue  life  assessment  of  a  notched  component  was  based,  for  comparison,  or,  the 
higher  surface  fatigue  stress  in  the  notch,  so  that  the  favourable  effect  of  the  stress  gradient  in  depth  was  disregarded. 
This  method  is  very  conservative  if  the  data  used  are  from  axial  fatigue  tests  on  smooth  specimens:  it  is  simple  and 
may  be  used  to  check  whether  or  not  the  fatigue  strength  cm  definitely  be  considered  sufficient.  However,  fatigue 
strength  mry  he  overestimated  when  using  rotating  bending  results  of  small-diameter  smooth  specimens.  This 
method  fails  m  the  case  of  fretting  or  of  superimpositirn  of  undefined  stress  raisers. 

An  improvement  of  this  method  was  made  by  taking  stress  gradients  into  account  and  by  using  fatigue  test 
results  of  a  set  of  notched  specimens  with  several  notch  factor  values.  This  permitted  curves  to  he  drawn  showing 
fatigue  life  as  a  function  of  alternating  and  steady  components  of  the  higher  surface  stress  for  several  values  of  the 
relative  stress  gradient.  (l/o)f)o/r)n  ,  in  the  direction  perpendicular  to  the  surface'  4. 

In  1959,  Hayes3  proposed  to  use  fatigue  test  results  of  notched  specimens  with  several  values  of  the  Kj 
notch  factor  in  order  to  define  hy  interpolation  an  "equivalent  notch  factor"  from  one  fatigue  test  of  the  studied 
component.  Then,  the  interpolation  of  curves  from  test  results  on  notched  specimens  using  this  equivalent  notch 
factor  enables  an  assessment  io  he  made  of  the  component  fatigue  behaviour  under  any  loading  programme. 
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In  1962,  an  improvement  by  Deneff  was  based  on  ihe  approximate  correlation  derived  for  Hat  specimens 
between  the  nominal  fatigue  stress  of  a  notched  specimen  and  that  of  smooth  specimens.  This  correlation  was 
found  to  be  independent  of  the  alternaling-to-steady  stress  ratio  and  to  encompass  a  large  range  of  number  or 
cycles,  but  was  not  valid  for  round  specimens.  The  correlation  varies  with  each  notch  factor,  Ky  ,  but  the  fatigue 
notch  factor,  Kp  ,  varies  with  Ky  and  the  notch  radius,  r  ,  according  to  an  empirical  relation: 

Kp/Ky  =  f(r)  . 

From  this,  Deneff  derived  an  interpolation  method  to  obtain  the  diagrams, 

N  =  f(»a-  °m>  • 

corresponding  to  fixed  values  of  Ky  and  r  .  He  applied  its  method  to  fatigue  strength  computation  on  sheet 
assemblies  where,  for  the  stresses  at  edges  of  holes,  a  distinction  was  made  between  stresses  resulting  from  the  local 
load  transferied  by  each  fastener  and  those  by-passing  the  fasteners. 

To  -ompute  local  stresses  in  a  multi-riveted  statically-redundant  assembly,  each  assembly  sheet  was  idealized 
by  a  system  of  rectangular  meshes  according  to  network  lines,  the  nodes  of  which  were  at  hole  centres.  These 
network  lines  were  assumed  to  be  axially  loaded  hars  transferring  shear  loads  to  rectangular  sheet  elements. 
Deformations  due  to  bearing  stresses  in  holes  and  to  rivet  bending  were  disregarded.  Computation,  restricted  to  the 
elastic  range,  yielded  nominal  stresses  applied  near  each  hole  and  local  loads  transferred  by  each  rivet.  Allowable 
values  of  these  loads  and  stresses  were  drawn  from  fatigue  tests  on  elementary  elements. 

In  1969.  a  first  attempt  was  made  by  Jarfall5  to  take  account  of  the  pending  of  rivets  and  hole  bearing  defor¬ 
mations  which  vary  with  sheet  thickness,  fastener  diameter,  and  with  the  material.  F :  used  elasticity  methods  of 
assembly  analysis  previously  investigated  from  1944  to  1947  by  Vogt6,  Manford  e!  a.  7,  and  Rosenfeld*.  In  this 
field  it  is  worth  noting  a  recent  paper  by  Harris  et  al.9  that  recognizes  the  possibilities  afforded  by  modern  digital 
computers. 

In  order  to  take  into  consideration  the  plastic  behaviour  under  fatigue  stressing,  i.e.,  changes  in  stress-strain 
cycles,  creation  or  relaxation  of  residual  stresses,  surface  condition  in  holes,  axial  tightening  and  diametral 
interference  or  clearance  of  fasteners,  jarfall  introduced  two  empirical  coefficients  to  be  determined  in  partial 
fatigue  tests.  Using  these  coefficients,  he  called  the  "Stress  Severity  Factor  -  SSF”  the  ratio  of  the  higher  local 
stress  at  a  hole  edge  to  a  reference  stress  chosen  to  be  the  nominal  stress  near  the  hole  assuming  the  hole  was 
reduced  to  a  zero  diameter. 

To  determine  empirical  coefficients,  it  was  postulated  that,  for  a  fixed  fatigue  life  of  N  cycles,  the  fatigue 
failure  of  different  elements  would  occur  for  the  same  value  of  the  higher  local  stress,  i.t.„  for  the  same  value  of 
the  product  of  the  nominal  stress  to  failure  after  N  cycles  and  the  SSF-factor.  Hence,  this  lactor  has  some 
similarity  with  the  fatigue  notch  factor  Kp  .  It  is  valid  only  within  a  ectain  range  of  number  of  cycles  which 
would  have  to  be  determined  by  experience.  It  might  still  be  called  “Fatigue  notch  factor  equivalent  to  the 
assembly  detail"  and  designated  Kp  .  Three  specimens  are  needed  to  obtain  two  ratios  each  of  which  supply  one 
coefficient.  Jarfall  used  fiat  sheet  specimens  containing  a  circular  hole  with  three  loading  modes:  axially  loaded 
specimens  with  free  hole  or  hole  filled  by  a  fastener,  and  specimens  fixed  at  one  end  and  loaded  at  the  hole  by 
means  of  a  pin.  Then,  in  fatigue  tests  of  assemblies,  local  values  of  the  Stress  Severity  Factor  were  determined  for 
each  incipient  crack.  Knowing  the  SSF  of  various  areas  of  an  assembly,  it  is  possible  to  compute  its  fatigue  life 
under  any  loading  programme  and  then,  knowing  its  service  behaviour,  to  define  allowable  values  of  the  SSF  for 

ntirfiritUr  r1*J«  rtf  Hf»eion  nnH  r»f  f»rvu'o 

r- . .  -■  - —  -•  - — ey  ■  «••*-  -•  . . . 

Crichlow  and  his  collaborators10  have  proposed  the  so-called  "Fatigue  Quality  Index"  method  that  comprehen¬ 
sively  characterizes  the  fatigue  behaviour  of  an  assembly  and  implicitly  takes  account  or  details  and  materials.  The 
fatigue  quality  index  is  the  geometrical  notch  factor  chosen  from  amongst,  or  internoled  from,  those  of  a  set  of 
simple  notched  specimens,  made  fiom  a  reference  material  that  has  yielded  N  =  f(oa,  ,  Ky  )-curves  ,  in  order  to 
have  same  fatigue  life  as  the  tested  component  for  the  same  values  of  the  nominal  fatigue  stresses,  o3  and  om  , 
near  the  notch  or  the  assembly  junction.  If  the  component  is  tested  under  a  loading  programme,  fatigue  durations 
of  reference  spec'mens  are  computed  and  plotted  against  ti.e  loading  programme  intensity,  and,  tiirough  the  point 
representing  the  component  fatigue  test,  one  interpolation  is  made  to  define  the  Ky-value  of  the  notch  factor 
equivalent  to  the  component.  Since  the  material  of  the  tested  '-omponent  may  differ  from  that  of  the  reference 
specimens,  c  ie  no  longer  speaks  of  equivalent  Ky  but  only  of  Fatigue  Quality  Index  K  .  As  in  Jarfall’s  tests, 
structure  tests  are  carried  out  considering  all  intermediate  durations  until  cracks  appear,  the  repair  of  which  allow 
the  fatigue  test  to  continue  and  more  useful  results  for  further  prediction  purposes  to  be  ohtained.  This  is  supported 
by  the  fact  that  in  the  absence  of  a  “fail-safe”  design,  the  duration  for  a  crack  to  be  detectahle  is  in  practice  often 
close  to  the  total  fatigue  life  to  failure.  For  aluminium  alloys,  2024-T3  aluminium  alloy  sheet  material  is  used  as 
the  reference. 

All  previously  mentioned  prediction  methods  are  fundamentally  comparative,  comparisons  being  made  through 
parameters  the  knowledge  of  which  enables  prediction  to  he  made  of  the  fatigue  behaviour  of  another  structure  or 
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of  an  element  assumed  to  be  similar  to  the  local  area  under  investigation.  In  the  different  cases,  attempts  are 
made  to  describe  design  and  loading  conditions  of  more  or  less  complex  structural  details  in  order  to  bring  every 
problem  back  to  one  which. has  been  previously  tested,  However,  because  manufacturing  processes  and  metallurgical 
conditions  are  playing  an  impoitant  part,  it  may  be  expected  that  the  prediction  accuracy  will  be  limited  by  the 
difficulty  to  exactly  describe  all  significant  conditions.  At  the  very  best,  it  may  be  hoped  that  quite  good  predic¬ 
tion  will  be  possible  ..from  a  first  full-scale  fatigue  test  on  the  structure  being  studied  when  the  evaulation  aim  will 
be  only  to  appraise  the  effect  o'  slight  changes  in  sizing  and  loading  on  the  fatigue  life, 

The  comparisons  can  be  defined  along  the  following  lines: 

1 

1,  Loading  types  and  their  intensities  , 

Loading  may  be  of  three  types,  namely,  constant  amplitude,  programmed,  or  random.  Intensities  of  each  of 
them  may  be  measured  respectively,  as  amplitude,  higher  load  and  load  distribution,  and  quadratic  mean  load. 

i  , 

2.  Reference  structures 
They  may  be  as  follows: 

(a)  Another  structure  of  same  detail  design,  materials  and  manufacturing  processes. 

(b)  Structural  assembly  details  having  same  features, 

l 

(c)  Notched  specimens  of  same  relative  stress  gradient,  material  and  manufacturing  processes. 

(d)  Smooth  specimens  made  from  the  same  material. 

The  following  comparison  parameters  may  be  used: 

(i)  The  ‘’Equivalent  notch  factor  -  Kj  ",  the  “Stress  Severity  Factor  SSF”  and  the  "Fatigue  Quality 

Index  -  K  "  are  used  with  reference  structures  of  the  types  (a)  and  (b),  ■ 

i  i  , 

(ii)  Nominal  design  stresses  around  stress  raisers  are  to  be  used  in  connection  with  tests  on  reference  represen¬ 
tative  details. 

(iii)  Surface  stresses  and  their  relative  $tress  gradients  in  depth  direction, 

I  ■ 

(iv)  Surface  stresses  alone. 

Table  I  shows  a  simplified  description  of  predicfion  methods. 

A  valuable  extension  of  these  studies  would  be  the,  establishment  of  prediction  means,  consisting  of  banks  of 
data  on  fatigue  strengths  of  conventional  structures  and  elements,  and  suitable  as  imput  data  for  digital  computers 
for  strength  or  optimization  analyzes.  All  items  of  these  data  would  be  provided  by  accurate  analyzes  of  test  results 
on  full-scale  structures,  partial  structures;  and  components  and  assemblies  representative  of  various  designs  under 
constant  amplitude  loadings,  The  cases  of  fatigue  life  prediction  under  random  loading  would  be  treated  by  means 
of  the  Miner-Palmgren  rule, 


S.  DAMAGE  EVALUATION  OF  FATIGUE  LOADINGS  ON  STRUCTURES  BY  SIMPLIFIED 

REPRESENTATION  OF  THE  RANDOM  LOAD  SPECTRUM 

In  most  full-scale  fatigue  tests  of  aircraft  structures,  the  applied  load  system  is  simplified  with  respect  to 
random  service  loads.  The  first  problem  to  deal  with  consists  of  defining  a  test  load  system  that  is  equivalent  to 
service  loads  with  regard  to  fatigue  damage.  Figure  I  which  concerns  the  full-scale  fatigue  test  of  the  "Caravelle”  ’ 
structure,  schematizes  the  general  course  of  computations  from  gust  velocity  statistics  and  one  estimate  of  ground 
loads  to  define  the  load  programme  to  be  applied  during  a  test  qycle  which  represents  one  mean  type  flight. 

Figure  1(a)  shows  gust  velocity  statistics  by  sections  of  altitude,  drawn  from  acceleration  recording  on  an  aircraft 
of  comparable  type  and  performances  (Comet  1)  during  a  world-round  trip,  Figure  1(b)  illustrates  th:  estimated 
type  flight  of  the  Caravelle  with  values  of  airspeed,  attitude  and  aircraft  weight  that  are  varying  during  the  flight. 

For  each  flight  section,  constant  values  are  assumed,  and  partial  statistics  of  acceleration  increments.  An  ,  at  the 
gravity  centre  are  determined.  They  are  corrected  to  give  the  same  loads  when  applied  to  the  reference  take-off 
weight.  Figure  1(c)  shows  the  sum  of  these  partial  statistics  as  one  curve  of  cumulative  frequency  in  I04  flights  to 
reach  or  exceed  An-values  .  Then,  it  is  assumed  that  the  wing  structure,  in  the  areas  of  high  stresses,  has  the 
same  fatigue  properties  as  the  notched  specimens,  the  constant  amplitude  fatigue  properties  of  which  are  represented 
in  Figure  1(d):  in  this  particular  case,  these  stresses  depended  on  the  acceleration  increment  An  as  follows: 


S  =  8.1  ±  8.1  An  daN/mm3 


T 


The  load  spectrum  of  the  Figure  1(c)  was  decomposed  into  a  series  of  constant  amplitude  fatigue  loads. 

Si  =  8.1  ±  S,j  ,  each  of  them  being  applied  for  Nj  cycles  and  producing  a  partial  damage  Nj/N^j  .  Nr,  is  the 
number  of  cycles  to  failure  under  the  load  Saj  ,  taken  from  the  Figure  1(d).  Numerical  data  and  computation 
results  are  reported  in  Table  II. 

Partial  damage  due  to  ground  loads  during  landing  and  taxiing,  as  well  as  that  due  to  ground-air-ground  transi¬ 
tion  from  the  lowest  negative  stress  to  the  highest  positive  stress  can  be  computed  Irom  appropriate  load  statistics. 
In  the  case  of  the  Caravelle,  at  the  beginning  of  the  full-scale  fatigue  test,  the  total  computed  damage  was  0.54 
for  104  flights.  The  test  was  carried  out  for  100,000  cycles  without  noticeable  actual  damage.  This  first  test 
phase  was  fcllowed  by  a  last  phase  under  a  simplified  load  programme  of  21%  higher  load  level  for  3,000  cycles 
corresponding  to  4400  flights.  It  was  shown  that  the  test  "damage”  was  lower  than  0.1  for  104  cycles  and  that  a 
life  of  20,000  llights  was  substantiated  with  a  scatter  factor  of  5, 


In  addition  to  the  fact  that  the  structure  under  invesligation  may  have  a  better  fatigue  strength  that  the 
reference  notched  specimen  (here,  K-p  =  4  ),  the  discrepancy  between  damage  prediction  and  full-scale  test  results 
is  partially  explained  by  the  beneficial  effect  of  the  supplementary  "fail-safe"  cycles  in  which  the  higher  load  corres¬ 
ponds  to  an  occurrence  frequency  of  about  ten  times  in  10,000  flights,  i,c.,  to  a  load  defined  by  n  =  2.56  and  a 
corresponding  maximum  stress  level  of  20.8  daN/mm2  ,  whereas  the  maximum  stress. levels  in  the  other  test  cycles 
were  of  12  daN/mm3  in  normal  cycles  applied  up  to  20,000  cycles,  and  of  16.2  daN/mm3  up  to  test  completion. 

In  fact,  computation  had  only  been  used  to  replace  the  loads  of  the  average  flight  in  the  Figure  1(e)  by  the 
“equivalent"  tesl  loads  of  the  Figure  1(f),  in  which  the  load  reached  or  exceeded  on  average  one  time  per  flight 
had  been  kept.  In  actual  service,  up  to  15,000  flights,  the  fatigue  damages  were  negligible.  Detected  damage  which 
did  not  affect  ihe  flight  safety  was  due  to  unpredicted  taxiing  loads  but  such  damage  concerned  only  the  wing  rib 
at  the  main  landing  gear  attachment. 

This  general  course  of  fatigue  computation  has  been  retained  in  France  for  the  Falcon  20  and  the  Nord  262 
civil  aircraft,  as  well  as  for  the  military  transport  aircraft  Transall  C-160,  designed  and  manufactured  in  a  French- 
German  co-operation.  The  statistics  used  for  gust  loads  were  those  of  the  RAS  Data  Sheets.  In  the  case  of  the 
Transall  aircraft,  measurements  in  flight  at  low  altitude  have  yielded  load  statistics  used  in  the  interpretation  of 
fatigue  test  results. 

Several  causes  of  error  exist  in  this  kind  of  computation: 

(i)  Certain  load  statistics  are  unknown  at  the  time  of  test.  This  was  the  case  for  the  asymmetrical  loads  on 
tail  surfaces  of  the  Caravelle  type  which  used  thrust  reversal  after  touch-down.  In  the  707  Boeing  aircraft 
operations,  taxiing  afforded  unpredicted  repeated  tension  stresses  in  the  upper  wing  skin. 

(ii)  Fatigue  test  data  from  notched  specimens  or  from  structures  of  old  design  and  of  war-time  manufacture 
represent  badly  the  properties  of  the  structure  under  investigation.  To  cope  with  this  difficulty,  some 
fatigue  tests  on  assembly  elemenls  representative  of  the  structure  may  be  carried  out  under  a  standardized 
load  spectrum. 

(iii)  The  benel’cial  effect  of  design  limit  loads  that  could  be  encountered  very  clearly  in  service,  or  their 
detrimental  eftect  when  applied  after  a  crack  initiation,  are  not  represented  in  tests.  The  beneficial 
effect  due  to  a  premature  application  of  high  loads  must  be  avoided,  whereas  the  detrimental  effect 
would  shorten  the  fatigue  life  only  slightly,  due  to  the  exponential  course  of  the  crack  propagation  in 
Tdiigue. 

(iv)  The  principle  on  using  an  average  flight  loading  is  questionable  since  a  number  of  flights  are  carried  out 
without  noticeable  gust  loading  and  also  because  gust  loads  concentrated  during  few  flights  are  less 
damaging  due  to  the  lowering  by  application  of  the  first  high  gust  of  residual  tensile  stresses  created  by 
taxiing  loads,  When  the  loading  spectrum  includes  compressive  stresses,  the  damage  under  a  service 
loading  may  be  less  severe  than  under  an  average  loading  programme,  as  far  as  rtic  statistics  of  turbulent 
and  quid  flights  are  concerned, 

As  long  as  Ihe  final  true  load  specirum  differs  but  little  from  the  spectrum  used  in  the  structural  fatigue  test, 
corrective  computations  may  he  made  for  the  areas  damaged  hy  the  applied  loads  or,  in  default  of  damage,  in 
conservatively  assuming  damage  beginning  just  at  the  conclusion  of  the  test. 

When  the  true  load  spectrum  is  unknown,  comparative  experimental  investigation  of  several  designs  or  manu¬ 
facturing  processes  may  be  carried  out,  or  the  fatigue  strength  of  a  particular  structure  may  be  appraised,  under  a 
standardized  approximate  spectrum.  In  development  tests  hased  on  a  standardized  shape  of  a  spectrum  of  cumula¬ 
tive  frequencies  of  level  crossings,  a  distinction  should  he  made  hetween  aircraft  components  loaded  similarly  to  a 
wing,  i.c.,  under  a  loading  programme  having  two  mean  load  vai.^s,  and  components  with  a  loading  programme 
having  only  one  mean  load  value, 


1-8 


For  the  first  loading  case,  typical  of  wings,  D.Schiitz17  has  proposed  the  standardized  load  spectrum  shape 
shown  in  the  Figure  2.  It  coiresponds  to  a  mean  load  spectrum  drawn  through  flight  measurements  carried  out  on 
DC  9.  Boeing  737,  BAC-1 1 1  and  Transall  aircraft.  Flight  loads  measured  on  the  Air-France’s  Caravelles  are 
plotted  at  the  lower  limit  of  the  scatter  band.  It  must  be  pointed  out  that  these  loads  are  deduced  from  vertical 
acceleration  measurements  at  the  gravity  centre  by  means  of  a  count  method  in  which  level  crossings  are  counted 
only  one  time  between  two  crossings  of  the  zero  acceleration.  This  method  neglects  a  certain  percentage  of  low 
level  loads  but  the  number  of  positive  maximums  is  close  to  that  of  zero  crossings  with  positive  slope.  The  mean 
curve  of  level  crossings  in  flight  is  quite  well  represented  by  a  gaussian-logaritlimic  distribution  of  the  ratio  of  the 
alternating  load  to  the  mean  load,  Sa/Sm  ,  of  total  number  of  cycles  H0  -  2  x  107  ,  passing  through  the  points 
P  =  0.5  ,  Sa/Sm  =  0.085  and  P  =  5  x  10~7  ,  Sa/Sm  =  i.6  (see  the  B-straight  line  in  Figure  4). 

Figure  3  shows  the  level  crossing  spectrum  of  vertical  accelerations  measured  at  the  gravity  centres  of  ten 
Caravelles  of  Air-France  during  47,000  flights  and  plotted  for  20,000  flights.  Positive  accelerations,  An,  ,  are  more 
severe  than  the  negative  accelerations,  An2  :  that  may  be  due  to  different  pilot  responses  in  presence  of  severe 
gusts,  and  to  the  asymmetry  of  manoeuvres.  This  fact  corresponds  to  a  varying  mean  load.  Figure  3  shows  the 
alternating  overloads  An  around  the  mean  load,  as  well  as  the  quantity  I  +  Sa/Sm  ,  where  Sa  is  proportional  to 
An  and  Sm  is  proportional  to  (An,  —  An2)/2  .  Sa  and  Sm  are  not  true  stresses  since  the  stress  spectrum  is 
net  exactly  proportional  to  the  spectrum  of  load  factors  at  the  gravity  centre  of  the  aircraft.  The  statistic  of  levei 
crossings  of  Sa/Sm  values  are  represented  by  a  straight  line  ‘A’  in  Figure  4  in  assuming  for  the  positive  values  a 
total  number  of  level  crossings,  H0  =  2  x  10s  ,  in  order  to  compute  the  occurrence  frequencies.  The  abscissae 
scale  is  the  normal  Gaussian  distribution  of  probability  P(x  >  a)  such  that  logl0(x  =  Sa/Sm)  be  higher  than  a 
fixed  value  log10a  .  With  H„=2xl06,  H  =  I06  corresponds  to  the  frequency  0  5.  This  straight  line  is 
easily  prolonged,  thus  permitting  an  appraisal  of  the  high  and  very  rare  overload  values  as  well  as  frequencies  of 
loads  lower  than  the  measurement  threshold. 

To  evaluate  the  fatigue  damage,  the  load  spectrum  may  be  replaced  by  a  stepped  diagram  or  may  be  broken 
down  into  a  sum  of  component  spectra  for  which  fatigue  results  are  available.  To  illustrate  the  procedure,  the 
Caravelle  Sa/Sm  speetrum  will  be  broken  down  into  stepped  components  of  constant  amplitude  or  into  Gaussian 
components  in  order  to  use  LBF  results  of  fatigue  tests  on  notched  specimens  in  the  case  of  constant  amplitude 
loads  and  in  the  case  of  load  programmes  having  a  Gaussian  distribution  of  level  crossings. 

Figure  7  shows  Sa  —  Nr  curves  for  a  mean  stress  Sm  =  8.1  daN/mm1  ,  from  Mustang  wing  tests  of  2024-T3 
aluminium  alley,  and  LBF  fatigue  tests  on  notched  specimens  (Ky  =  3. 1  ,  r  =  2  mm)14  made  from  German 
3.1354.5  aluminium  alloy.  Lockheed  results  of  fatigue  tests15  on  notched  specimens  (Ky  =  4  ,  r  =  2,5  mm) 
made  from  7075-T6  aluminium  alloy  are  quite  comparable  to  the  Mustang  results.  With  the  Caravelle  spectrum 
replaced  by  a  17-level  stepped  spectrum,  between  H  =  10  and  H  =  10*  ,  damage  computations  yield 

“ni/NRi  =  0.224  from  Mustang  curves,  and 

=  0.207  from  LBF  S-N  curves  for  Ky  =  3. 1  . 

Figure  5  illustrates  the  break-down  of  the  Caravelle  spectrum  into  two  Gaussian  components,  each  of  them 
defined  by  the  maximum  value,  Sa/Sm  .  and  by  their  sizes,  namely  I06  for  the  1-component  of  maximum  level 
Sa/Sm  =  0.9  ,  and  1.45  x  104  for  the  ll-component  of  maximum  level  1.3.  The  l-component  is  tangential  to  the 
overall  spectrum,  while  the  ll-component  passes  through  the  point  P,  on  the  l-component  at  the  distance  log,„2 
from  the  overall  spectrum.  To  complete,  one  stepped  rectangular  111-component  of  constant  level  amplitude,  1.34, 
and  of  size  10,  is  used:  it  passes  through  the  point  P2  of  the  ll-component  at  the  distance  log,02  from  the 
overall  spectrum. 

In  development  fatigue  tests  oi  ."'itor-vehicle  components  that  are  loaded  by  the  dynamic  response  to  road 
irregularities,  Gassner  and  W.Schutz"  have  used  rheir  standardized  LBF  programme  consisting  in  eight  constant 
amplitude  load  steps,  the  levels  of  which  are  interpolated  from  the  binomial  distribution  Cj 1  with 

j  =  0,  1,2 .  10  .  The  level  of  each  load  step  is  measured  by  the  ratio  of  its  alternating  load,  Sa  ,  to  the  highest 

load  value  of  the  programme,  oa  ;  the  mean  load,  Sm  ,  the  same  for  all  steps,  is  defined  by  the  ratio 
R  =  (ism  —  5a )/(Sm  +  Sa)  .  Occurrence  frequencies  of  loads  are: 

Sa/Sa  =  1  0.95  0.85  0.725  C.57S  0.425  0.275  0.125 

ANj  =  2  16  280  2720  20,000  92,000  280,000  605,000, 

with  H0  =  21ANj  =  1.000,610  *=  10*  ,  and  a  RMS  stress  of  the  Sa-amplitudes  ,  S,  ,  such  that  (Se)7  =  0.055(Sa)7 
For  the  instantaneous  sine-shaped  stress  S  ,  the  quadratic  mean  would  he  a2  =  (Se)3/2  .  This  Standardized  LBF- 
distrihution  is  very  close  to  the  binomial  distribution  C?1  which  corresponds  to  H0  =  1,048,576  and  to 
(Se)7  =  O.OS357 (Sa i3  or  Sc  -  >3.231  Sa  .  It  is  nearly  equivalent  to  the  gaussian  distribution  of  highest  level 
1.06 S,  and  of  size  10*  which  is  represented  hy  a  straight  line  in  a  P(x  >  a)  Sa/Sa  diagram:  the  straight  line 
passes  through  the  points  Sa  =  0  ,  P  =  0. 5  or  11  =  10*  ,  and  Sa  =  Sa  ,  P  =  2  !0-7  or  H  =  4  .  The  RMS 
of  this  distribution  is  $e  =  0.230Sa  . 
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With  this  Gaussian  distribution  of  programmed  loads  defined  by  the  highest  load,  Sa  ,  LBF’s  fatigue  tests  on 
notched  specimens  (Kj  =  3,1)  are  plotted  in  Figure  8  and  may  be  represented  by  straight  lines 

log  Np  =  a  -  k  log  Sa  , 

where  Np  is  the  total  number  of  cycles  of  all  load  levels  to  failure,  and  R  =  (Sm  —  Sa)/(Sm  +  Sa)  is  the  fatigue 
ratio  for  the  highest  loads.  In  case  of  a  same  Snl -value  for  every  programme  loading  of  various  Sa-values  ,  an 
interpolation  has  been  performed  by  plotting  dotted  straight  lines  through  exact  points  located  on  R-curves  .  With 
these  test  results,  the  break-down  of  alternating  flight  loads  of  the  Caravelle  spectrum  that  is  illustrated  in  Figure  6 
yields  the  following  ’'damage”  values: 

I - component: 

Sa  =  0.9x8. 1  =  7.3daN/mnil  ,  H  =  I0\  Np  =  8xl0\  dt  =  H/NF  =  0 . 1 2  S ; 

II - component: 

Sa  =  13x8.1  =  IO.SdaN/mm\  H=  1.45  x  10*  , 

For  a  sire  of  106,  the  fatigue  would  be  of  Np  =  1.7  x  10*  ;  the  B-curve  corresponds  to  an  occurrence  frequency 
of  Sa  equal  to  1.45  x  I  O’4,  i.e.,  from  Gassner  and  Schtitz11,  to  a  conversion  factor  0.22  such  as  Np  becomes 
0.22  x  1.7  x  10*  3.75  x  10s  .  The  damage  of  the  11-component  would  be  d(t  =  0.0385  ; 

III- component : 

Sa  «  1.34  x  8.1  -  10.85  daN/mm2  .  Np  =  4x  I04  ,  and  dpi  =  0.00025  . 

The  total  computed  damage  would  be  D  =  0,1637. 

Taking  into  account  the  gaussian-logarithmic  distribution  of  the  Caravelle’s  flight  alternating  loads,  it  would 
have  been  preferable  to  compute  the  damage  value  from  LBF’s  fatigue  tests  of  notched  specimens  under  this  kind  of 
loading  programme.  This  has  not  heen  possible  in  the  ahsence  of  an  exact  knowledge  of  the  LBF  log-normal  distri¬ 
bution. 


Consider  now  the  Figure  6  where  the  distribution  of  flight  alternating  loads  approximate  closely  to  a  straight 
line  component  of  cumulative  occurrence  frequencies  equal  to  2.5  times  those  of  the  straight  line  defined  by  the 
roints  5a  =  0  .  H0  =  I06  .  and  Sa/Sm  =  I  ,  H  =  I  .  Most  of  the  load  spectra  of  civil  and  military  transport 
aircraft  have  a  shape  which  lends  itself  to  a  simple  approximation  hy  an  exponential  function  represented  by  a 
straight  line  in  a  diagram  S  -  log  H  .  Therefore,  that  is  Ihis  kind  of  spectrum  shape  that  should  be  the  basis  for 
programmed  or  random  fatigue  tests  aimed  to  the  design  of  transport  aircraft  structures. 


On  the  contrary,  tor  fighter  aircraft,  flight  load  spectra  are  better  approached  by  analysis  into  Gaussian  compo¬ 
nent.  or  Rayleigh  components  such  as 


H  »  H„e 


,-(S1/Se)1 


where  H0  is  the  total  number  of  zero  crossings  with  positive  slope,  and'  Sc  =  o^2  is  the  RMS  of  the  initial 
gaussian  process  when  the  number  of  positive  maxima  equals  H0  .  The  Rayleigh  distribution  is  represented  by  a 
straight  line  in  the  diagram  (Sa)2  —  log  H  . 


Figure  9  illustrates  the  approximation  of  the  flight  load  spectrum  of  the  Mirage  III  RS  aircraft  measured  in 
Swiss  operations16,  hy  means  of  only  one  Rayleigh  distribution  for  positive  and  negative  accelerations.  The 
approximation  hy  a  Gaussian  distribution  is  less  exact. 


Figure  10  and  Table  III  give  the  shapes  and  ordinates  of  the  four  types  of  loading  spectra  previously 
mentioned.  The  semi-logarithmic  distribution  is  more  suitable  for  an  easy  approximation  of  flight  loadings  in  the 
case  of  transport  airplanes,  due  to  the  possibilities  afforded  by  its  variable  slope  which  permit  a  precise  adjustment 
in  the  range  from  medium  level  to  low  level  loads.  The  Gaussian  distribution  of  logarithms  of  load  levels  (log¬ 
normal)  might  seem  better  appropriate  if  it  was  not  often  difficult  and  sometimes  not  possible  to  make  its  adjust¬ 
ment  to  certain  measured  loading  spectra.  The  adjustment  criteiia  is  that  in  all  pom's,  the  approximation  curve 
have  a  less  concavity  than  the  investigated  spectrum, 


In  the  case  of  lighter  aircraft,  the  Rayleigh  and  tile  Gaussian  distributions  may  he  convenient,  however,  it  i.i 
mom  easy  to  adjust  Rayleigh  straight  line  (in  a  diagram  (load)2  —  loginH)  . 

However,  aircraft  flight  loads  always  include  the  transition  at  each  flight  of  the  mean  load  from  the  flight 
condition  to  the  lower  value,  negative  for  the  wing,  during  the  taxiing  at  low  spccJ  The  effect  of  this  transition 
is  more  to  he  ascrihed  to  a  change  in  residual  stresses  than  to  its  direct  fatigue  damage.  The  last  load  just  applied 
hefore  a  stress  change  in  sign  has  a  predominant  effect  on  the  damage  afforded  hy  the  following  loads  (see 
Schijvc16).  This  effect  may  aggravate  the  influence  of  ground  loads  which  produce  tensile  stresses  in  the  wing 
upper  skin,  as  is  (he  case  of  certain  transport  airplanes  having  a  particularly  flexible  wing.  Figure  1 1  illustrates  the 
inversion  in  sign  of  the  loads  of  upper  and  lower  skins  of  a  wing,  In  wing  upper  skins,  repeated  compressive 
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stresses  due  to  flight  loads  tend  to  create  tensile  residual  stresses  at  the  stress  raisers  and  reinforce  the  damaging 
effect  of  repeated  tensile  stresses  due  to  ground  loads. 

In  order  to  take  account  of  ground-air-ground  transition,  we  have  proposed'7  to  break-down  the  diagram  of 
loads  during  one  flight  into  one  fundamental  component  defined  by  the  highest  and  the  lowest  loads  applied  during 
the  flight,  and  complementary  alternating  loads.  That  attributes  to  the  ground-air-ground  transition  an  importance 
comparable  to  the  actual  importance.  To  our  knowledge  no  other  method  supported  by  comparative  and  statisti¬ 
cally  significant  tests  is  available  to  rt  place  this  rough  mode  of  assessment. 

In  full-scale  fatigue  tests,  the  following  procedures  to  represent  the  ground-air-ground  transition  have  been 
considered. 

-  Tests  of  Swiss  type2,  controlled  by  tapes  of  statistical  measurements  recorded  in  actual  operations.  This 
method  implies  that  fatigue  test  results  enable,  at  the  very  most,  late  changes  to  be  made  in  manufactured 
aircraft  and  in  a  number  of  components  under  manufacture. 

-  Tests  under  random  loading  with  random  times  for  the  passage  from  the  flight  to  the  ground  conditions. 

In  this  case,  loads  nay  be  generated  either  by  one  or  several  Gaussian  processes,  or  by  a  program  where  the 
sequences  of  application  of  individual  loads  will  have  been  determined  randomly. 

-  Tests  under  random  loads,  on  a  flight-by-flight  basis,  the  overall  spectrum  being  broken  down  into  partial 
spectra  for  each  flight,  the  severity  of  which  being  distributed  according  to  the  extreme  values  of  the  loads, 
on  a  flight-by-flight  basis.  In  the  case  of  the  military  aircraft,  Transall,  Figure  12  illust.ct.  s  this  possibility. 
Straight  lines  correspond  to  a  Gaussian  distribution  between  the  flights  of  the  logarithms  of  additional  wing 
bending  moments  reached  or  exceeded  n  times  per  flight.  This  result,  similar  to  that  obtained  by 
BoKhanm1®’19  from  other  flights  and  other  measurements  on  the  same  aircraft,  shows  that  the  individual 
flight  spectra  are  distributed  as  the  extreme  values.  This  kind  of  result  only  concerns  gust  loads;  it  would 
be  useful  to  know  if  other  aircraft  behave  similarly. 


6.  FATIGUE  TEST  ACCELERATION  OR  INTERPRETATION  OF  TEST  RESULTS  IN 

CASE  OF  CHANGES  IN  SERVICE  LOAD  LEVELS 

In  the  statical  strength  of  aircraft  structures,  possible  service  overloading  with  respect  to  design  loads  and  the 
possible  weakness  or  a  particular  structural  component  are  palliated  by  a  safety  factor  arbitrarily  taken  to  be  equai 
to  1.5.  In  the  realm  of  the  fatigue  strength  of  these  structures,  safety  is  ensured  by  a  life  scatter  factor  quite 
variable,  according  to  technical  circumstances,  the  Authority  and  the  Country.  In  France,  a  value  of  5  has  been 
proposed;  it  is  lessened  to  3  for  secondary  structure  and  for  vital  components  the  fail-safe  of  which  has  been 
proved20.  Its  minimum  value  is  2. 

In  helicopter  components,  the  very  large  number  of  load  cycles  to  consider  in  service  put  an  obstacle  to 
laboratory  tests  under  the  low  stresses  corresponding  to  actual  number  of  cycles.  Whereas,  one  should  consider 
service  loads  applied  in  the  number  of  cycles  range  from  10’  to  1010,  fatigue  tests  are  carried  out  with  higher  load 
levels  in  the  range  of  I06  cycles.  Test  results  are  extrapolated  to  a  very  large  number  of  cycles  in  order  to  obtain 
the  so-called  endurance  limit,  .  To  compare  this  fatigue  limit  strength  to  applied  loads,  loads  are  multiplied 
by  a  safety  factor  the  order  of  magnitude  of  which  may  reach  3. 

In  general,  life  scatter  is  fairly  constant  in  ratio  along  the  steeper  sloped  sections  of  S-N  curves  and  is 
rapidly  increasing  toward  the  larger  number  of  cycles.  Gassmann’s  tests21  in  axial  tension-compression  of  smooth 
hour-glass  shaped  specimens  made  from  a  low  alloy  Cr-Ni-Mo  steel  in  which  the  static  strength  was  measured  by 
means  of  tensile  specimens  taken  from  the  fatigue  specimens  in  the  vicinity  of  the  end  fittings,  have  proved  that 
the  main  part  of  the  fatigue  scatter  may  he  ascribed  to  the  scatter  in  tensile  properties,  and  that  the  corrected 
S-N  curve  was  a  straight  line  in  a  diagram  log  S  —  log  N  ,  from  N  =  10  to  N  =  105  .  Then,  for  N  >  10s  , 
the  straight  line  was  lower  than  test  results  indicated.  For  aluminium  alloys  which  have  no  well-defined  endurance 
limit,  it  is  probable  that  the  straight  line  would  pass  through  results  up  to  a  larger  number  of  cycles.  It  might  be 
accepted  that  the  scatter  in  fatigue  strength  is  proportional  to  that  of  the  static  strength,  and  that  it  may  be  better 
evaluated  by  means  of  a  regression  straight  line,  except  in  case  of  initial  damage  by  fretting. 

When  a  fatigue  test  has  been  performed  with  the  loading  foreseen  for  the  production  aircraft  at  the  time  of 
the  prototype  manufacture,  it  frequently  happens  that  the  actual  loading  cf  production  aircraft  and,  a  fortiori,  those 
corresponding  to  later  type  developments,  are  more  severe.  That  implies  a  need  to  carry  out  interpretative  analyses 
by  which  existent  fatigue  life  margins  are  transformed  into  load  margins.  If  life  margin  is  not  available,  a  reinforce¬ 
ment  will  be  substantiated  by  transforming  a  lowering  of  local  design  stresses  into  a  load  margin.  In  order  to  be 
better  placed  for  later  interpretation  of  fatigue  test  results,  and  to  obtain  results  more  early,  it  is  proposed  to 
reduce  the  supplementary  test  duration  corresponding  to  the  scatter  factor  by  increasing  the  general  load  level, 
according  to  this  apparent  reduction  of  the  scatter  factor.  This  first  test  phase  would  permit  substantiation  of  the 
service  operations  of  the  first  aircraft,  and  the  test  would  be  possibly  resumed  to  substantiate  an  actual  increase  in 
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operational  loads.  In  the  initial  phase,  inspections  should  he  more  frequent,  due  to  the  fact  that  crack  occuirence 
should  be  detected  for  smaller  crack  lengths  (divided  by  the  squared  factor  of  load  increase).  In  the  following,  we 
make  an  attempt  to  evaluate  the  test  duration  reduction  which  would  correspond  to  an  increase  of  10%  in  load 
level. 


From  fatigue  tests  performed  in  Australia  on  Mustang  wings13,  it  has  been  proposed  that  the  results  could  be 
considered  to  be  similar  to  those  obtained  by  the  NACA  on  notched  specimens  made  from  2024-T3  aluminium 
alloy  sheet  with  a  notch  factor  of  4.  This  kind  of  comparison  is  questionabh  for  the  following  reasons. 

(a)  The  local  fatigue  behaviour  depends,  not  only  on  the  stress  concentration  fa^or,  but  also  on  the  stress 
gradient  in  the  depth  direction,  particularly  in  the  case  of  high  load;  and  low  fatigue  cycles. 

(b)  In  the  case  of  a  complex  structure,  the  ratio  between  the  higher  stress  and  the  nominal  stress  is  the 
product  of  the  local  stress  concentration  factor  and  of  the  load  concentration  factor,  which  is  the  ratio 
between  the  local  load  and  the  mean  load  in  the  considered  area.  It  stands  to  reason  that  the  stress 
gradient  corresponding  to  the  local  stress  concentration  should  be  associated  to  the  overall  stress  concen¬ 
tration  in  the  prediction  of  the  local  fatigue  behaviour  of  the  structure. 

(c)  In  actual  structures,  fretting  damage  plays  a  mors  important  part  in  decreasing  the  fatigue  life  in  the 
range  of  large  number  of  cycles  and  low  stresses;  it  is  absent  in  tests  oi  notched  specimens. 

Local  shapes  of  S-N  curves  may  be  characterized  by  their  slopes  in  logarithmic  coordinates: 

k _ 3  log  N 

3  log  S 

This  slope  varies  along  the  S-N  curve;  this  is  likely  to  be  due  to  the  scatter  of  the  material  properties  as  it 
was  the  case  in  the  Gassmann’s  tests.  Hence,  in  tests  of  assemblies  using  at  the  veiy  most  two  or  three  specimens 
per  load  level,  the  plotted  S-N  curve  will  be  questionable,  and  its  slope  will  be  still  more  questionable.  For 
example,  Figure  13  shows  fatigue  test  results  from  Mordfin  and  Halsey71,  on  box-btams  made  from  7075-T6 
aluminium  alloy.  From  10}  to  8  x  I04  cycles,  with  R  positive  but  low,  k  shows  the  successive  rough  values 
4.8  —  2.25  and  4.8,  of  mean  value  3,9,  Using  other  test  results  of  the  same  specimms,  a  mean  straight  line  of 
slope  k  —  A5  may  be  plotted,  thus  showing  that  the  erratic  slope  variation  was  die  to  scatter. 

A  short  survey  of  published  results  yields  the  following  values  of  k  . 

1.  Notched  specimens 

In  tests  under  constant  amplitude  of  the  alternating  stress,  the  mean  stress  increases  the  slope  of  the 
log  Sa  —  log  N  curve.  Round  notched  specimens  made  from  A-U2GN  aluminium  alloy  thick  sheet  and  tested  at 
the  “Etablisscment  AAronautique  de  Toulouse”,  yielded: 

K-p  =  1.7,  relative  stress  gradient  g  =  ^  3S/3z  =  — I,  Sm  =■  0.  k  =  4.8  ; 

Kf  =  3.3,  g  =  —5.7mm"1,  Sin  =  0  10.5  2  daN/mm2 

k  =  4.9  3.6  3.1 


inese  vaiues  concern  the  range  from  10*  to  10s  cycles. 

In  the  same  range  of  number  of  cycles,  tests  of  LBF  (Report  1079)  on  flat  notched  specimens  made  from  the 
German  3.1354.5  aluminium  alloy  give: 


K-p  =  3.1  and  g  —  —1mm"1:  Sm  =  0  4.7  9  15.15  daN/mm1 

k  =  3.3  2.8  2.4  2.3. 

With  the  same  specimens  and  the  same  alloy,  test  results  plotted  in  Figure  8  correspond  to:  Sm  =  0  ,  k  =  7.6  : 

Sm  =  8  daN/mm1  ,  k  =  4.8  .  It  is  seen  that  k  is  somewhat  higher  in  case  of  tests  under  a  load  spectrum. 

2.  Riveted  or  bolted  assemblies 

Among  numerous  tests,  we  will  quote  some  of  them  on  small  assemblies  made  from  2024 -T3  aluminium 
alloy  sheet.  From  10*  to  10*  cycles,  test  by  Schutz  (LBF  Report  F  47)  for  countersunk  rivets  yielded: 


k  =  3  for  constant  amplitude  loading,  and 
k  =  5.6  for  programmed  loading  spectrum. 
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In  EAT’s  tests  (Report  8388/MY),  k  =  4  was  obtained  for  countersunk  rivets,  whereas  k  =  7  for  round  head 
rivets. 

In  NLR’s  tests  (TN  M.2I04),  with  round  head  rivets,  k  =  4  for  heat  treated  sheet  with  S0  }  =  19.4  d3N/mm2 
and  k  =  2.1  for  cold-worked  sheet  having  S0  }  =  25  daN/mm2  . 

It  is  obvious  that  the  fretting  plays  a  part  varying  in  the  different  cases,  and  that  this  entails  a  large  range  of 
variation  of  k  ,  Moreover,  a  part  of  the  variation  is  due  to  the  scatter  and  to  the  small  number  of  specimens  tested 
at  each  load  level. 

3.  Structures 

Under  constant  amplitude  loads,  Mustang  wings13  yield  between  10*  and  3  x  10*  cycles'  Fmjn  =  R  =  0  , 
k  =  5  ,  Fm  =  0  ,  R  =  -1  ,  k  =  6  . 

Other  results  are: 

-  NACA  TN  4137,  2024  aluminium  alloy  box-beams:  k  =  3.7  . 

-  NACA  TN  D-547,  quoting  NACA  TN  4132,  C-46  wings  under  constant  amplitude  toads,  between  10*  and 
and  10*  cycles:  k  =  3.95  . 

-  Tests  by  Mordfin  and  Halsey  on  7075-T6  aluminium  alloy  box-beams;  k  =  3.45  as  shown  in  Figure  13. 
Tests  by  Rose.nfeld  (ASTM  STP  338)  yield  k  =  4  . 

In  general,  k  is  quite  variable  but  probably  higher  than  3  for  constant  amplitude  tests,  4  for  programmed 
tests  with  zero  mean  load,  and  5  for  programmed  tests  with  noticeable  mean  load. 

On  condition  that  a  sufficient  numher  of  specimens  are  available  for  each  loading  level,  the  analyzes  of  tests 
on  various  assembly  types  would  permit  a  better  answer  to  be  obtained  to  the  problem.  Conservatively,  we  are 
assuming  that  an  increase  of  1 0%  in  load  level,  in  a  programmed  fatigue  test,  would  correspond  to  a  reduction  of 
33%  in  duration. 


7  TESTS  UNDER  RANDOM  LOADINGS 

The  quite  recent  development  of  fatigue  tests  of  notched  specimens  under  random  loads  is  first  the  consequence 
of  practical  possibilities  afforded  by  the  test  devices  electronically  controlled  using  imput  signals  from  analogue 
devices,  or  from  a  computer,  such  as  those  used  by  Swanson23  and  by  Melcon  and  McCulloch24,1*. 

Secondly,  the  prediction  of  the  dynamical  response  of  aircraft  in  continuous  turbulence  and  to  ground 
irregularities  through  the  power  spectral  density  method  give  results  that  are  expressed  as  a  sum  of  Rayleigh  distri¬ 
butions  weighted  by  the  RMS  of  each  distribution.  Melcon  and  McCulloch  have  investigated  the  fatigue  life  of  flat 
notched  specimens  (Ky  =  4  ,  g  =  —0.8  mm"1  and  Ky  =  7  ,  g  =  —  3. 2  mm"')  made  from  7075 -T6  aluminium 
alloy  under  random  or  programmed  (low-high  loads)  loading  spectra  obtained  by  superimposing  elementary  spectra. 
The  resulting  programme  was  applied  about  10  times.  The  loadings  had  the  same  distribution  in  cumulative 
frequency  oT  occurrence  in  the  two  test  types,  random  or  under  programme.  These  spectra  were  representative  for 
loadings  of  fighter  aircraft.  The  discrepancies  of  results  between  random  or  programmed  loadings  seem  ascribable 
only  to  the  count  method  applied  to  the  random  signal,  which  disregarded  numerous  low  amplitude  variations  of 
the  load  between  two  successive  zero  crossings. 

This  difference  has  heen  avoided  in  tests  by  Jacoby2*,  in  which  random  or  programmed  loads  were  digitally 
defined  by  a  computer  controlling  the  sequence  of  their  application.  Specimens  made  from  2024-T3  aluminium 
alloy  were  of  the  type  with  centre  notch  (Ky  =  3.1  ,  g  =  —1.82  mm"1) .  The  loading  spectra  used  were  based 
on  flight  and  ground  loads  of  a  transport  airplane.  The  considered  sequences  were: 

(a)  Random  sequence  of  maxima  and  minima,  the  only  condition  being  that  a  maximum  follows  a  minimum: 

(b)  Random  sequence  of  alternating  loads  around  mean  loads  in  flight  and  on  the  ground,  with  random 
transition  from  the  flight  condition  to  the  ground  condition; 

(c)  Flight-by-flight  programme  with  high-low-high  sequence  of  flight  loads; 

(d)  Flight-by-flight  programme  with  low-high-low  sequence  of  flight  loads. 

Relative  durations  were: 

Sequences  abed 
LTe  durations  I  0.9  0.8  1.6 . 
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We  believe  that  although  service  loads  are  not  truly  alternating  and  that  they  often  result  from  multi-modal 
response  giving  rise  to  beating,  their  representation  by  alternating  loads  is  likely  to  represent  sufficiently  closely 
actual  behaviour  when  the  lower  resonance  frequencies  of  the  structure  are  fairly  distinct.  When  the  flight 
alternating  load  spectrum  is  known  and  in  the  case  where  the  distribution  of  extreme  values  per  flight  is  unknown, 
the  most  simple  test  mode  consists  of  creating  flight  and  ground  alternating  sequences,  and  to  determine  randomly 
the  times  of  the  ground-air-ground  transition. 

If  the  overall  loading  spectrum  and  the  extreme  value  distribution  by  flight  are  both  known,  it  will  be  possible 
to  use  random  sequences  of  programmed  loads  by  flight,  their  intensities  being  distributed  between  the  flights  as 
extreme  values. 

The  knowledge  of  the  load  spectrum  computed  by  means  of  the  power  spectral  density  method  as  a  super- 
imposition  of  several  Rayleigh  distributions  (case  of  gust  loads)  affords  no  change  in  the  problem  since  it  does  not 
prejudge  on  any  distribution  between  flights  and  the  fatigue  test  on  a  flight-by-flight  basis  is  certainly  fundamental 
both  with  programmed  and  random  loadirgs. 

Another  problem  occurring  mainly  in  fatigue  tests  at  acoustical  frequencies  related  to  vibrations  of  structural 
sheet  panels,  is  that  of  the  possible  definition  of  a  spectrum  of  cumulative  frequency  of  level  crossing  by  the  RMS 
of  a  load  or  a  stress. 

If  the  highest  value  of  the  load  is  fixed,  if  the  spectrum  is  complete,  and  if  its  irregularity  coefficient  H^/H, 
is  known,  the  RMS,  Se  ,  is  a  comparison  term  as  valuable  as  another  (  H0  is  the  number  of  zero  crossings  with 
positive  slope,  while  H(  is  the  number  of  positive  maximums).  However,  Se  ,  often  is  only  known  from  an 
electric  measurement  on  a  random  signal  the  maximum  values  of  which  are  not  known.  Test  results  which  give 
place  to  a  Se-N  curve  are  often  obtained  from  the  generation  of  the  random  loads  by  exciting  the  structure 
vibrations  by  a  white  noise  having  a  power  spectral  density  fairly  constant  between  two  cut-off  frequencies.  It 
seems  difficult  to  use  this  kind  of  result  for  fatigue  life  prediction  of  another  different  element  under  an  excitation 
corresponding  to  a  power  spectrum  having  different  cut-off  frequencies.  From  Clevenson  and  Steiner26,  the 
spectrum  shape  would  have  little  influence  on  the  fatigue  life;  the  used  spectra  were  well  defined,  that  being  not 
the  case  in  practical  problems.  Moreover,  frettirfg  and  ground-air-ground  transition  were  not  represented.  In  the 
case  of  aircraft  primary  structures,  the  ratios  of  the  highest  spectrum  loads  to  the  RMS  loads  vary  with  the  general 
shape  of  spectra,  therefore  vary  with  the  aircraft  type,  transport  or  fighter. 

Finally,  it  must  be  noted  that  two  types  of  root  mean  squares  of  a  random  load  are  to  be  considered,  namely; 

(a)  the  time  root  mean  square,  a  ,  which  depends  on  the  frequency  distribution  of  oscillating  loads  and  that 
occurs  in  computations  by  the  method  of  the  power  spectrum,  anc 

(b)  the  root  mean  square,  Se  ,  of  peak  loads. 

The  relation  S|  =  2o3  is  only  valid  when  only  one  gaussian  process  exists. 


8.  CONCLUSION  ON  DESIGNER’S  NEEDS  RELATIVE  TO  FATIGUE  TEST  RESULTS 

In  the  matter  of  fatigue  life  prediction,  the  designer  generally  lacks  reliable  data  to  supplement  the  laboratory 
test  results  on  simple  notched  specimens  -  few  test  results  may  be  available  on  simp!.-  1  cted  or  bolted  assemblies 
under  constant  ampJrtude  load  or,  more  rarely,  under  progianuucu  loading.  The  best  possibility  ot  prediction  still 
consists  of  using  comparative  damage  computations  using  standard  fatigue  data  of  notched  specimens  to  analyze 
a  fatigue  test  result  on  a  structure  in  order  to  predict  the  fatigue  life  of  another  structure  or  3ome  particular  design 
conception  and  some  manufacturing  process.  The  final  result  depends  on  the  choice  of  representative  structural 
element  to  be  used  in  prediction  and  on  the  designer  judgment,  which  is  unfortunate  in  case  of  bad  prediction. 

Th's  state  of  affairs  may  be  permanent.  Any  attempt  to  progress  should  be  international  with  regard  to  the  impor¬ 
tance  of  test  facilities  and  general  means  of  use. 

A  practical  effort  to  standardize  fatigue  tests  of  components,  assemblies  and  structures  has  been  made  by 
Gassner  and  his  collaborators,  Their  standardized  spectrum  is  well  suitable  to  represent  flight  loads  of  fighter  air¬ 
craft  and  general  ground  loads,  its  use  to  represent  flight  loads  of  transport  aircraft  is  less  convenient.  In  this  latter 
case,  the  exponential  relation 

H  = 

seems  better  suited.  Hence,  it  would  be  possible  to  perform  fatigue  development  tests  hy  using  only  two  distribu¬ 
tion  typer,  namely; 

-  Gaussian  or  Rayleigh, 

-  Exponential. 


With  each  of  these  distributions,  it  would  be  useful  to  carry  out  fatigue  tests  in  order  to  know  the  influence 
of  the  groundair-ground  transition  for  each  type  of  technological  detail.  As  first  proposed  by  Gassner,  each 
distribution  would  be  defined  by  the  value,  5a  ,  of  the  highest  load  of  the  spectrum,  the  value,  Sm  of  the  mean 
load,  and  the  spectrum  size,  i.e. ,  the  total  number  of  mean  level  crossings.  The  convenient  sizes  would  be  106  for 
applications  to  transport  aircraft,  and  I04  for  fighter  aircraft. 

The  Gaussian-logarithmic  distribution  is  badly  suited  to  adjustment  with  actual  soectra  and  would  be  considered 
only  if  there  were  reliable  data  to  demonstrate  that  the  same  distribution  would  be  usable  for  a  large  class  of  air¬ 
craft.  Taking  account  of  the  possible  application  of  the  Rayleigh  distribution  to  certain  problems  of  acoustic 
fatigue,  it  would  he  judicious  to  consider  this  distribution  as  a  substitute  of  the  Gaussian  distribution.  In  this  case, 
the  RMS  value  would  be  defined  by  the  distribution  instead  of  defining  the  distribution  by  the  measured  RMS  of 
an  electrical  signal 

Acoustic  fatigue  tests  are  excluded  from  the  present  short  survey,  however,  if  fatigue  tests  at  high  frequency 
concern  specimens  of  stiffness  such  that  the  stress  distribution  depends  on  the  frequency,  it  would  be  useful  to 
standardize  these  tests  by  defining  the  highest  load  and  the  shape  of  the  level  crossing  spectrum. 

In  returning  to  the  designer’s  needs,  it  may  be  stated  that  before  systematic  fatigue  test  results  of  assemblies 
under  standardized  loading  spectra  become  available,  a  useful  fatigue  quality  classification  of  assemblies  and 
structures  could  be  carried  out  along  the  line  of  approach  used  by  Crichlow  and  his  collaborators,  or  by  iarfall. 

In  the  present  survey,  the  general  framework  of  the  problem  is  outlined  and  tentative  suggestions  are  put 
forward  for  discussion,  rejection  or  to  be  followed-up. 
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TABLE  H  -  OAMAGE  COMPUTATIONS  FOR  THE  CARAVELl.E 
WING  UNOER  GUST  L3A0S. 
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TABLE  HI  -  DISTRIBUTIONS  DF  OCCURRENCE 
OF  LEVEL  CROSSINGS. 
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Fig.  1  -  Evaluation  of  fatigue  test  loads. 


cr 

1 


m :  Z* 


°i 


(f)LDADS  APPLIED  DURING 
A  TYPE  TEST  CYCLE 


1-17 


ALTERNATING  RELATIVE  LOAD  FACTOR 

STRESS 


(An,  -  An.) 


CARAVEI  LE 
SPECTRUM 


NUMBER  OF  LEVEL  CROSSINGS 
GAUSSIAN  COMPONENTS  OF  THE  CARAVELLE  SPECTRUM 


NUMBER  OF  LEVEL  CROSSINGS 

FIG.  6  -  STRAIGHT  LINE  COMPONENT  OF  THE  CARAVELLE  SPECTRUM. 


1  djN/mrrf  s  1450  Ib/ln1 


LBF  TESTS 

NOTCHED  SPECIMENS  .K.S 3.1 
3.1354.5  GERMAN  ALU.  ALLOT 
NORMAL  GAUSSIAN  SPECTRUM 
DISTRIBUTION 


TOTAL  NUMBER  OF  CYCLES  TO  FAILURE  Np 


FlG.  8  -  LBF  S,-N  CURVE  OF  3.1-Kt  NOTCHED  SPECIMENS  UNDER 
GAUSSIAN  LOAO  DISTRIBUTION 


ACCELERATIONS 


1*20 


MEASURED  FLIGHT  LOAD  {1000  FLIGHTS) 
iON  MIRAGE  III  RS  : 


ADJUSTED  DISTRIBUTIONS 
—  GAUSSIAN  105 
---RAYLEIGH  h„:5«104 


NUMBER  OF  LEVEL  CROSSINGS  H 


DISTRIBUTION  SIZE  =  10 


FIG  9  -  FLIGHT  LOAOS  ON  A  FIGHTER  AIRCRAFT 


RAYLEiGH 


GAUSSIAN 


LOGA.RIT  HMlC- GAUSSIAN/ 
SEM| -LOGARITHMIC 


FIG.  10  -  DISTRIBUTION  SHAPES 


TENSION 


TENSION 


FLIGHT  LOADS 
GROUND  LOAOS, 


compression 


COMPRESSION 
WING  UT'PER  SKIN 


WING  LOWER  SKIN 


FIG.  11  -  SERVICE  STRESSING  OF  WING  UPPER  ANO  LOWER  SKINS. 


i-:i 


MAXIMUM  LOAD 


FI  G.  13  -  FATIGUE  TEST  RESULTS  OF  7075  -T6  ALUMINIUM  ALLOY  BEAMS, 
FROM  MOROFtN  ANO  HALSEY22 


SOME  EFFECTS  OF  CHANCE  IN  SPECTRUM  SEVERITY  AND  SPECTRUM 
SHAPE  ON  FATIGUE  BEHAVIOUR  UNDER  RANDOM  LOADING 


by 

W.  T.  Kirkby 

Structures  Department,  Royal  Aircraft  Establishment, 
Farnborough,  Hants.,  England 


SUMMARY 

In  thia  paper  consideration  is  given  to  the  problem  of  re-assessing  the  fatigue  life  of  an  aircraft 
structure  when  it  is  found  that  the  spectrum  of  loads  experienced  in  service  differs  from  the  load  spectrum 
applied  in  test.  Results  obtained  during  fatigue  tests  on  structural  elements  under  random  losd  spectra 
are  used  to  illustrate  some  of  the  important  considerations  involved.  It  is  shown  that  the  use  of  an 
improved  method  of  life  prediction,  now  issued  in  Data  Sheet  form,  will  generally  lead  to  improved  accuracy 
in  following  the  procedure  for  re-assessing  life. 

In  the  concluding  sections  of  the  paper  attention  is  turned  to  the  corresponding  problems  of 
re-assessing  crack  growth  rates  in  fail-safe  structures,  when  service  experience  differs  from  test 
conditions.  The  need  for  further  work  on  this  problem  is  emphasised. 


I  INTRODUCTION 

The  problems  of  the  planning  and  interpretation  of  fatigue  tests  to  give  accurate  prediction  of  life 
in  service  are  manifold  and  work  directed  to  the  associated  problems  has  been  in  progress  in  several 
countries,  including  the  United  Kingdom,  for  more  than  two  decades.  Each  country  concerned  has  developed 
its  own  fields  of  expertise  and  has  made  particular  contributions  on  one,  or  mere,  of  the  many  problems 
that  arise  -  it  is  only  by  the  sharing  of  the  knowledge  obtained  that  significant  overall  progress  towards 
adequate  understanding  has  been  made.  The  ooject  of  this  paper  is  to  summarize  some  of  the  more  important 
findings  from  cumulative  fatigue  damage  studies  made  in  the  UK  in  recent  years,  with,  emphasis  on  aspects 
of  the  work  which  are  relevant  to  the  interpretation  of  full  scale  fatigue  tests  on  component  parts  and 
complete  airframe  structures.  The  paper  is  offered  as  a  contribution  to  general  discussion  of  the  subject 
and  no  attempt  is  made  to  sunmarize  the  overall  state-of-the-art, 

A  considerable  proportion  of  the  fatigue  research  conducted  in  the  UK  in  the  aircraft  field  has  been 
aimed  broadly  st  obtaining  a  better  understanding  of  the  way  in  which  fatigue  damage  develops  and  grows  in 
aircraft  structures  and  is  influenced  by  various  aspects  of  the  environment.  More  specifically,  the 
objectives  of  the  work  have  been  twofold  -  firstly  to  provide  a  basis  for  the  development  of  better  methods 
of  full  scale  fatigue  testing  and  secondly  to  help  with  the  development  of  improved  methods  of  fatigue  life 
prediction.  Much  of  the  above  work  has  been  conducted  on  specimens,  referred  to  as  'structural  elements' 
which  represent  in  a  simplified  way  the  essential  features  of  structural  joints  in  aircraft.  Such  elements 
are  chosen  for  study  because  fatigue  damage  in  aircraft  structures  generally  originates  in  joints  -  the 
elements  may  therefore  be  used  to  establish  basic  principles  of  behaviour  though  it  is  recognised  that 
care  must  be  taken  in  'reading  across1  the  knowledge  gained  to  anticipate  behaviour  in  relatively  complex 
full  scale  structures.  Three  types  of  structural  element  have  generally  been  used  -  notched  specimens,  to 
represent  stress  concentration  effects  in  isolation,  and  pinned-lug  and  clamped-lug  specimens  which  include 
fretting  as  well  as  stress  concentration  effects, 

The  influence  of  several  parameters,  such  ns  loading  waveform,  load  spectrum  shape,  load  spectrum 
severity  and  exposure  to  heat,  on  the  development  and  growth  of  fatigue  damage  has  been  studied  using 
structural  elements,  and  much  has  been  learned. 

This  paper  is  written  against  the  background  of  one  particular,  and  important,  problem  which  commonly 
arises  in  the  interpretation  of  fatigue  tests  on  aircraft  structures  -  the  problem  of  re-assessing  life 
when  it  is  found  that  the  spectrum  of  loads  experienced  in  service  differs  from  the  loading  spectrum 
applied  in  test.  In  the  sections  which  follonthe  procedure  which  has  been  in  use  in  the  UK  for  several 
years  to  meet  this  proolem  is  outlined  and  it  is  shown  how  the  results  of  the  work  on  structural  elements 
under  random  load  spectra  have  contributed  to  recent  improvements  in  the  accuracy  of  the  procedure.  The 
greater  part  of  the  paper  is  concerned  with  re-assessment  of  overall  fatigue  life  to  failure  and  as  such 
is  particularly  relevant  to  safe-life  structures.  However,  towards  the  end  of  the  paper  some  evidence  is 
presented  of  behaviour  during  nucleatirn  and  propagation  of  cracks  under  variable  amplitude  loading.  The 
evidence  presented  on  ersek  propagation,  when  considered  together  with  the  much  larger  body  of  evidence 
from  research  centres  outside  the  UK,  may  contribute  to  the  solution  of  the  particular  problem  of 
rc-assessing  crack  growth  rate  in  fail-safe  aircraft  under  revised  loading  spectra. 

i  BACKGROUND 

Fatigue  tests  form  an  essential  part  of  the  procedure  generally  adopted  in  the  UK  to  establish  the 
airworthiness  of  an  aircraft.  The  general  approach  that  ia  adopted  in  design,  testing  and  operation  of 
military  aircraft  in  order  to  meet  the  fatigue  requirements  is  described  in  Ref.l.  Though  civil  require¬ 
ments  may  differ  in  emphasis  and  detail,  the  bssir  principles  are  much  the  same.  In  oruar  to  provide  a 
setting  for  the  presentation  of  the  results  of  cumulative  fatigue  damage  studies  which  are  given  helow  it 
is  necessary  to  outline,  in  simple  terms,  some  aspects  of  the  overall  approach  adopted. 

When  designing  an  aircraft  the  designer  must  estimate  the  spectrum  of  loads  to  which  the  aircraft 
will  be  subjected  in  its  service  lifetime,  from  the  detailed  specification  of  intended  usage  of  the 
aircraft.  For  many  types  of  aircraft  the  ground-air-ground  cycle  is  the  most  important  fatigue  loading 


action  though  there  may  be  significant  additional  contributions  to  the  overall  loading  experience  from 
cabin  pressurisation  loads,  gust  loads,  manoeuvre  loads  and  1 anding/taxying  loads  -  for  certain  types  of 
military  aircraft  the  manoeuvre  loads  dominate  the  spectrum.  The  load  spectrum  so  derived  will  then  be 
translated  into  stress  spectra  for  a  number  of  components  in  the  aircraft  structure  which  are  considered 
likely  to  be  the  most  critical  from  fatigue  considerations.  An  initial  prediction  will  then  be  made  of 
the  fatigue  performance  of  the  components  concerned  using  Miner’s  rule  together  with  S-N  curves  appropriate 
to  the  type  of  component  and  material  considered.  Redesign  may  follow  if  the  estimated  fatigue  life  is 
inadequate  or,  indeed,  if  the  component  is  evidently  over-designtd.  In  marginal  cases  fatigue  tests  may 
be  made  on  the  components  concerned  under  the  estimated  load  spectrum.  At  a  somewhat  later  stage  of 
development  of  the  aircraft  a  full  scale  fatigue  test  will  be  carried  out  on  the  complete  structure,  or 
on  major  components  (complete  wing,  fuselage,  empennage  etc.).  The  test  loads  will  generally  be  applied 
on  a  flight-by-flight  basis  with  manoeuvre  and/oi  gust  loads  applied  in  random  order  within  ground-air- 
ground  cycles  and  will  include  pressurisation  cytles  where  appropriate. 

Any  failures  of  components  within  the  structure  that  have  occurred  under  the  known  load  spectrum 
applied  in  cest  are  then  related,  in  terms  of  fatigue  endurance,  to  the  performance  predicted  in  the 
design  phase.  For  each  component,  where  failure  has  occurred,  the  S-N  curve  used  in  the  design  phase  is 
adjusted  by  factoring  the  stress  scale  until  the  revised  life  estimation  agrees  with  the  life  achieved  in 
test.  It  should  be  noted  here  that  the  error  in  he  original  life  calculation  for  a  particular  component 
may  be  due  in  part  to  error  in  predicting  the  loa.i  distribution  throughout  the  airframe  under  the  applied 
load  spectrum  and  it  may  also  be  due  in  part  to  e,ror  in  the  cumulative  damage  hypothesis  used  in 
estimating  life. 

The  concept  of  adjusting  the  S-N  curve  is  important  as  it  is  this  adjusted  S-N  curve  which  is  used 
in  revising  the  fatigue  life  estimates  for  aircraft  of  the  type  concerned,  when  information  becomes 
available  on  the  load  spectra  actually  experienced  in  service.  Differences  between  the  spectrum  assumed 
in  design  and  testing  from  the  spectra  actually  experienced  by  individual  aircraft  in  service  may  he 
associated  with  statistical  variation  in  load  history  between  aircraft  of  the  same  type  flying  in 
nominally  similar  conditions  -  more  gross  variations  may  stem  from  radical  changes  in  the  operational 
role  assigned  to  such  aircraft.  In  either  event,  as  discussed  further  below,  the  accuracy  of  the 
procedure  for  monitoring  life  consumption  will  be  improved  if  the  fundamental  accuracy  of  the  cumulative 
damage  hypothesis  used  is  increased. 

The  foregoing  observations  are  drawn  from  the  procedures  applicable  to  safv  life  aircraft  which  may 
fail  without  prior  warning.  Much  the  same  procedure-:  apply  to  the  clearance  of  fail-safe  structure,  but, 
from  the  airworthiness  standpoint,  there  is  particular  emphasis  on  ensuring  'nat  any  fatigue  cracks  that 
occur  will  not  grow  Co  catastrophic  proportions  before  detection  and  subsequent  remedial  action.  From 
considerations  of  economical  operation  of  the  aircrait  it  is,  of  course,  desirable  that  the  aircraft  shall 
have  a  reasonably  long  crack  free  life.  Thus  for  fail-safe  structures  it  is  necessary  to  understand,  or 
"o  make  allowances  for,  the  extent  to  which  the  nucli.tion  period  and  subsequent  crack  growth  rates  will 
b’  affected  by  deviations  of  the  load  spectrum  actual  y  experienced  in  service  from  the  estimated  for 
design  and  applied  in  the  full  scale  test. 

There  are,  of  course,  other  important  aspects  o.  the  overall  clearance  procedure,  such  as  load 
monitoring  in  service,  and  residual  strength  requirem.  -its,  which  lie  outside  the  scope  of  this  paper  and 
have  lot  been  discussed.  However,  sufficient  has  beet  said  to  demonstrate  the  important  part  that  the 
method  of  life  prediction  plays  in  re-assessing  life,  nd  the  need  for  further  understanding  of  the  way 
in  which  initiation  and  growth  of  fatigue  cracks  may  h  affected  by  changes  in  the  loading  environment. 

In  the  sections  which  follow  an  outline  is  given  of  th  •  insights  which  have  been  gained  and  the  progress 
that  has  been  made  in  the  above  fields  in  the  course  c.  cumulative  fatigue  damage  studies  in  the  UK. 

3  EFFECTS  OF  LOAD  INTERACTIONS  ON  FATIGUE  LIFE  TO  -..1LURE 

The  importance  of  interaction  effects  when  load  c  cles  of  differing  magnitudes  are  applied  to  a 
specimen  undergoing  fatigue  tests  have  been  recognized  .or  many  years.  Experience  in  tests  using 
preloading,  block  programme  loading  and  more  realistic  •  .rms  of  loading  such  as  flight-by-flight  loading 
have  provided  much  qualitative  evidence  of  behaviour.  ':iny  of  the  associated  studies  in  the  UK  in  recent 
years  have  been  conducted  on  pin-lug  and  simple  bolted  nint  specimens  under  random  loading.  In  this  work 
evidence  has  been  obtained  of  the  effects  on  cumulative  damage  of  changes  both  in  load  spectrum  severity 
and  in  shape  of  spectrum  -  this  evidence  is  used,  in  the  paragraphs  which  follow,  to  highlight  some 
aspects  of  bphaviour  which  are  relevant  to  the  problems  >f  relating  test  conditions  to  service  experience. 

3.1  Outline  of  results  to  be  considered 

The  results  which  form  the  basis  of  discussion  in  ihis  section  ware  obtained  in  the  course  of  an 
investigation^  of  a  method  of  lire  prediction  using  data  obtained  under  random  loading  conditions.  Lug 
specimens  in  aluminium  alloy  (Fig.t)  loaded  through  steel  pins  were  used.  The  tests  were  conducted  in 
fluctuating  tension  both  under  constant  amplitude  loading  and  under  random  loading.  In  the  latter  tests, 
nurrow  band  random  loading  wss  used  firstly  to  apply  a  simple  Rayleigh  distribution  -  Fig. 2a  shows  a 
typical  loading  waveform  and  Fig. 2b  shows  the  probability  <i  stribution  nf  peak  amplitudes.  These  tests 
were  conducted  over  a  range  of  average  (rms)  levels  and  ver  followed  by  ’random  programmed 1  tests  in 
which  a  gust  spectrum  was  synthesised  by  the  repetitive  application  of  three  different  rms  levels  of  the 
Rayleigh  distribution  to  give  the  required  overall  peak  distribution  (analogous  to  block  programme  loading). 
The  gust  spectrum  chosen  was  taken  from  RAeS/ESDU  Data  Sheeis3.  Tests  under  this  latter  Spectrum  were 
run  at  three  overall  average  spectrum  levels,  designated  A,  3  and  C  in  the  table  below. 
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Table  I 


Step 

X  of  total  number  of 

Spectrum  A 

Spectrum  E 

Spectrum  C 

No. 

peak  counts 

Alternating  stress  level 

ksi  (rms) 

1 

77 

0.98 

1.38 

1.66 

2 

21 

1.76 

2.50 

3.00 

3 

2 

2.90 

4.05 

4.90 

Overall  average  spectrum 

l  .25 

1 . 76 

2. 13 

level 

ksi  (rms) 

In  all  the  above  tests  a  minimum  of  four  tests  were  conducted  at  each  loading  condition  -  the  results  are 
illustrated  in  Figs. 3s  snd  3b.  For  convenience  in  subsequent  discussion  the  results  of  the  tests  under 
random  loading  may  be  summarised  as  follows:- 


Table  2 


Spectrum  shape 

Spectrum  level 
ksi  (rms) 

Endurance  ^ 

log  mean  -  cycles  10 

1.37 

2.68 

Rayleigh 

2.57 

0.713 

distribution 

3.75 

0.308 

4.9 

0213 

1.25  U) 

5.54 

RAeS 

1.76  (B) 

4.40 

Gust  spectrum 

2.13  <C) 

3.12 

1.68  (B+) 

1.85 

The  spectrum  B  listed  shove  differed  from  B  in  that  the  Rayleigh  distribution  of  Step  3  was  omitted  - 
this  was  the  highest  rms  level  in  the  synthesis  but  it  only  accounted  for  2i  of  the  totsl  number  of  peak 
counts  in  the  overall  spectrum. 

It  is  of  interest  in  relation  to  the  problems  of  interpretation  of  lsboratory  tests  in  terms  r e 
service  experience  to  examine  the  above  results  in  the  context  of  the  general  procedure  currently  followed 
for  full  scale  structures  and  components  as  outlined  in  section  2  above.  For  example  the  result  of  a 
particular  test  under  spectrum  loading  could  be  considered  to  represent  the  only  available  result  from, 
ssy,  a  full  scale  te9t.  This  result,  together  with  the  basic  S-N  curve  (Fig. 3a),  could  then  be  used  to 
establish  an  adjusted  S-N  curve  and,  on  the  basis  of  this  letter  curve,  life  under  one,  or  more,  of  the 
other  test  spectra  could  be  re-estimated.  Comparison  of  the  re-e9timated  life  with  the  lives  actually 
achieved  under  the  spectra  concerned  would  give  some  indication  of  the  magnitude  of  the  errors  which  may 
be  involved  in  following  the  procedure.  It  should  be  remembered  that  such  a  simplified  examination  only 
explores  the  sources  of  error  associated  with  inaccuracy  of  tne  cumulative  damage  rule  employed  -  as 
discussed  in  section  2  another  potential  source  of  error,  when  dealing  with  full  scale  structures,  is 
associated  with  incorrect  assumptions  regarding  rhe  load  distribution  on  individual  component  parts  of 
the  structure.  This  latter  aspect  is  not  considered  in  this  paper. 

In  the  following  paragraphs  an  examination  is  carried  out  firstly  to  consider  errors  arising  when 
the  rms  level,  rather  than  the  shape  of  the  spectrum,  is  changed  snd,  secondly,  when  the  shape  of  the 
spectrum  is  changed  with  little  change  in  level. 


section  2  ia  to  observe  the  ratio  between  the  life  achieved  in  the  test  under  spectrum  loading  and  the  life 
predicted  from  the  origins!  S-N  curve.  The  original  S-N  curve  is  then  repositioned  by  scaling  the  stress 
axis  so  that  the  ratio  becomes  equal  to  unity.  In  the  analysis  of  the  pinned-lug  test  results  this  ratio 
may  simply  be  referred  to  as  the  value  of  E(n/N),  since  there  is  no  uncertainty  regarding  the  magnitude 
of  the  fatigue  losds  applied.  In  considering  the  results  it  would  be  informative  to  note  the  values  of 
I(n/N)  under  the  various  loading  conditiona,  as  deduced  from  the  original  S/N  curve  (Fig. 3a):- 


Table  3 


Spectrum  shape 

Spectrum  level 
ksi  (rms) 

1 

1.37 

1.12 

Rayleigh 

2.57 

■ 

distribution 

3.75 

4.9 

2.38 

1  .25  A 

2.39 

RAeS  gust 

1.76  B 

5.03 

Spectrum 

2.13  C 

5.51 

Modified  RAeS  gust 

1 .68  8+ 

1.71 
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3.2  Effect  of  change  of  spectrum  level 

Considering  first  the  effects  of  changing  spectrum  level,  it  is  apparent  from  Table  3  above  that 
broadly  speaking  the  higher  the  rms  level  the  greater  the  value  of  E(n/N).  Fig. 4  illustrates  this  trend  - 
it  is  clearly  evident  for  the  Rayleigh  distribution  and  it  is  even  more  marked  for  the  guBt  spectrum.  Thus 
when  applying  the  procedure  of  section  2  to  these  particular  results  in  order  to  give  some  indication  of 
the  validity  of  the  procedure,  the  following  pattern  of  error  was  found  to  apply  to  the  results  of  the 
re-assessment  of  life  If  the  level  of  the  loads  experienced  'in  service'  was  less  than  that  anticipated 
and  applied  in  test,  then  the  revised  prediction  of  life  was  optimistic  (unsafe).  This  is  because  there 
is  an  implicit  assumption  in  the  procedure  that  the  vslue  of  £(n/N)  does  not  change  with  spectrum  level 
and  thus  having  been  brought  to  unity  at  the  (higher)  spectrum  level  in  test,  by  adjusting  the  S-U  curve, 
it  will  also  be  equal  to  unity  at  the  lower  level  experienced  'in  service'.  In  fact  I(n/N)  was  lower. 

If,  conversely,  the  loads  experienced  ’in  service'  were  of  greater  overall  severity  than  those  applied  in 
test,  then  the  inverse  was  true,  i.e.  the  life  achieved  'in  service'  was  longer  than  the  prediction  ba6ed 
on  the  adjusted  S/N  curve  had  suggested. 


Specific  exsmpleB  may  be  taken  to  illustrate  the  above  trends.  The  first  examples  are  taken  from  the 
results  of  the  tests  under  the  Rayleigh  spectrum;  let  it  be  supposed  that  the  log  mean  life  of  0.308  a  101’ 
cycles  obtained  at  a  Bpectrura  level  of  3.75  ksi  rms  (Table  2,  page  2-3)  represents  the  single  full  scale 
test  result.  If  subsequent  service  experience  were  to  show  that  the  spectrum  level  was  2.57  ksi  rms  -  some 
301  lower  than  anticipated  -  with  no  change  in  spectrum  shape,  then  applying  the  procedure  to  adjust  the 
original  S/N  curve  and  re-assess  life  would  result  in  an  estimate  of  life  of  0.77  x  10^  cycles  compared 
with  the  life  of  0.71  x  I0&  cycles  actually  achieved.  Thus,  the  life  achieved  'in  service'  would  be 
approximately  902  of  that  predicted.  If  the  level  measured  in  service  were  to  he  1.77  ksi  rms  -  approx¬ 
imately  652  lower  than  anticipated  -  the  error  would  be  much  more  serious:  the  predicted  life  would  be 
5.28  x  10^  cycles  compared  with  an  achieved  life  of  2,68  x  10^  cycles,  so  that  service  life  would  only  be 
some  502  of  that  expected.  On  the  other  hand,  if  the  service  experience  indicated  more  severe  loading  - 
4.9  ksi  rms  compared  with  the  test  loading  of  3.75  ksi  rms  -  then  the  revised  life  estimate  would  be 
conservative  (safe),  since  the  life  achieved  would  be  approximately  102  greater  than  anticipated. 


A  similar  trend  may  be  demonstrated  from  the  results  of  the  tests  under  the  gust  load  spectrum. 
However,  with  this  form  of  load  spectrum  the  errors  in  life  re-assessment  may  be  considerably  greater  for 
a  given  percentage  different  between  the  severities  of  the  'full  scale  test'  and  'service'  spectra  than 
was  the  case  with  the  Rayleigh  distribution.  For  example,  if  the  test  result  under  the  gust  spectrum  at 
1.76  ksi  rms  (Table  2,  page  2-3)  is  taken  as  the  single  full  scale  test  result,  it  may  he  shown  that  this 
life  achieved  in  service  will  be  somewhat  less  than  502  of  that  predicted  on  the  basis  of  a  service 
spectrum  some  302  lower  in  severity  than  assumed  for  the  full  scale  test  loading.  Conversely,  if  the 
spectrum  in  service  were  to  be  approximately  102  higher  than  anticipated  for  full  scale  test  purposes  then 
the  life  in  service  would  be  about  102  greater  than  the  service  life  prediction  would  suggest. 

The  above  examples  have  served  to  illustrate  the  magnitude  of  the  errors  that  may  arise  in 
re-assessing  life  in  service  when  it  is  found  that  the  spectrum  of  loads  in  service  differs  in  overall 
seve.ity  but  not  in  shape,  from  the  spectrum  of  loads  applied  in  the  full  scale  test.  In  the  section 
which  follows  attention  iB  turned  to  errors  that  may  srise  in  re-assessing  life  when  the  shape  of  the 
spectrum  of  loads  experienced  in  service,  rather  than  the  overall  severity  of  load  spectrum,  differs  from 
that  applied  in  test. 


3.3  Effect  of  change  of  spectrum  shape 

Considering  now  the  effect  of  change  of  spectrum  shape  on  fatigue  endu-ance  at  s  given  overall  level, 
it  is  inmediately  evident  from  Fig. 3b  that  large  changes  in  endurances  can  occur  at  the  same  spectrum  level. 
Generally,  ever  the  range  of  levels  considered  the  endurance  under  the  gust  spectrum  is  some  2  to  3  times 
greater  than  the  endurance  under  the  Rayleigh  distribution,  for  the  same  rms  stress  level,  the  higher 
rstios  being  associated  with  the  higher  spectrum  levels. 

It  is  evident  from  the  above  evidence  that  spectrum  level  alone  is  an  inadequate  guide  to  endurance 
“hen  T..ain-  across  from  cue  spectrum  to  another  of  appieciaoiy  different  shape.  Further  examination  ot 
the  results  shows  that  even  a  comparatively  small  change  in  spectrum  shape  can  produce  a  dramatic  effect 
on  endurance  at  the  same  average  level.  For  example,  from  Fig. 3b,  it  may  be  seen  that  at  an  nns  level  of 
1.68  ksi  that  the  endurance  under  spectrum  B  was  reduced  by  s  factor  of  approximately  2.5  in  changing  to 
spectrum  B*.  It  will  be  recollected  that  the  difference  in  spectrum  shape  wss  small  -  some  22  of  the 
total  number  of  peak  counts,  associated  with  the  highest  step  in  the  programme  B  being  omitted.  Since  the 
life  was  reduced  by  deletion  of  the  highest  peaks  it  is  evident  that  these  high  peaks  were,  in  fact, 
beneficial.  Use  of  the  procedure  of  section  2  to  re-assess  life  with  the  modified  spectrum  would  in  fact 
have  indicated  approximately  52  increase  of  life  in  contrast  with  the  severe  reduction  which  occurred. 


3.4  Further  invest iga>-:ons 


The  results  discussed  above  refer  to  the  behaviour  of  pin-lug  elements  under  fluctuating  tensile 
loading*  and  it  would  be  unwise  to  generalise  too  widely  from  these  particular  results.  It  should  be 
borne  in  mind  that,  when  considering  other  forms  of  vstiable  amplitude  loading  (.such  s  flight-by-flight 
loading)  in  which  values  of  Kn/N)  closer  to  unity  may  occur,  the  magnitude  of  the  errors  in  life 
re-assessment  would  not  necessarily  be  so  great.  However,  the  results  have  served  to  illustrate  some  of 
the  problems  inherent  in  re-assessing  life  and,  in  particular,  they  have  highlighted  the  naed  for  s  more 
accurate  cumulative  damage  rule. 

2 

Following  the  investigation  from  which  the  above  test  data  were  taxeri,  a  large  body  of  evidence  has 
been  obtained  from  subsequent  work  under  variable  amplitude  loading,  Cumulative  damage  studies  have  been 
made  on  several  other  forms  of  structural  elements  such  as  notched  specimens*,  clamped  lug  (simple  bolted 
joint)  sp'tcimens^  and  more  complex  Doited  joints^.  The  studies  have  included  observations  of  the  effects 
on  cumulative  damage  behaviour  of  prelosd,  mean  stress?  and  exposure  to  heat*.  Th  results  of  all  this 
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work  taken  together  with  information  from  many  other  sources,  have  helped  to  build  up  a  background  of 
evidence  within  which  improved  methods  of  life  prediction  have  been  developed  and  assessed. 

In  the  cuurae  of  the  foregoing  studies  an  assessment^  has  been  made  of  the  relative  importance  of 
several  factors  which  may  affect  the  accuracy  of  fatigue  life  prediction  under  variable  amplitude  load 
spectra.  In  this  assessment  consideration  has  been  given  to  the  variation  of  relative  damage  rate  with 
stress  level,  effect  of  low  level  stress  cyciea,  effect  on  life  of  the  load  at  which  a  component  fails, 
effects  of  fretting,  and  the  effects  of  residual  stresses  associated  with  plastic  deformation  at  stress 
concentrations.  Of  the  factor  considered,  it  was  shown  that  residual  stresses  at  stress  concentrations 
could  have  a  large  influence  on  the  rate  of  growth  of  fatigue  damage  -  consideration  of  the  effects  of  such 
stresses  could  explain,  in  many  cases,  large  departures  of  E(n/N)  from  unity  when  applying  Miner's  rule. 

In  the  light  of  this  assessment,  work  followed  to  obtain  a  better  quantitative  understanding  of  the 
magnitude  of  the  residual  stresses  under  various  loading  conditions,  using  the  'companion  specimen' 

technique®.  Such  studies  have  been  made  on  structural  elements  containing  a  circular  notch’  and,  very 

recently,  on  loaded  holes  in  pin-lug  specimens.  This  work  was  aimed  at  providing  further  information  to  be 
used,  together  with  evidence  from  similar  atudies  in  Germany*^  and  the  USA®,  in  the  evolution  of  an  improved 
method  of  life  prediction  in  which  some  allowance  would  be  made  for  residual  stress  effects.  Such  a  method 
has  now  been  developed  and  issued11  in  Data  Sheet  format  by  the  Engineering  Sciences  Oata  Unit  of  the  Royal 
Aeronautical  Society.  It  is  believed  that  the  use  of  this  improved  method  of  life  prediction  will  signif¬ 
icantly  reduce  the  errors  of  the  nature  discussed  above,  when  re-assessing  life  under  a  change  spectrum  of 

loads.  Some  evidence  to  support  this  view  follows  in  the  next  section. 

3.5  The  RAeS/ESDU  method  of  life  prediction 

In  applying  the  method  of  the  ESOU  Oata  Sheet,  the  cumulative  damage  principle  of  Miner's  rule  is 
broadly  followed  but  allowance  is  made  for  residual  stress  effects  which  modify  the  local  mean  stress  when 
local  yielding  occurs  at  the  stress  concentration.  In  following  this  procedure,  use  is  made  of  a  simple 
model  of  the  stress  strain  curve  for  the  material  concerned.  It  is  necessary  to  consider  not  only  changes 
in  local  mean  stress  under  the  variable  amplitude  spectrum  loading  but  also  to  consider  deviations  from  the 
nominal  local  mean  stress  under  the  constant  amplitude  loading  of  the  basic  S-N  data. 

Table  4  -  Comparison  of  life  prediction  using  Miner's  rule  and  RAeS/ESOU  method 
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The  method  is  broadly  similar  to  that  developed  independently  by  Impelliiaeri  in  the  United 
States  -  the  RAeS  method  is  however  somewhat  simpler  in  concept  and  application  as  it  is  asaumed  that  the 
residual  stress  state  remains  unchanged  until  yielding  next  occurs  at  the  stress  concentration.  This 
contrasts  with  the  method  of  Impellizaeri  in  which  some  allowance  is  made  for  decay  of  residual  stresa 
state  between  cycles  in  which  yielding  occurs. 
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A  considerable  body  of  data  from  variable  amplitude  fatigue  tests  obtained  from  several  sources  ’ 
has  been  reexamined  in  order  to  assess  the  improvement  in  accuracy  obtained  when  the  RAeS/ESDU  method  is 
used  in  place  of  Miner's  rule.  Table  4,  on  reverse  side  of  this  page,  gives  details  of  specimen  type, 
loading  conditions,  and  other  relevant  information  -  it  includes  figurea  of  £(n/N)  using  the  two  methods 
of  life  prediction.  The  results  are  illustrated  in  Fig. 5.  It  will  be  seen  that  most  of  the  data  examined 
relates  to  block  programme  loading  tests,  only  a  small  proportion  of  the  data  being  obtained  under  random 
loading  conditions.  The  results  of  the  assessments  of  accuracy  which  have  been  completed  to  date  are 
encouraging.  Based  on  the  36  results  listed  in  Table  4,  page  2-5,  the  following  statistical  assessment 
has  been  made:- 

Table  5 


On  the  basis  of  the  above  analysis  it  is  evident  that  there  is  a  marked  improvement  in  the  accuracy 
of  life  prediction  when  using  the  RAeS/ESDU  method  and  also,  and  equally  important,  there  ia  a  significant 
reduction  in  variability.  It  is  considered  that  the  magnitude  of  the  improvement  is  more  than  sufficient 
to  justify  the  use  of  this  method  despite  the  increased  computational  effort  involved. 

It  should  be  noted  that,  in  the  life  prediction  method,  quantitative  allowance  is  made  for  residual 
stress  effects  at  the  surface  at  the  point  of  maximum  airess  concentration  where  fatigue  damage  will 
generally  nucleate.  It  is  implicitly  assumed  that  the  corrections  made  to  the  cumulative  damage  calculation 
to  allow  for  residual  stress  behaviour  in  the  vicinity  of  damage  nucleation  also  apply  throughout  damage 
growth  to  failure.  Since  local  stress  conditions  and  metallurgical  conditions  during  nucleation  of  fatigue 
damage  differ  markedly  from  conditions  during  crack  growth  there  is  no  fundamental  reason  to  suppose  that 
such  an  assumption  is  justified.  However,  the  fact  that  the  method  appears  to  work  reasonably  well  suggests 
that,  broadly  speaking,  load  interaction  effects  are  comparable,  qualitatively  and  quantitatively,  during 
nucleation  and  crack  propagation.  This  is  not  to  say  that  the  underlying  load  interaction  mechanisms  are 
the  same  -  attention  is  paid  to  some  aspects  of  the  associated  problems  in  the  section  which  follows. 

4  LOAD  INTERACTION  EFFECTS  DURING  CRACK  NUCLEATION  AND  PROPAGATION 

4.1  Preamble 

In  the  preceding  sections  attention  has  been  directed  to  the  problems  involved  in  re-assessing 
fatigue  endurance  to  failure  when  the  spectrum  of  loads  experienced  in  service  differs  from  that  applied 
in  test.  Such  re-assessment  is  a  primary  consideration  for  components  or  structures  designed  on  a  safe- 
life  basis.  However,  in  the  case  of  structures  designed  on  fail-safe  principles  consideration  other  than 
simply  life  to  failure  must  also  be  borne  in  mind.  Two  important  objectives  of  a  full  scale  fatigue  test 
on  a  fail-safe  structure  are  to  demonstrate  a  reasonable  life  free  from  the  onret  of  cracking  and  also  to 
demonstrate  that  any  cracks  which  may  occur  will  not  grow  to  dangerous  proport  ona  before  detection.  To 
meet  the  latter  requirement,  fatigue  tests  on  such  structures  will  have  included  observation  of  the  growth 
rates  of  any  cracks  in  the  structure  (’natural1  or  artificially  induced).  and  such  observation*  “'ll  sub¬ 
sequently  be  related  to  frequency  of  inspection  in  service.  If  it  is  subsequently  found  that  the  spectrum 
of  loads  actually  experienced  in  service  differs  from  that  applied  in  test,  then  re-assessment  of  fatigue 
performance  should  include  re-assessment  of  life  to  the  appearance  of  damage  and  also,  and  perhaps  more 
importantly  from  an  airworthiness  standpoint,  re-assessment  of  crack  growth  rates. 

The  majority  of  the  cumulative  damage  investigations  conducted  in  the  UK  on  structural  elements 
have  been  aimed  primarily  at  observing  and  understanding  the  effects  of  load  interactions  on  life  to 
failure.  Nevertheless,  in  the  course  of  these  investigations,  valuable  insight  into  some  aspects  of  crack 
nucleation  and  propagation  under  variabJ E  amplitude  loading  have  been  gained.  Some  of  the  UK  experience 
is  set  cut  in  the  paragraphs  below.  The  evidence  p-esented  is  somewhat  fragmentary  and  serves  rather  to 
highlight  thv  complexity  of  the  problems  rather  than  to  indicate  a  coherent  overall  pattern  of  behaviour. 

It  is  therefore  offered  primarily  as  a  contribution  to  wider  discussion  from  which,  it  is  hoped,  clearer 
guidelines  may  be  established  for  re-estimation  of  crack  rate  after  change  in  load  spectrum. 

4.2  Evidence  of  the  relative  importance  of  load  interaction  effects  during  crack  initiation 

and  during  crack  propagation 

In  this  section  evidence  is  presented  which  was  obtained  during  tests  on  pin-lug  specimens  to  exjmine 
the  relationship  between  the  residual  static  strength  of  the  element  and  the  proportion  of  fatigue  life 
consumed.  Tests  were  made  under  botn  constant  amplitude  and  random  loading  conditions.  The  resulta  are 
important  as  they  suggest,  in  contrast  to  the  broad  indications  of  section  3.5,  that  load  interaction 
effects  may  have  more  influence  on  the  rate  of  growth  of  fatigue  damage  during  the  nucleation  phase  of  tin 
fatigue  process  than  in  the  subsequent  crack  growth  phase. 
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The  result!  ere  tsken  from  an  extensive  investigation  of  cumulative  fatigue  damage  in  pinned-lug 
specimens  in  DTD  50 1 A  aluminium  slloy.  The  design  or  the  specimen  is  the  same  as  that  shown  in  Fig.l, 

The  technique  used  use  to  establish  average  life  to  failure  (log-mean  endurance)  at  a  particular  stress 
level  and  to  perform  a  aeries  of  tests  subsequently  in  which  the  fatigue  loading  was  stopped  at  a  chosen 
percentage  of  the  average  life;  the  specimen  was  then  removed  from  the  fatigue  machine  and  s  static  strength 
test  was  performed.  By  carrying  out  such  static  testa  st  different  chosen  percentages  of  fatigue  life,  a 
curve  could  be  drawn  showing  residual  static  strength  va.  percentage  of  fatigue  life  consumed.  When  using 
this  technique  it  war  found  that  there  was  considerable  scatter  in  static  strength  st  any  chosen  percentage 
of  the  average  fatigue  life,  probably  because  of  scatter  in  the  individual  lives  to  failure,  relative  to 
the  average  life  to  failure.  Indeed,  it  was  difficult  to  acquire  results  for  endurance  beyond  751  of 
average  life  without  experiencing  an  unacceptable  number  of  fatigue  failures,  prior  to  achieving  the 
intended  percentage  of  average  life,  Nevertheless,  despite  the  scatter  problem,  trends  can  be  discerned 
from  the  results  which  are  of  considerable  value  in  understanding  the  overall  fatigue  damage  process. 

In  Fi-;s.6p.  and  6b  results  are  shown  for  residual  strength  tests  at  three  rms  stress  levels  under 
both  constant  amplitude  (sinusoidal)  and  random  loading  with  a  Rayleigh  distribution  of  peak  amplitudes. 

It  may  be  seen  that,  under  constant  amplitude  loading,  there  is  a  significant  difference  in  the  shapes  of 
the  curves  at  the  three  stress  levels  -  for  example,  at  a  stress  level  of  t.5  ksi  rms  the  specimens  have 
fallen  to  80Z  of  their  original  strength  when  50Z  of  the  fatigue  life  has  been  consumed,  whereas  at 
6.5  ksi  rms  the  specimens  retain  approximately  801  of  their  strength  at  80Z  of  life.  The  tendency  for 
the  original  strength  to  be  maintained  to  a  higher  percentage  of  fatigue  life,  as  stress  level  is  increased, 
is  believed  to  be  associated  partly  with  the  beneficial  residusl  stresses  associated  with  locsl  yielding. 

The  yield  strength  (O.IZ  proof)  of  the  material  used  in  the  foregoing  residual  strength  tests  wss 
approximately  51  ksi  and,  with  a  stress  concentration  factor  of  2.96,  local  yielding  would  occur  at 

and  beyond  alternating  stresses  of  l.l  ksi  (peak)  when  superimposed  on  a  mean  stress  of  16  ksi.  Local 
yielding  will  therefore  occur  over  the  range  of  alternating  stresses  illustrated  and  the  residual  stress 
effects  will  become  more  significant  as  stress  level  is  increased.  This  observed  pattern  of  behaviour  may 
be  explained  if  it  is  assumed  that  load  intersetions  have  a  more  beneficial  affecc  during  the  nucleation 
phase  of  the  fatigue  damage  process  than  in  the  subsequent  crack  propagation  phase  and  that  there  is  no 
significant  reduction  in  static  strength  of  the  specimen  until  cracking  occurs  on  a  macro-scale.  There  is 
a  considerable  body  of  evidence  to  support  the  latter  assumption'®" and  if  the  first  assumption  is 
accepted  it  would  follow  that  beneficial  residual  stress  effects  would  lead  to  retention  of  the  original 
static  strength  to  a  higher  percentage  of  life  to  failure. 

The  results  obtained  from  the  residual  strength  tests  under  variable  amplitude  loading  -  Fig. 6b  - 
differ  markedly  from  those  under  constant  amplitude  loading.  There  is  a  tendency  for  the  curves  for 
va-isble  amplitude  loading  st  the  three  stress  levels  to  group  more  closely  together  and  the  general 
shape  corresponds  to  the  curve  for  the  highest  constant  amplitude  stress  -  6.5  ksi  rms.  This  is  broadly 
in  keeping  with  the  effects  of  residusl  stresses  discussed  above  since  the  higher  pesks  in  the  variable 
amplitude  load  spectra  would  be  expected  to  cause  a  more  local  yielding  than  would  occur  under  constant 
amplitude  loading  at  stresses  appropriate  to  the  same  life  to  failure.  Results  which  are  qualitatively 
similar  have  also  been  obtained  on  such  specimens  at  other  mean  stress  levels. 

It  will  be  noted  that  the  hypothesis  that  load  interaction  effects  are  more  significant  during  the 
nuclestion  phase  than  in  the  subsequent  crack  propsgstion  phase  is  apparently  somewhat  at  variance  with 
the  general  observation  at  the  end  of  section  3.5  which  suggested  that  load  interaction  effects  were  much 
the  same  throughout  life. 

In  considering  such  sn  apparent  anomaly  it  should  be  remembered  that  the  so-called  nucleation  period 
in  the  pin-lug  joints  includes  the  complex  process  of  initiation  of  damage,  probably  by  a  combination  of 
fretting  and  stress  cycling  effects,  and  the  subsequent  development  and  growth  of  micro-cracks.  Moreover 
the  damage  develops  and  grows  through  the  stress  gradient  associated  with  the  stress  concentration  at  the 
hole.  In  such  a  complex  situation  it  would  certainly  be  unwise  to  generalise  from  the  particular  results 
obtained  but,  equally,  such  results  must  be  borne  in  mind  when  endeavouring  to  establish  a  model  of 
cumulative  damage  behaviour  under  spectrum  loading  that  can  be  widely  applied. 

4.3  Some  evidence  concerning  fretting  behaviour  under  random  loading 

It  is  generally  recognised  that  in  specimens  in  which  fretting  occurs,  such  as  the  pin-lug  specimen 
discussed  above,  the  effect  of  fretting  is  to  reduce  substantially  the  nucleation  phase  of  the  overall 
damage  process.  In  seeking  further  understanding  of  the  observed  prolongation  of  the  nuclestion  period 
relative  to  the  crack  propagation  phase,  discussed  in  section  4.2  above,  consideration  has  been  given  to 
the  possibility  that  the  build  up  of  fretting  damage  under  variable  amplitude  loading  conditions  may  have 
been  significantly  slower  than  during  the  associated  constant  amplitude  tests. 

A  series  of  tests  is  currently  in  progress  to  examine  this  possibility  using  plain  aluminium  alloy 
(BS  2L65)  specimens  and  using  steel.  (S98)  fretting  pads.  Tests  are  being  conducted  under  both  sinusoidal 
loading  conditions  and  random  loading  conditions  -  firstly  to  determine  life  without  fretting,  secondly 
to  determine  life  with  fretting  pads  fitted  throughout  the  total  life  and,  finally,  to  observe  life  with 
the  fretting  pads  removed  at  differing  proportions  of  the  nominal  (fretted)  life  of  the  specimen.  Such 
tests  will  indicate  the  percentage  of  life  at  which  the  fretting  process  may  be  regarded  as  being  complete. 
Some  preliminary  results  are  now  available7®  which  have  been  obtained  over  s  range  of  alternating  stresses 
about  aero  mean  load.  These  sre  presented  in  Figs. 7a  and  7b. 

It  will  be  seen  that  these  preliminary  results,  in  fact,  strongly  indicate  that  the  completion  of 
fretting  damage  is  more  rapid  in  the  random  loading  case  than  under  sinusoidal  loading.  For  example,  in 
the  endurance  range  10®  -  107  cycles  it  appears  that  the  fretting  process  is  completed  (from  the  point  of 
view  of  reducing  life)  somewhere  between  I0Z  and  30Z  of  life  under  sinusoidal  loading  whereas  under  random 
loading  the  damage  process  is  virtually  complete  at  5Z  of  life. 


It  is  evident  that  these  results  do  not  explain  the  observed  extension  of  the  nucleation  phase  and 
other  explanations  musr  be  sought.  The  fact  that  crack  propagation  (in  this  case  including  micro-cracking) 
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may  occupy  95X  of  the  life  of  structural  elementa  under  random  loading,  if  fretting  occurs  from  the  start 
of  the  loading,  emphasises  the  need  for  further  understanding  of  load  interaction  effects  throughout  the 
whole  crack  growth  process.  Such  knowledge  will  be  necessary  if  the  effects  of  change  in  loading  spectrum 
on  the  behaviour  of  such  elements  are  to  be  fully  understood  and,  in  the  section  which  follows,  results 
are  outlined  which  provide  some  further  evidence  on  this  topic. 

A. A  Values  of  £(n/N)  for  life  to  failure,  and  for  crack  propagation  under  the 

same  load  spectra 

The  results  which  are  outlined  in  this  section  art  taken  from  experiments  made  in  connection  with 
the  evaluation  of  a  method^  of  monitoring  the  severity  of  the  fatigue  loads  experienced  by  a  structure. 

The  monitoring  device  consists  of  a  pre-cracked  coupon  which  is  attached  to  the  aircraft  structure  so  aa  to 
experience  a  strain  history  corresponding  to  that  experienced  by  the  structure  under  I  he  applied  fatigue 
loads.  The  principle  of  the  method  is  that  the  growth  of  the  crack  in  the  coupon  provides  a  measure  of 
the  severity  of  the  fatigue  loads  applied  to  the  parent  structure.  Tests  have  been  made  in  the  course  of 
a  preliminary  investigation  of  the  method  using  a  double-ended  bolted  joint  specimen  with  a  centre  cracked 
rectangular  panel  (Fig. 8)  attached  to  the  aluminium  alloy  boom  of  the  specimen.  The  length  of  the  starter 
crack  in  the  coupon  was  0.5  in  and  the  coupon  was  replaced  periodically,  throughout  the  fatigue  life  of 
the  bolted  joint,  as  the  crack  in  each  coupon  reached  approximately  1  inch  in  length.  The  chemical 
composition,  of  the  sheet  material  from  which  the  coupon  was  cut  was  virtually  identical  to  that  of  the 
aluminium  alloy  boom.  Tests  were  made  on  such  bolted  joint  specimens,  with  a  series  of  coupons  attached, 
under  sinusoidal  loading,  block  progranme  loading  and  under  random  loading.  The  teats  were  made  predom¬ 
inantly  in  fluctuating  tension  -  the  block  progranme  loading  represented  a  gust  spectrum  for  a  short  haul 
transport  aircraft  and  the  random  loading  was  a  flight-by-flight  representation  of  a  gust  spectrum  for  a 
long  range  transport  aircraft  with  ground-air-ground  cycles. 

From  the  results  of  the  teats  under  constant  amplitude  loading  a  conventional  S-N  curve  for  the  joint 
was  obrained  and,  also,  an  'S-N  curve'  for  crack  growth  in  the  coupons  -  in  the  latter  case  N  was  the 
number  of  cycles  required  under  an  alternating  stress  S  to  grow  the  crack  from  0.5  in  to  1.0  in.  The 
S-N  curve  for  the  joint  and  the  curve  showing  crack  behaviour  in  the  coupon  are  shown  in  Fig. 9.  From 
these  curves,  values  of  £(n/N)  at  failure  were  calculated  for  the  joint  under  the  two  differing  load 
spectra  and  also,  on  the  basis  of  the  observed  crack  growth  rates  under  each  of  the  two  load  spectra, 
correspoi  iing  value  of  £(n/N)  were  calculated  for  crack  growth  from  0.5  in  to  1.0  in.  In  the  above 
calculations  simple  sunmation  of  damage  (Miner’s  rule)  was  used.  The  results  of  the  analysis  were  as 
follows :- 


"pectrum 
ieverity 
ksi  rms 

Overall  life 

Cracked  coupon  behaviour 

Load  spectrum 

Endurance 
cycles  x  10  6 

£  - 
1  N 

Growth  rate 
-6 

cycles  *  10  /0.5  in 

£  £ 

L  N 

Gust  spectrum  - 
short  haul  transport 

2.78 

3.51 

2.A2 

0.A65 

3.19 

Gust  spectrum  +  GAG 
-  long  range 
transpoi t 

3.83 

1.07 

— 

1 .89 

0.302 

2.03 

It  will  be  seen  that  £(n/N)  for  the  growing  crack  did  not  differ  very  greatly  from  the  value  of 
E(n/N)  for  life  to  failure  of  the  parent  member  over  the  range  of  crack  length  concerned.  Again  it  would 
be  unwise  to  generalise  from  this  particular  result  as  it  ia  probable  that  the  value  of  £(n/N)  for  a 
crack  growing  under  variable  amplitude  loading  will  not  only  depend  on  the  spectrum  shape  and  severity  but 
also  on  the  mean  length  of  crack  for  which  the  value  of  I(n/N)  is  derived.  Setting  aside  interaction 
effects,  crack  growth  will  not  occur  under  a  particular  load  cycle  in  the  applied  spectrum  unless  the 
resultant  stress  intensity  at  the  crack  tip  exceeds  a  certain  threshold  value.  The  stress  intensity  is  a 
function  of  both  the  average  stress  in  the  vicinity  of  the  crack  and  also  the  length  of  the  crack;  it 
follows  that  at  very  short  crack  lengths  a  proportion  of  the  stress  cycles  in  the  applied  spectrum  may  be 
causing  no  crack  growth  whereas,  at  longer  crack  lengths,  all  of  the  stress  cycles  may  be  contributing  to 
growth.  However,  in  the  example  that  we  have  considered  above,  the  length  of  the  starter  crack  was  such 
that,  for  both  spectra,  the  crack  growth  threshold  was  exceeded  by  the  lowest  stress  cycles  applied  so  the 
observed  differences  in  £(n/N)  for  crack  growth  under  the  two  differing  spectra  are  almost  certainly  due 
to  load  interaction  effects. 

Although  detailed  correlation  with  results  from  other  sources  is  outside  the  scope  of  this  paper,  it 
may  be  observed  that  there  is  a  large  body  of  evidence,  principally  from  investigations  at  the  NLR 
in  Holland2  W22  8r,d  at  NASA  (tangley)22  which  also  show  that  values  of  £(n/N)  for  crack  growth  considerably 
in  excess  of  unity  may  occur  under  fluctuating  tensile  loading  -  values  of  £(n/N)  greater  than  3  have 
been  noted21  for  crack  growth  in  sheet  material  under  random  loading  spectra. 

A. 5  General  comments  on  crack  initiation  and  growth  under  variable  amplitude  loading 

In  the  preceding  sections  results  have  been  given  which  illustrate  the  complexity  of  the  general 
problem  of  understanding  and  predicting  ersek  growth  under  variable  amplitude  loading.  Certain  anomalies 
have  become  apparent  in  seeking  a  coherent  pattern  of  behaviour.  Bearing  in  mind  the  exponential  nature 
of  crack  growth,  a  large  proportion  of  life  may  be  spent  in  the  micro-macro  growth  range.  Growth  in  this 
range  therefore  will  play  sn  important  part  in  determining  life  over  which  no  significant  damage  occurs 
and  over  which  residual  static  strength  is  not  seriously  impaired.  This  growth  regime  is  of  significance 
in  safe-life  aircraft  though  generally  it  does  not  receive  specific  attention  in  design  and  airworthiness 
clearance  -  such  aircraft  are  cleared  broadly  on  endurance  to  '.ailure  as  outlined  in  section  2  above. 

Further  research  work  is  necessary  in  this  regime  in  order  to  obtain  a  better  understanding  of  interaction 
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effect*  -  however,  there  ia  no  immediate  urgency  in  relation  to  airworthiness  problems  and  the  studies 
may  be  conducted  on  a  relatively  long-term  basis.  The  problems,  as  mentioned  in  the  concluding  paragraph 
of  section  4.2  above,  appear  to  be  more  daunting  than  at  relatively  long  crack  lengths.  Evidence  has 
recently  emerged  from  work  currently  in  progress  in  the  UK  on  clad  and  non-clad  aluminium  alloy  sheet 
materials**  which  suggests  that  there  may  be  radically  different  load  interaction  behaviour  in  the 
nucleation-micro  cracking  phase  for  the  clad  and  non-clad  material.  The  signifies. :ce  of  this  finding  in 
relation  to  the  overall  behaviour  of  clad  and  non-clad  material  under  variable  amplitude  loading  has  yet 
to  be  assessed. 

In  the  caae  of  fail-aafe  aircraft  growth  in  the  micro-macro  range  is  of  economic  importance  insofar 
as  also  it  influences  the  life  to  the  development  of  damage  which  may  necessitate  repair.  However,  from 
ui.o  point  of  view  of  safety  of  fail-safe  aircraft  it  is  generally  the  growth  of  relatively  long  cracks, 
measured  in  inches  rather  than  thousandths  of  an  inch,  that  is  of  current  concern. 

In  this  latter  regime  the  only  results  from  UK  work  that  may  be  said  to  be  relevant  to  discussion 
of  crack  propagation  under  variable  amplitude  load  spectra  are  those  of  section  4.4  above.  These  results 
indicated  valuea  of  En/N  considerably  in  excess  of  unity  and  were  in  general  accord  with  the  much  larger 
body  of  evidence  obtained  at  research  centres  outside  the  UK,  principally  at  NLR.  Several  hypotheses  have 
been,  and  are  being,  considered  to  explain  load  interaction  effects  during  crack  propagation  -  they  involve 
consideration  of  residual  stress  effects,  crack  blunting,  cyclic  strain  hardening  effects,  and  effects  due 
to  incomplete  crack  closure  associated  with  irregularities  of  the  crack  surfaces  following  plastic  deforma¬ 
tion.  All  the  above  effects  may  be,  to  a  greater  or  lesser  extent,  dependent  on  material  properties, 
crack  length,  thicknesa  of  component,  and  the  nominal  stress  field.  Though  much  qualitative  understanding 
of  interaction  effects  during  crack  growth  has  been  obtained  in  recent  years,  as  far  as  the  author  is  aware, 
no  specific  guidelines  have  been  firmly  put  forward  to  predict  effects  on  crack  growth  race  of  change  in 
spectrum  shape  or  severity.  Further  work  in  this  area  is  clearly  essential  and  is  a  matter  of  immediate 
concern  in  relation  to  the  associated  airworthiness  problem  of  fail  safe  aircraft. 

5  TO  SUMMARISE 

Resulta  of  work  carried  out  in  the  UK  in  recent  years,  aimed  at  providing  deeper  understanding  of 
cumulative  fatigue  damage  under  variable  amplitude  load  spectra,  have  been  presented.  In  particular,  the 
observed  variation  of  fatigue  endurance  of  structural  elements*  with  change  in  spectrum  severity  and 
spectrum  ahape,  has  been  examined.  The  insights  gained  in  this  work  have  been  related  to  the  general 
problem  of  the  re-aaaeaament  of  fatigue  life  when  it  found  that  the  spectrum  of  loads  experienced  in 
aervice  differs  from  the  .oad  spectrum  applied  in  full  scale  (or  component)  tests.  The  use  of  a  cumulative 
damage  rule  forms  an  essential  part  of  the  process  of  re-assessing  life  and  until  recently  Miner’s  rule  has 
been  used  in  the  UK.  It  has  been  demonstrated  that  a  corsiderable  proportion  of  the  overall  error,  which 
may  ,'iiae  in  re-asseaaing  life,  may  be  associated  with  the  errors  arising  from  the  simple  assumptions  of 
Miner's  rule  and  that  the  use  of  an  improved  method  of  life  prediction,  recently  issued  in  Data  Sheet  form 
by  the  Royal  Aeronautical  Society,  Engineering  Sciences  Data  Unit,  will  generally  lead  to  a  significant 
improvement  in  accuracy  in  re-assessing  life. 

A  small  amount  of  evidence  has  been  presented  also  relating  to  nucleaticn  and  propagation  of  fatigue 
cracks  under  variable  amplitude  loading.  Certain  anomalies  become  apparent  when  considering  the  results 
and  the  evidence  has  served  to  emphasise  the  complexity  of  the  problem  of  predicting  crack  growth 
behaviour.  The  need  for  further  vork  to  study  load  interaction  effects  during  nucleation,  macro-cracking 
and  subsequent  grosser  crack  growth  has  been  stressed  with  particular  emphasis  on  the  need  for  understanding 
of  such  effects  at  relatively  long  crock  lengths.  Such  understanding  is  necessary  for  re-estimating  crack 
growth  rates  in  fail”s  fe  structures,  when  service  load  histories  are  found  to  differ  from  test  loading 
conditions , 
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SUMMARY 


The  available  literature  is  surveyed  and  analysed.  Physical  aspects  of  fatigue  damage  accumulation  art 
discussed,  including  interaction  and  sequence  effects,  Empirical  trends  observed  in  variable-amplitude  tests  are 
summarized  including  the  effects  of  a  high  preload,  periodical  high  loads,  ground-to-air  cycles  and  the  variables 
pertaining  to  program  loading,  random  loading  and  flight-simulation  loading.  This  also  includes  results  from  full- 
scale  fatigue  test  series.  Various  theories  on  fatigue  damage  accumulation  arc  recapitulated.  The  significance  of 
these  theories  for  explaining  empirical  trends  as  well  as  for  estimating  fatigue  properties  as  a  design  problem  is 
evaluated.  For  the  latter  purpose  reference  is  made  to  the  merits  of  employing  experience  from  previous  designs. 
Fatigue  testing  procedures  are  discussed  in  relation  to  various  testing  purposes.  Emphasis  is  on  flight-simulation 
tests.  Finally  several  recommendations  for  further  work  are  made. 
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THE  ACCUMULATION  OF  FATIGUE  DAMAGE  IN  AIRCRAFT  MATERIALS  AND  STRUCTURES 

J.  Schijve 


1.  INTRODUCTION 

In  a  classic  fatigue  taat  the  load  i#  varying  sinusoidally  with  a  constant  mean  load  and  a  constant  load 
amplitude.  The  fatigue  load  on  a  structure  under  service  conditions,  however,  generally  baa  a  more  or 
lees  arbitrary  or  random  character.  Nevertheless  it  may  well  be  assumed  that  the  accumulation  of  fatigue 
damage  under  such  an  arbitrary  fatigue  load  is  a  process  which  occurs  in  the  material  in  a  similar  way 
as  in  the  classic  fatigue  tset.  It  is  just  one  step  further  to  etate  that  the  fatigue  life  for  an 
arbitrary  load-time  history  can  be  predicted  from  fatigue  life  data  obtained  in  classic  fatigue  tests. 

The  well-known  Palmgren-Miner  rule  (lo/N  «  1)  was  based  on  such  assumptions,  which  also  applies  to  more 
complex  laws  proposed  by  others. 

It  has  to  be  admitted,  however,  that  a  rational  law  for  the  calculation  of  fatigue  damage  accumulation  is 
not  yet  available.  There  is  an  abundant  literature  on  fatigue  which  has  revealed  several  characteristic 
features  of  the  fatigue  process  in  metallic  materials.  Fatigue  tests  with  a  varying  load- amplitude  were 
also  carried  out  by  many  investigators.  This  hag  indicated  many  empirical  trends  for  which  physical 
explanations  were  sometimes  given.  Moreover,  calculation  rulss  for  the  accumulation  of  fatigue  damage 
were  published  from  time  to  time.  Nevertheless  the  present  situation  ie  far  from  satisfactory,  even  from 
an  engineering  point  of  view. 

The  purpose  of  this  report  ie  to  survey  the  various  aepecte  of  fatigue  damage  accumulation  and  to  analyse 
the  problems  associated  with  this  phenomenon.  The  implications  of  the  present  knowledge  for  making  life 
estimates  in  the  design  phase  of  an  aircraft  and  for  pla  nning  fatigue  teete  will  be  considered  also. 

In  summary  the  aims  of  the  report  arei 

a  To  review  the  present  etate  cf  knowledge  about  fatigue  damage  accumulation  (Chapters  2  and  3). 
b  To  summarise  the  empirical  trends  obtained  in  teste  with  variable-amplitude  loading  and  tc  ese 
whether  they  can  he  explained  (Chapter  4). 
c  To  survey  the  various  life  calculation  theories  (Chapter  5)* 

d  To  analyse  the  design  problem  of  estimating  fatigue  livee  and  crack  propagation  rates  (Chapter  6), 

e  To  aeeess  the  merits  and  the  limitations  of  various  fatigue  testing  procedures  adopted  for  fatigue 

life  evaluations  (Chapter  7)* 

The  report  ie  completed  (Chapter  6)  by  sections  giving  a  summary  of  the  present  etudy  and  recommendations 
for  future  work. 

It  should  be  pointed  out  that  aspects  associated  with  elevated  temperature  due  to  aerodynamic  heating 
have  been  excluded  from  the  survey, 

L  id  hoped  that  this  report  will  provide  a  background  to  those  dealing  with  fatigue  life  problems  in  the 

aircraft  industry.  On  the  other  hand,  it  ie  also  hoped  that  it  will  give  a  better  picture  of  the  real 

problem  to  scientists  in  universities  and  laboratories  when  approaching  fatigue  damage  accumulation  from 
a  more  theoretical  point  of  .-iev. 

2.  THE  FATIGUE  PHENOMENON  IN  METALLIC  MATERIALS 

Our  present  knowledge  about  fatigue  in  metale  hae  to  a  large  extent  been  obtained  by  means  of  the 
microscops.  In  1903  Ewing  and  Humfray  observed  that  fatigue  cracks  vers  nucleated  in  slip  hands.  Around 
1930  claseical  etudiae  were  conducted  by  Gough  and  hie  co-workere,  who  further  emphaeixed  the  signific¬ 
ance  of  slip  eyeteme  and  resolved  shear  stresses.  After  1945  the  number  of  microecopical  investigations 
hat  considerably  increased  and  the  information  becoming  available  hae  broadened  for  a  variety  of  reasone. 
IL  luraed  out  that  the  observations  could  be  dependent  on  the  type  of  material,  the  type  of  loading  and 
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and  the  level  of  magnification.  The  electron  mioroecope  haa  added  a  number  of  detaile  unknown  before.  It 
will  be  tried  in  thia  chapter  to  recapitulate  briefly  the  main  points  of  the  numeroua  phenomenological 
investigations.  More  detailed  surveys  are  given  in  referencee  1-6. 

Three  phaaea  in  the  fatigue  life 

An  important  obaervation  is  that  cracks  may  nucleate  relatively  early  in  the  fatigue  life.  A>  an  illustra¬ 
tion  figure  2.1  shows  rerults  of  optical  microscopy  during  fatigue  tests  on  aluminum  alloy  specimens 
(Ref. 7),  Cracke  of  0,1  millimeter  (100  ft  )  were  present  after  40  perosnt  of  the  fatigue  life  had  elcpeed. 
The  electron  microscope  has  revealed  cracke  at  earlier  stages,  almost  from  ths  beginning  of  a  fstigue 
test.  Nevertheless  ths  lower  part  of  figure  2.1  suggests  that  nucleation  is  relatively  more  diffioult  at 
stress  levels  near  the  fatigue  limit. 

It  appears  useful  to  divide  the  fatigue  life  into  thiee  phases,  namelyi  crack  nucleation,  crack  propaga¬ 
tion  and  final  failure,  see  figure  2. a  A  difficulty  thus  introduced  ie  that  of  the  definition  of  the 
transition  from  ths  nuclaation  phase  to  ths  propagation  phase. 

Slip 

It  is  well  established  that  fatigue  requires  cyclic  slip.  The  present  state  of  our  knowledge  about  dis¬ 
locations  and  metal  physics  leave  no  doubt  about  the  essential  contribution  of  slip  to  fatigue. 

Fatigue  on  the  atomic  level,  dscohesion 

If  there  were  no  decohesion  thsrs  would  be  no  fatigue.  In  principle  dacohssion  may  occur  by  sliding-off, 
by  clsavags  or  by  vacancy  diffusion,  Disruption  of  atomio  bonds  is  involved  in  any  case. 

Although  it  is  difficult  to  rule  out  cleavage  type  conceptions,  it  is  thought  that  sliding-off  is  the 
more  plausible  mechanism  for  relatively  ductile  materials.  Sliding-off  implies  that  dislocations  are 
cutting  through  the  free  surface  which  may  also  bs  the  tip  of  a  fatip  crack,  A  second  possibility  is 
that  dislocations  are  generated  at  ths  tip  of  a  crack.  In  the  latter  case  the  tip  of  a  crack  acts  as  a 
dislocation  source  rather  than  a  dislocation  sink.  In  general  termB  fatigue  may  be  visualized  as  the  con¬ 
version  from  cyclic  slip  into  crack  nucleation  and  crack  growth. 

Chemical  attack  may  facilitate  the  decohesion  process  but  the  environmental  affsct  on  the  atomic  level  iB 
not  well  understood. 

Fatigue  on  the  microscopic  level,  striations 

Cross  sections  of  fatigue  cracks,  as  viewed  through  the  optical  microscops,  usually  show  the  crack  to  be 
tranBgranular,  The  path  of  ths  crack  appears  to  have  a  fairly  irregular  orientation  at  this  level  of 
magnification. 

Replicas  from  the  fatigue  fracture  surface  studied  in  the  electron  microscope  have  revealed  the  bo- 
callcd  striaticnc,  ccc  for  an  example  fig.rre  9.},  Such  st-riatinns  clearly  prove  that  crack  extension 
occurred  in  every  load  cycle.  This  type  of  evidence  was  mainly  obtained  for  macro,  cracks,  while  for  micro- 
cracks  etriatione  cannot  bs  observed  for  several  reasons.  However,  if  crack  propagation  occurs  as  a 
cyclic  Bliding-off  mechanism  it  appears  rsasonable  to  assume  that  crack  growth  of  s  microcrsck  also 
occurs  in  every  load  cycle. 

For  aluminium  alloys  evidence  is  avsilable  that  strongly  suggest  crack  extension  and  striation  formation 
to  occur  as  s  co-operative  sliding-off  on  two  differently  oriented  {ill}  slip  planes  (Refs.9,10). 

Type  of  loading  (tension  vs,  torsion) 

Brief  reference  may  be  de  here  to  the  work  of  Wood  et  al.  (Ref.1l)  concerning  torsion  fatigue  tests  on 
copper  specimens.  It  turned  out  that  crack  nucleation  occurred  by  the  forming  of  pores  and  this  was  a 
process  of  a  relatively  long  duration.  It  appears  that  the  process  may  be  essentially  different  from 
fatigue  under  cyclic  tension  because  m  pure  tension  the  planes  with  a  maximum  shear  stress  have  a  zero 
tsneile  stress.  It  is  tbcught  that  thia  will  allow  a  much  slower  crack  nuclestion  and  even  a  different 
dislocation  mechanism  may  be  applicable.  Since  fatigue  in  aircraft  structures  is  associated  with  cyclic 
tension,  torsion  will  not  be  considered  in  the  present  report. 


3-S 


Nucleation  sites 

In  fatigue  teita  on  unnotcbsd  specimens  tbe  probability  to  obeerve  morB  than  one  fatigue  crack  in  tbe 
same  specimen  is  increasing  at  higher  et.rsxe  amplitudes.  At  low  stress  levels  near  the  fatiguB  limit 
quite  frequently  only  one  crack  nucleus  is  observed.  ThiB  observation  may  inspire  etatieticians  to  devel¬ 
op  a  weakest-link  theory  to  explain  ei*e  effects.  Anothe  r  consequence,  not  generally  recognized,  is  tbat 
special  fatiguB  sensitive  conditions  apparently  exist  at  tbe  site  of  crack  nucleation.  Oroeekreute  and 
Shaw  (Ref.12)  in  tbis  respect  bave  studied  crack  nucleation  at  intermetallic  particles  in  an  A1  alloy  (see 
also  Ref, 13).  Nucleation  at  inclusions  in  high  strength  atesle  were  also  reported.  Other  special  condi¬ 
tions  can  easily  be  thought  of,  such  ae  cladding  layer,  surface  scratches,  local  inhcmogeneity  of  the 
material. 

Plane  strain  ve.  plane  stress  conditions 

Hacroscopically  a  slowly  propagating  fatigue  crack  is  growing  in  a  plane  perpendicular  to  the  maximum 
teneile  stress  (main  principal  stress).  However,  if  tbe  crack  rate  is  accelerating  tbe  growth  will  cont¬ 
inue  on  a  plane  at  45°  to  the  maximum  tensile  stress.  This  transition  occurs  gradually,  eee  figure  2,4, 
starting  at  the  free  surface  of  tbe  material  with  the  development  of  sbBcr  lips.  It  is  generally  accepted 
that  this  is  to  be  related  to  the  transition  from  plane-strain  conditions  to  plane-stress  conditions  at 
tbe  tip  of  tbe  crack.  After  tbe  transition  has  occurred,  it  is  more  difficult  to  observe  the  etriations 
but  there  are  still  indications  that  crack  extension  occurs  in  every  load  cycle. 

Ths  transition  from  tbe  tenBile  mode  (plane  strain)  to  the  shear  mode  (plane  stress)  and  Foreytb's 
Stage  i/stage  11  (Ref. 2)  propoeition  should  not  be  confounded.  Stage  1  was  associated  with  the  initial 
and  very  slow  growth  along  a  elip  plane  and  Stage  II  with  later  growth  perpendioular  to  the  tensile  stress. 
Stage  II  should  correspond  to  ths  tBnsile  mode.  Stage  I,  however,  ie  thought  to  occur  only  at  tbe  free 
surface  of  tbe  material  at  both  low  and  faat  propagation  rates  (Ref.6).  It  ie  promoted  by  tbe  lower 
reetraint  on  elip  at  the  free  surface. 

Cyclic  strain- hardening  (and  softening) 

SincB  fatiguB  and  crack  growth  are  a  consequence  of  cyclic  elip,  cyclic  strain-hardening  (or  softening) 
will  occur.  That  means  that  tbe  structure  of  the  material  will  be  changed.  The  Bpatial  configurations  of 
the  dislocations  will  change.  Dislocation  multiplication  may  occur  ae  well  es  dislocation  reactions  and 
pinning.  According  to  Grosskrsutz,  a  cel  structure  will  be  formed  (Ref.14). 

If  tbe  material  was  already  work-bardensd,  re-arrangement  of  tbe  dislocation  distribution  uay  lead  to 
cyclic  strain  softening.  Anyhow,  crack  growth  will  occur  in  a  materiel  tbat  will  not  have  tbe  earns  dis¬ 
location  structure  ae  tbs  virgin  material  or  thB  materia  1  in  tbB  "ae  received"  condition. 

A  major  problem  ie  to  define  quantitatively  tbe  structure  of  the  cyclically  strain-hardened  materiel  in 
terms  of  dislocations.  Secondly  tbe  significance  for  crack  growth  is  not  fully  clear. 

Rate  effects 

Fatigue  being  a  consequence  of  cyclic  slip  may  well  be  a  loading  rate  sensitive  phenomenon,  oecause  slip 
itself  may  bs  a  function  of  the  loading  rate  (creep).  Fatigue  ae  it  is  considered  in  tbis  report,  is 
outside  the  creep  domain.  However,  there  are  more  reasons  why  rate  effects  may  occur.  Chemical  attack 
from  the  environment  may  be  significant  at  the  surface  of  the  material  (nucleation)  but  also  in  tbe 
crack  at  its  very  apex  (propagation).  Secondly,  diffusion  in  the  material  may  affect  the  mobility  of  tba 
dielocetions  and  the  fracture  mechanism. 

It  ie  very  difficult  to  get  beyond  speculative  arguments.  However,  a  few  empirical  trends  seem  to  bs  well 
established.  Decreasing  the  loading  frequency  of  a  sinusoidal  loading  may  decrease  fatigue  livoe  and  in¬ 
crease  crack  rates.  Hisss  effecte  will  depend  on  the  type  of  material  and  on  tbs  environment.  Especially 
orack  propagation  in  aluminium  alloys  got  much  attention.  It  was  clearly  observed  that  the  crack  rats  was 
reduced  if  tbe  humidity  of  the  environment  was  lower,  while  tbis  effect  was  dependent  on  the  loading 
frequency  (Refs. 1  5,16). 

Type  of  material 

It  can  hardly  be  a  surpriss  tbat  fatiguB  does  not  manife  et  itself  ee  exactly  tbw  same  phenomenon  in  all 
materials,  Strlations  have  bssn  noticed  on  many  materials,  but  differences  were  found,  such  an  ductile 
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strietions  in  the  2024  alloy  and  brittle  »t nation*  in  the  7075  slloy  (Kef. 2).  There  are  aleo  materials 
(some  type*  of  eteel)  where  etrietione  are  hard  to  obeerve, 

Sinoe  fetigue  ie  a  consequence  of  qvclic  Blip,  it  will  be  clear  that  fatigue  ia  dependent  on  the  poaeibil- 
l ti.ee  for  elip  (available  Blip  systems,  eaae  of  croaa  Blip),  the  hardening  mechanisms  present  in  the 
matrix,  the  break-down  of  such  mechanisms,  oyclic  strain-hardening  (or  softening),  etc.  This  implies  that 
the  picture  can  be  different  for  different  materials.  Creek  nucleetion  may  also  depend  on  the  material 
due  to  the  presence  of  second  phase  particles  or  inclusions,  that  meane  on  the  cleanness;  of  the  material. 

Concluding  remarks 

It  is  trivial  to  state  that  various  details  of  the  fatigue  mechanism  will  be  different  for  different 
conditions.  At  this  stage,  it  is  more  relevant  to  see  whether  fatigue  j.n  technical  alloys  under  various 
condition*  has  still  enough  features  in  comnon  to  postulate  a  eiic.pl e  fatigue  modal,  that  could  be  ueeful 
for  a  discussion  of  fatigue  damage  accumulation  under  variahle-amplitude  loading.  It  ie  thought  that  a 
model  with  the  following  characteristic*  could  eatiefy  this  need,  while  etill  being  in  agreement  with  the 
observations  diecuased  hefore. 

1.  Sinoa  we  are  concerned  with" finite  lifef  problems,  this  implies  *hat  crack  nucleation  starts  early  in 
tbe  life.  Hence  the  nucleation  period  may  be  neglected. 

2.  Creek  growth  occurs  by  eliding-off  at  the  tip  of  the  crack,  either  by  dislocations  moving  into  the 
creek  or  hy  dislocations  emitted  by  the  crack,  that  ciieans  it  occurs  by  slip,  which  ie  local  plastic 
deformation. 

3.  As  a  consequence,  ths  growth  rate  ie  dependent  on  tr.e  amount  of  cycl-c  elip  and  on  the  effectivity  of 
converting  cyclic  slip  into  crack  sxtaneion.  Obviously,  the  amount  of  elip  ie  a  function  of  the  local  con¬ 
dition  of  the  material  end  the  local  streesee.  The  condi  tion  of  the  material  is  dependent  on  the  prece¬ 
ding  strain  history,  while  the  local  stress  ie  a  function  of  the  applied  streea  and  the  geometry  of  the 
specimen,  inoluding  the  length  of  the  crack. 

4.  The  conversion  of  cyclic  elip  into  crack  extension  will  also  depend  on  the  local  teneile  etreee 
(fracture  mechanism,  disruption  of  hands,  etrain  energy  release).  This  stress  should  include  residual 
etrese  induced  by  ths  preceding  fatigue  loading. 

More  comments  on  fatigue  damage  accumulation  will  be  given  in  the  following  chapter. 


3.  FATIGUE  EAMAGF  ACCUMULATION 

In  the  previous  chapter  the  fatigue  phenomenon  has  been  discussed  in  qualitative  terme,  tacitly  aeeuming 

that  the  fatigue  loading  did  not  vary  during  the  tent  (constant  mean,  constant  amplitude).  If  the  fatigue 

load  doee  vary,  how  will  this  picture  bt  Tfected?  Thie  will  he  diecuseed  in  the  present  chapter. 

Pertinent  question*  arej  .  _ 

. amp 1 i tuner 

a  Ie  fatigue  under  ».  variable  fatigue  loading  etill  the  Bame  process  as  fatigue  under  constant  loading? 
h  How  doee  fatigue  damage  accumulation  occur  under  a  variable  fatigue  loading? 
c  To  answer  the  previous  question,  the  following  queeticn  has  also  to  be  answered. 

How  do  we  describe  fatigue  damage? 

With  respect  to  the  first  quaaiion  it  has  to  he  expected  that  the  qualitative  description  of  fatigue 
given  in  chapter  2  is  etill  valid.  It  doss  occur  in  the  same  material,  again  ae  a  consequence  of  cyclic 
elip.  Thie  does  not  imply  that  ths  fatigue  process  will  also  be  the  same  in  a  quantitative  way.  It  need 
net  even  be  the  same  in  conetant-emplitude  teiia  at  high  and  low  amplitudes  (high-level  fatigue  and  low- 
lev.  I  fatigue).  The  discussion  of  quantitative  aspects  first  requires  a  definition  of  fatigue  damage. 


3.1  Fatigue  damage 


Fetigue  damage  ie  most  generally  defined  ee  being  the  changes  of  the  moteriai  caused  by  fatigue  loading. 
The  amount  of  cracking,  apparently,  Is  the  most  prominent  aspect  of  these  changes.  However,  there  are 
other  changes  in  the  material  than  crackling  alone,  frr  instance  cyclic  etrair.-hardenmg  and  the  develop¬ 
ment  of  residual  stress**. 


■-  -fr  ai':, 
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Csomstry  of  tha  crack 

It  should  ha  reoognised  that  tha  crack  ia  not  comp  lately  dafined  hy  giving  a  crack  length  or  a  crnckad 
area.  Considering  a  crack  aa  a  aaparation  in  tha  material  ite  aiee,  aa  a  first  approximation,  oan  ho 
dafined  hy  tha  position  and  tha  orientation  of  the  o rack. front.  Tha  crack  front  need  not  ha  a  single 
straight  lina  or  a  circular  arc.  On  a  microsoopic  level  it  certainly  will  not  ha  a  straight  line  through 
the  various  grains.  At  a  macroscopic  level  the  orientation  of  the  oraok  front  Mill  be  different  for  a 
plane-strain  creek  (tensile  mods)  and  a  plane-etreae  crack  (shear  moda)  (Fig. 2, 4). 

Tha  geometry  of  the  crack  tip  ia  another  aapact  to  he  considered.  On  the  atomic  level  a  detailed  picture 
ia  a  matter  of  imagination,  hut  evan  on  a  microscopic  levsl  thia  la  a  diffioult  problem.  It  has  to  he 
expected  that  tha  tip  will  he  blunted  after  application  of  a  high  tensile  load,  tdiile  reversing  the  load 
will  induce  resharpening  of  tha  crack  tip.  Blunting  and  resharpening  hoth  will  depend  on  the  local  ductil¬ 
ity  of  the  material  and  on  the  magnitude  of  the  load  applied. 

If  a  cracked  sheet  ia  loaded  in  compression  the  crack  will  he  closed.  Hence  it  will  oe  no  longer  a  severe 
stress  raiser  since  it  can  transmit  compressive  loads.  Thia  argument  was  suggested  hy  Illg  and  McEvily 
(Ref.  17)  who  oonfirmed  it  hy  comparing  crack  propagation  data  obtained  in  testa  with  the  same  hut 

with  SBin  -  0  in  one  case  (R  -  0)  and  Smin  -  -  Smal  in  the  other  caee  (Sm  -  0,  R  -  -1).  Approximately  the 
earns  crack  rates  were  found.  This  result  wae  more  applicable  to  7075— T6  sheet  material  than  to  2024-T3 
sheet  material.  The  latter  waa  explained  by  the  higher  ductility  of  the  2024  alloy,  implying  more  crack 
opening  due  to  plastic  deformation  in  the  crack  tip  area.  Hanes  a  larger  compressive  etreee  was  required 
before  crack  closure  occurs. 

Recently,  Elber  (Refe.18,19)  oheerved  that  ertek  closure  may  occur  while  the  sheet  is  ei.ill  loaded  in 
tension.  According  to  Elber  plastic  elongation  will  occur  in  the  plastic  zone  of  the  growing  crack.  This 
plaetic  deformation  will  remain  present  in  the  wake  of  the  crack  and  it  will  cause  crack  closure  before 
complete  unloading  of  the  specimen.  This  phenomenon  waa  '-onfirmed  in  an  exploratory  investigation  at  RLil, 
The  data  in  figure  3.1  illustrate  tha  conception.  As  a  consequence  of  crack  closure  tha  crack  opening  es 
a  function  of  applied  etrees  shows  a  non-linear  behaviour.  For  increasing  stress,  the  crack  is  gradually 
opened  until  at  S  «  SQ  it  is  fully  open,  IX'.ring  the  fatigue  teets  1  and  2,  eee  lower  graph  of  figure  3.1, 
the  crack  was  partly  cloeed  during  a  considerable  part  of  the  etrese  cycle.  For  teste  3  and  4,  the  SQ  - 
level  could  only  be  determined  after  unloading  the  specimen  below  Smin* 

The  above  aspects  of  the  crack  geometry  have  been  listed  in  figure  3.2. 

Strain-hardening  effects 

As  said  in  chapter  2,  cyciic  slip  will  affect  the  structure  of  the  material,  in  view  of  the  streee  concen¬ 
trating  effect  ofthe  crsck,changee  of  the  structure  will  have  a  localized  character  with  large  gradients. 
Since  it  is  already  difficult  to  describe  the  chsngee  in  a  qualitative  way,  it  will  he  clear  thst  a 
quantitative  description  is  a  termendous  problem. 

Reeidual  streee 

Plastic  deformation  et  the  tip  of  the  crack  will  occur  in  the  ascending  part  of  a  load  cycle.  If  this 
deformation  ie  not  fully  reversed  in  the  descending  part  it  will  leave  reeidual  stresses  in  the  crack  tip 
region.  In  the  fstiguo  model  outlined  in  the  previous  chapter,  vhe  efficiency  of  converting  slip  into 
crack  extension  is  dependent  or.  the  teneiie  stress  in  the  crack  tip  region.  Residusl  streseea  have  to  he 
added  to  the  stresses  induced  hy  the  epplied  loads.  Ae  a  consequence,  residual  stresses  will  affset  the 
fatigue  damege  accumulation  and  for  this  reason  they  are  an  essential  part  of  fetigue  damage. 

A  calculetion  of  the  dietrihution  and  the  magnitude  of  the  residual  stresses  will  he  extremely  difficult 
in  view  of  the  cyclic  pleatic  behaviour  of  the  material,  the  large  strain  gradients  and  the  cryatallo- 
grephic  nature  of  the  materiel. 

The  picture  is  further  complicated  hy  crack  doers  *a  described  above.  It  will  turn  out  later  that 
several  empirical  trends,  attributed  to  residusl  stresses  in  the  crack  tip  region,  may  aleo  he  explained 
hy  orack  closure. 


Aspecto  of  the  pravioua  dieoueeion  are  summarized  in  fig.-re  3.2  which  will  be  disoueeed  further  in  thie 
eection.  In  general  terme  fatigue  damage  may  aleo  be  foroiulated  a a  follower 


changes  of  'the  material  «eo,,etr* 

Fatigue  damage  -  (  1  )  -  cyclic  strain  hardening  (  (3*0 

due  to  cyclic  loading  _  , 

residual  atreaees 


Fetigue  damage  accumulation  meane  an  accumulation  of  damage  increments  in  every  load  cycle.  A  damage 
increment  according  to  equation  (3.1 )  involves  incremental  changes  of  the  crack  geometry,  the  cyclic 
etrain-hardening  and  the  rasiduel  etrese.  If  theea  three  aspects  were  uniquely  correlated,  fatigue  would 
be  the  same  process  irrespective  the  magnituae  of  the  fatigue  loading.  The  damage  could  then  be  fully 
described  by  one  single  damage  parameter,  for  instance  the  crack  length.  Unfortunately  such  a  unique 
correlation  does  not  exist.  Compare  as  an  example  high-level  fetigue  and  lcw-lefvel  fatigue.  Crack  propa¬ 
gation  occurs  in  both  cases,  but  the  amount  of  cyclic  etrain-h&rdaning  ana  the  residual  stress  at  e 
certain  length  of  the  creek  will  be  different.  Even  the  crack  will  not  be  the  same.  It  may  be  a  shear  mode 
crack  for  high-level  fatigue  and  a  tensile  mode  crack  for  low-laval  fatigue.  Thie  implies  that  quantita¬ 
tively,  fatigue  la  not  the  same  process,  irrespective  of  the  magnitude  of  the  fatigue  loading.  Consequent¬ 
ly,  it  is  impossible  to  describe  the  damage  by  a  single  damage  parameter. 


For  a  variable  fatigue  loading,  the  problem  ie  etill  more  complex  than  for  constant -amplitude  loading. 

A  crack  propagation  test  with  a  constant- amplitude  loading  and  a  few  intermittent  high  loada  ie  a  relativ¬ 
ely  simple  case,  while  at  the  same  time  it  ie  a  very  illustrative  example. 

Aa  shown  in  figure  3.3,  three  upward  peak  loada  hed  a  large  delaying  effect  on  tho  creek  propagation, 
compare  C  and  A.  If  the  upward  peak  load  was  immediately  followed  by  a  downward  one  (sequence  B),  the 
delaying  effect  is  oiudh  smaller,  hut  nevertheless  the  increase  of  life  is  noticeable.  Soma  comments 
on  these  raeulte  may  now  be  made. 

During  the  paak  load  crack  extension  does  occur.  Although,  being  small  from  a  macroeoopic  point  of  view 
the  extension  could  be  observed.  The  question  ia  whether  thie  inorament  of  the  creek  length  would  have 
been  the  game  if  the  creek  had  been  grown  up  to  the  same  length  by  peak  loads  only  (compare  aleo  A  and  C 
in  Fig. 3.2).  There  are  varioue  reasons  to  believe  that  thie  ie  not  true. 

1.  The  orientetion  of  the  crack  front  would  bs  different  because  peak  load  cyolee  would  produce  a  sheer 
mode  fracture,  whereas  the  low-amplitude  cyclae  produced  e  tensile  mode  fracture.  In  other  words  the  peak 
loads  in  figure  3.3  sre  faced  with  an  orientation  of  the  crack  front  that  ia  rot  compatible  with  their 
own  magnitude.  Thie  incompatibility  or  mismatch  between  load  amplitude  and  crack  front  orientation  is 
illuetreted  by  figure  3.5  for  some  simple  .load  sequences. 

2.  The  low-amplitude  cycles  will  produce  a  sharper  crack  lip  luait  cycles  of  tbs  p»£«.  load  magnitude  would 
have  done.  This  may  aleo  affect  the  crack  extension  of  a  single  peak.  load. 

3.  The  cyclic  strain  hintoiy  ia  obviously  different  for  low-amplitude  qyclee  and  high-empiitude  cycles. 

It  ie  extremely  difficult  to  quantify  these  three  aspects. 

let  us  now  consider  the  crack  growth  during  the  low-amplitude  cycles  after  a  peak  load  waa  applied,  that 
means  during  the  delayed  growth  period.  The  delay  can  elto  b«  explained  by  various  mechanisms. 

1.  The  high  peek  load  in  teat  C  induced  coapreeaiva  reeidual  streaaea  in  the  crack  tip  region.  This  will 

not  neceeearily  raatrain  olic  slip  but  according  to  the  model  outlined  in  the  previous  chapter,  it  will 
euppreie  the  conversion  into  crack  extension.  In  teat  B,  the  subsequent  downward  peak  load  ravareed  the 
sign  of  the  residual  stress  but  thie  occurs  in  a  smaller  plastic  zone  because  the  crack  ie  oloeing  under 
compression.  Hence  the  creek  tip  ie  surrounded  by  a  email  none  with  tensile  residual  stresses  and  a 

larger  aone  with  compressive  residual  stresses,  see  figure  3.4  In  agreement  with  thie  picture  the  crack 

growth  started  faetar,  then  slowed  down  and  finally  resumed  normal  speed. 

2.  The  observations  in  figures  3.3  and  3.4  can  also  be  explained  by  Elber’e  crack  closure  argument.  Thia 

waa  recently  studied  by  Von  Euw  (Ref.21).  The  argument  is  that  the  delaying  effect  of  the  positive  peak 
load  caused  by  crack  closure  should  occurafter  the  crack  has  penetrated  the  plastic  sons  with  the  residu¬ 
al  compressive  stresses.  Consequently  the  crack  rate  should  reach  a  minimum  after  some  further  growth. 


T 
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Von  Euw  could  substantiate  this  view  by  fractographic  observations  (aee  aleo  Ref. 26). 

3.  Cruck  hlunting  Bight  qualitatively  explain  the  delay  in  teet  C.  However,  the  delay  would  he  vary  large 
for  a  crack  that  ia  blunted  on  a  microscopic  acale  only,  whereaa  it  ia  etiP,  a  sharp  crack  on  a  macroscopic 
acala.  Further,  it  ia  difficult  to  eee  that  crack  blunting  can  explain  the  delay  in  t«Bt  B  since  the  down¬ 
ward  peak  load  should  resharpen  the  crack  tip  again. 

4.  Strain-hardening  in  the  crack  tip  region  ia  alao  a  mechanism  to  explain  the  observations,  although  in 
thia  case  it  alao  ia  difficult  to  reconcile  the  large  differencee  between  the  delays  in  teets  B  and  C. 

It  would  require  a  mere  detailed  picture  about  strain-hardening  under  cyclic  load. 

Another  example  is  given  in  figure  3.5b*  The  crack  exteneion  due  to  the  hatch  of  low-amplitude  cycles  was 
smaller  than  in  a  constant-amplitude  test  with  ths  same  low  emplitude.  Arguments  mentioned  before,  such  as 
reeidual  stress,  crack  closure,  incompatible  crack  front  orientattion,  cyclic  strain  hardening  and  crack 
blunting  may  all  he  relevant  in  this  case.  It  is  indeed  difficult  to  design  a  test  and  means  for  observa¬ 
tion  such  that  just  one  mechanism  can  he  Btudied  separately. 

Interaction  effects 

Aa  illustrated  hy  the  above  teetB,  crack  extension  in  a  load  cycle  is  depending  on  the  fatigue  damage 
haing  present.  This  damage  is  again  dependent  on  the  load  hietory  that  produced  the  damage.  In  other 
words,  a  damage  increment  in  a  certain  load  cycle  will  be  a  function  of  the  damage  done  hy  the  preceding 
load  cycleB,  A  recapitulation  of  the  various  aspects  is  given  in  figure  3.2. 

It  may  also  be  said  that  the  damage  produced  in  a  certain  load  cycle  will  affect  the  damage  produced  in 

the  euheequent  load  cycleB.  These  effectB  wars  labelled  in  the  paBt  as  interaction  effects,  as  it  was 

supposed  to  be  an  interaction  hetween  the  damaging  effectB  of  load  cycles  of  different  magnitude.  We  will 

.tfl-  refer. 

still  use  the  word  "  interaction  affect”  in  ordervto  damage  accumulation  under  variable  fatigue  loading 
as  being  different  from  damage  accumulation  under  constant-amplitude  loading. 

3.3  Fatigue  damage  at  final  failure 

Ths  end  of  the  fatigue  life  could  be  defined  ae  the  presence  of  a  specified  amount  of  fatigue  cracking. 

In  moat  theories,  however,  the  end  of  the  fatigue  life  is  associated  with  complete  failure.  Obviously, 
the  length  (or  the  area;  of  the  fatigue  crack  will  then  he  a  function  of  the  highest  load  occurring  in 
tha  test,  aa  indicated  hy  Valluri  (Ref. 23).  This  applies  to  both  constant-amplitude  teste  ae  well  ae 
variable-amplitude  teste.  For  the  former  type  of  testing  it  is  illustrated  by  figure  3.6,  which  has  been 
drawn  for  this  illustrative  purpose  only.  Unfortunately  this  aspect  is  ignored  by  most  cumulative  damage 
theories  to  be  discussed  in  chapter  5* 

In  s  variable-amplitude  test  the  occurrence  of  the  final  failure  will  he  dependent  on  the  maxima  of  the 
luod  iiiavuiy  and  the  erne  oi  me  growing  crack.  Une  may  aek  whether  the  condition  of  the  material  at  the 
tip  of  the  crack  could  also  affect  the  occurrence  of  the  final  failure.  Broek's  work  (Kef. 24)  suggests 
that  this  will  hardly  be  true.  The  final  failure  (unstable  ersek  growth)  will  be  preceded  by  a  email 
amount  of  stable  crack  growth,  Moreover,  he  found  that  eaw  cuts  and  fatigue  cracks  gave  similar  reeidual 
strength  values.  It  thus  appears  -o  he  justified  to  apply  the  fracture  toughness  conception  for  the  pre¬ 
diction  of  the  final  failure,  i.e.  the  end  of  the  fatigue  life. 

3.4  Micro  and  macro  aspects 

Ths  various  possibilities  for  interaction  effects  during  the  accumulation  of  fatigue  damage  are  summarized 
in  figure  3.2.  It  is  good  to  realize  how  we  arrived  at  the  knowledge  or  the  recognition  of  the  existence 
of  such  interaction  mechanisms.  It  then  has  to  he  admitted  that  macroscopic  concepts  (stress  and  Btrain 
e.g. )  were  quite  frequently  employed.  Microscopic  observations  (stnstione)  were  usually  oht&ined  for 
macrocracks.  Crack  growth  delays  were  aleo  observed  for  macrocracke.  For  microcracks  the  growth  rate  le 
so  low  that  detailed  observations  are  extremely  difficult.  Nevertheless,  it  is  thought  that  the  damage 
accumulation  picture  outlined  before  will  qualitatively  apply  in  the  micro  range  aleo.  However,  eince  the 
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picture  for  »aorocracke  ie  eleo  largely  qualitative  it  Kill  ba  clear  that  thera  ia  a  gc^  dual  of  intui¬ 
tive  a peculation  involved  in  our  conceptions.  It  ia  expected  that  our  knowledge  for  a  long  tine  will  atill 
have  a  qualitative  character. 

4.  OtPIfilCAL  TRENDS  OBSERVED  IN  VARIABLE- AMPLITUDE  TESTS 

As  explained  in  the  previous  chapter,  fatigue  daraago  accumulation  ia  a  fairly  oomplex  phenomenon  chiract- 
enzed  by  varioue  mechanisms  for  interaction  effects.  In  this  chapter  it  will  be  analysed  whether  variable- 
amplitude  teate  have  revealed  systematic  trends  with  respect  to  interactions.  For  this  purpoeo  we  will 
first  consider  xhe  methods  for  measuring  interaction  effects.  Secondly  various  types  of  variable-amplitude 
loading  will  be  listed.  The  major  part  of  the  chapter  is  covered  by  summarizing  empirical  trends  observed 
in  varioue  test  series  (Sece.4.3-4.18).  It  ia  not  the  intention  to  give  a  complete  compilation  of  all 
available  data.  Representative  data  will  be  shown,  however,  to  illustrate  the  various  trends. 

4.1  How  to  measure  interaction  effect e? 

In  chapter  3  the  interaction  effect  was  defined  as  the  effect  on  the  damage  inc-ement  in  a  certain  load 
cycle  ae  caused  by  the  preceding  load-time  history.  It  can  be  similarly  defined  ae  the  effect  of  the 
damage  being  preeent  on  subeequent  damage  accumulation. 

Fractography 

In  view  of  the  significance  of  cracking  for  fatigue  damage,  the  beet  method  for  measuring  interaction 
effects  would  be  by  fractograpnic  means.  Kith  the  electron  microscope  etriatione  can  be  observed,  that 
means  crack  length  increments  of  in'*  .vidual  load  cycles.  It  ie  beyond  any  doubt  that  fractography  ia  the 
moat  direct  method  to  measure  interaction  effecte.  However,  there  are  limitations  because  etriations  can¬ 
not  always  be  observed,  especially  in  the  microcreck  range.  Moreover,  interpretation  problems  may  also 
arise.  Reference  may  be  made  here  to  the  work  of  McMillan,  Pelloux,  Herzberg  (Kefe.25,25)  and  Jacoby 
(Ref. 4).  More  investigations  of  this  nature  are  thought  to  be  very  worthwhile. 

Visual  crack  growth  observations 

The  examples  of  interaction  discussed  in  the  previous  chapter  (Sec. 3. 2),  were  studied  by  visual  obeerva- 
tion  of  the  crack  growth.  The  effecta  could  still  directly  be  observed  because  there  were  considerable 
crack  growth  delays.  A  similar  observation  was  made  (Refs. 27, 28)  after  changing  the  stress  amplitude  from 
a  high  to  a  low  value  (two-etep  test),  as  illustrated  by  figure  4.1a.  When  changing  the  amplitude  from  a 
low  to  a  high  value,  the  crack  apparently  resumed  immediately  the  propagation  rate  pertaining  to  the  high 
etreae  amplitude,  see  figure  4.1b.  In  other  worde,  macroecopically  an  interaction  effect  could  not  be  ob¬ 
served  in  the  second  case.  Nevertheless,  a  significant  interaction  siiect  during  a  email  number  of  ojoiei 
could  easily  escape  such  visual  crack  growth  observations.  Electron  fractography  is  then  required  and 
there  are  indeed  some  indications  (Ref ,21)  that  the  crack  rets  immediately  after  a  low-high  step  was  high¬ 
er  during  a  few  cycles. 

Fatigue  life 

In  the  majority  of  variable-amplitude  test  series  reported  in  the  literature,  observations  on  crack  growth 
were  not  made.  Since  favourable  interaction  effecte  increase  the  life,  whereas  unfavourable  effecte  will 
shorten  it,  interaction  effects  can  also  be  derived  in  an  indirect  way  from  fatigue  life  data. 

Damage  values  1  n/tt 

Since  the  velue  of  In/#  et  the  moment  of  failu,  t  may  be  considered  ae  a  relative  fatigue  life,  this 

value  may  also  be  adopted  for  studying  interact Un  effecte.  He  may  expect  z  n/N  '1  to  be  the  result  of 

a  favourable  interaction  effect,  whereas  I  n/N  <  1  would  indicate  an  unfavourable  interaction  effect. 

Other  reasons  for  deviations  from  z  n/N  -  1  axe  defined  in  eectioi.  5.3.2, 

The  value  of  Z n/N  can  give  an  indication  of  interaction  only  if  the  fatigue  load  ie  varied  no  more  than 

once  in  a  test,  see  figure  4.2,  A1  and  A2,  If  the  fatigue  load  ie  cnauiged  more  than  once,  see  for  a 
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*i«pl«  example  figure  4.2B,  a  value  Z  n/N  >1  m^y  again  be  interpreted  as  an  indioetion  of  favourable 
interaction  affaota.  However,  it  is  impossible  to  say  whether  it  was  a  favourable  interaction  of  the  high- 
amplitude  cycles  on  subsequent  damage  accumulation  during  low-amplitude  cycles  or  the  reverse.  It  ie  even 
possible  that  there  were  unfavourable  and  favourable  interaction  effects  both,  with  the  latter  ones  pre¬ 
dominating.  Hence,  in  general,  the  l  n/N  value  will  only  indicate  eome  average  of  all  possible  interac¬ 
tion  affects. 

4.2  Various  types  of  variable-amplitude  loading 

There  ie  obviously  a  multitude  of  load-time  histories  deviating  from  the  fatigue  load  with  constant  mean 
and  constant  amplitude.  A  survey  of  several  types  applied  in  test  serien  reported  in  the  literature  and 
the  nomenclature  to  be  used,  are  given  in  figures  4.2  snd  4.3.  The  more  simple  ones  are  presented  in 
figure  4*2.  The  number  of  variables  is  small  snd  the  variables  can  easily  be  defined.  For  the  more  com¬ 
plex  load_time  histories  shown  in  figure  4.3,  a  statistical  description  of  tha  loads  has  to  be  given. 

This  may  be  the  distribution  function  of  the  load  pjiplit  udea.  The  function  may  be  a  stepped  one,  as  for 
instance  for  the  programloadirg  F  and  the  randomised  block  loading  0  in  figure  4.3.  an  example  of  Buch  a 
stepped  function  is  given  in  figure  4.22. 

Program  loading  was  proposed  in  1939  by  Caesner  (Ref.29),  while  the  randomized  block  loading  was  advised 
by  NASA  (Refe.30,31)  as  a  variant  of  program  loading.  In  a  program  test,  the  blocks  with  load  cycles  of 
the  same  magnitude  are  applied  in  a  systematic  sequence,  whereas  this  sequence  ie  a  random  one  for  the 
randomized  block  loading. 

If  random  loading  is  a  stationary  Gaussion  proccse,  it  ib  fully  described  by  ite  power  spectral  density 
function  (PSD-function).  Other  statistical  parameters  characterizing  the  random  load  are  the  root  mean 
aquar*  value  of  the  load  (S  )  and  the  ratio  between  the  number  of  peakn  and  the  number  of  mean-load 
croeainge.  For  a  narrow-band  random  loading,  the  latter  ratio  ie  approaching  one,  while  the  distribution 
function  of  the  amplitudes  is  a  Rayleigh  distribution.  Aspects  of  describing  random  loads  are  discussed 
in  tha  literature  (for  instance  Refs. 32-34). 

The  sequence  of  peak  loads  of  a  quasi-random  or  pseudo-random  loading  is  derived  from  random  numbers,  in 
such  a  way  that  there  is  no  correlation  at  all  hetween  the  magnitude  of  successive  load  cycles. 

In  a  realistic  flight  simulation  teat  (M  in  Fig.4.a),  flight  loads  are  applied  in  sequence  which  are 
different  from  flight  to  flight,  see  also  figure  7.3.  The  load-time  history  may  be  s  calculated  one, 
whersae  actual  load  records  obtained  in  flight  can  be  adopted  if  available  (Branger,  Ref,35).  !.•  the 
past,  many  full-scale  structures  have  been  teeted  with  simplified  flight-simulation  loadings  such  as 
shown  in  figure  4.3,  all  flights  being  identical. 

In  figures  4.2  snd  4.3,  only  the  major  types  of  fatigue  ’oadinge  are  given.  The  list  ie  not  complete 
since  many  variants  on  the  examples  shown  can  be  thought  of.  For  instance  in  a  program  teat,  the  mean 
load  need  not  he  constant  but  may  vary  from  block  to  block.  As  another  example  in  a  random  load  test, 
the  need  not  be  constant  but  can  be  varied  from  time  to  time  as  proposed  by  Swanson  (Ref.33). 

Nsvsrtheless,  ths  list  is  complete  enough  for  the  discussion  in  the  following  section  on  systematic 
trande  in  the  results  of  variable-amplitude  loeding.  The  merits  of  several  testing  methods  are  dis¬ 
cussed  in  more  detail  in  ohapter  7. 

4.3  Trends  observed  in  teste  on  unnotched  specimens 

If  an  unnotched  specimen  ie  axially  loaded,  the  atrees  distribution  will  be  homogeneous.  Exceeding  the 
yield  limit  will  not  indues  reeidual  strese  on  a  macro  scale.  This  is  an  important  difference  aa  compared 
to  notched  specimens.  Consequently,  a  eignificant  mechaniam  for  interaction  effects  will  not  occur  in 
axially  loaded  unnotched  epecimsns. 

If  unnotched  specimens  are  loaded  in  rotating  bending,  the  mean  »tres»  is  equal  to  zero  and  the  sign  of 
the  stress  will  change  in  sach  cycle.  This  ie  again  an  important  difference  with  notched  specimens 
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loaded  at  a  positive  mean  etreee. 

Aa  a  coneequence,  we  hive  to  expect  that  the  cumulative  damage  behaviour  of  unnotched  specimens  especially 
if  loadei  at  5ffi  »  0,  may  be  eignif icantly  different  from  the  behaviour  of  notched  specimens  loaded  at  a 
positive  mean  etreea.  For  inetance  it  may  be  said  that  £  n/N  <  1  is  a  fairly  common  observation  for  un¬ 
notched  specimens  loaded  m  rotating  bending,  whereae  £  n/N  >  1  is  a  relatively  common  observation  for 

notched  epecimena  loaded  at  a  positive  mean  stress.  An  example  of  different  sequence  effects  m  unnotched 
and  notched  specimens  is  given  in  figure  4«4.  It  is  thought  that  the  explanation  for  the  sequence  effect 
of  the  unnotohed  epecimena  iB  mainly  a  matter  of  crack  nucleatiot.  Nucleation  will  .more  readily  occur  with 
the  high  etreee  amplitude  at  the  beginning  of  the  teats,  Subsequently,  cycles  with  a  lower  amplitude  may 
then  carry  the  crack  to  failure.  For  the  notched  epecimene,  residual  stresses  are  responsible  for  the 
reversed  sequence  effect,  see  the  following  section. 

Unnotched  specimen  data  were  reviewed  in  references  33»39<  In  view  of  their  limited  practical  significance 
the  data  will  not  b>-  further  considered  in  this  report. 

4.4  The  effect  of  a  high  preload 

Various  investigators  have  studied  the  effect  of  a  single  high  preload  on  the  subsequent  fatigue  life  of 
notched  elements.  A  Burvey  le  given  in  table  4.1  which  shows  that  the  effect  of  preloading  was  studied 
for  a  variety  of  materials  and  specimens  including  built-up  structures,  while  the  fatigue  loading  encomp- 
aases  constant-amplitude  loading,  program  loading  and  random  loading. 

Without  any  exception  an  increased  fatigue  life  du6  to  the  preload  was  found  in  all  the  investigations. 
This  was  generally  attributed  to  residual  stresses  at  the  root  of  the  notch.  Already  Heyer  in  1943 
(Kef.4l)  attributed  the  increased  life  to  compressive  residual  stresses.  It  is  shown  in  figure  4.5  how 
these  stresses  are  introduced  by  a  high  load.  The  compre6uive  residual  stress  at  the  root  of  the  notch 
implies  that  ths  local  mean  stress  in  subsequent  fatigue  testing  will  be  reduced  with  an  amount  equal  to 
the  residual  BtreBe.  Two  examples  of  the  effect  of  a  preload  on  the  S-.'J  curve  ars  shown  in  figure  4.6, 
one  for  constant-amplitude  loading  and  one  for  random  loading. 

•is  a  general  trend,  the  investigations  mentioned  in  table  4.1  also  indicate  that  the  preload  effect  is 
larger  for  higher  preloads.  This  is  illustrated  by  neyvood’a  results  in  figure  4.7. 

In  some  investigations  the  effect  of  a  negative  preload  (compressive  load)  waB  also  studied  (Kefs. 41-43, 
47,49)  and  reductions  of  the  life  were  found  indeed,  see  figure  4.7.  These  losBes  are  to  be  attributed  to 
tensile  residual  stresses. 

4. 5  hesidual  stresses 


Compressive  residual  stresses  will  increase  the  life  for  reasons  discussed  in  chapter  3.  Unfortunately 
residual  stresses  may  be  released  by  subsequent  cyclic  loading.  Crews  and  Hardrath  introduced  a  new 
technique  for  measuring  ttte  resmuai  stresses  at  the  root  of  a  notch  by  ne«»  of  veiy  ml  iiuvc  fi trail* 
gauges  (Kefs. 52,53).  with  the  strain  gauges  the  local  strain  history  is  measured.  The  corresponding  strsss 
history  is  then  deduced  from  teste  or  unnotched  specimens  to  which  the  same  strain  history  ib  applied. 

Some  results  from  .faibach,  Schlitz  and  bvenson  (hefs. 54,55)  for  a  Bimple  flight  simulation  loading,  are 
given  in  figure  4.3.  After  the  peak  load  F  the  local  mean  Btress  is  lower  than  before  ths  peak  load  and 
this  will  reduce  the  damage  rate.  However,  the  downward  load  A  (ground-to-air  cycle)  has  a  reversed 
effect  anu  hence  it  is  unfavourable  for  a  long  fatigue  life.  .Similar  measurements  were  reported  by 
odwarde  (Eief.^A). 

The  residual  stresses  at  a  notch  will  remain  present  only  if  the  local  stress  range  doeB  not  cause  local 
yielding.  This  is  obviously  depending  or.  the  fatigue  load  applied,  the  geometry  of  the  specimen  (including 
cracks;  and  the  cyclic  stress-strain  behaviour  of  the  material.  When  cyclic  plastic  deformation  occuth, 
either  at  the  root  of  the  notch  or  in  the  cratk  tip  region,  relaxation  of  residual  stresses  will  occur. 
Obviously  the  residual  stress  car.  be  restored  by  a  new  high  load,  Consequently  periodic  repetition  of 
high  loadB  will  have  a  much  larger  t.'.fect  on  the  fatigue  life  than  a  single  preload  of  the  same  magnitude, 
iiamples  will  be  discussed  later  on. 

imtg  fhef.49)  performed  fatigue  tests  on  edgs-notched  Ti-nlloy  epecimene  and  he  found  a  life  increase  from 
2rjGrn'  to  145  OO"  cycles  due  to  a  preload  of  jO  kg/ mn>‘  (cyclic  stress  range  0-39  kg/mm*;.  Hs  could  largely 
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eliminate  th*  reeidual  stress  induced  by  preloading,  hy  applying  a  new  heat  cycle  (288°C)  to  the  specimens. 
This  reduced  the  life  from  145  000  eyclee  to  55000  cycles. 

t  might  be  expected  that  reeidual  etreeeee  can  fade  awty  if  given  enough  time.  This  could  apply  to 
strain-ageing  materials,  such  as  mild  eteel.  However,  it  hss  not  heen  ohserved  in  aluminium  alloys. 

Smith  (Hef.45)  found  the  same  fatigue  life  for  preloaded  7075  ^  specimens  when  tested  immediately  after 
preloading  or  tested  ho  f  a  year  later.  Preloading  had  more  than  doubled  the  life.  Program  tests  of 
Gassner  (Ref. 57)  on  s  tuhe  with  3  holes  may  also  he  mentioned  here.  Frequent  interruptions  of  these  teste 
for  two  days  rest  periods  did  not  systematically  affect  the  life, 

4.6  Periodic  high  loads  and  residual  Btresees 

Investigations  on  this  topic  have  heen  listed  in  table  4.2.  Fatigue  tests  sre  interrupted  from  time  to 
time  for  the  application  of  a  high  load  (Pig. 4.21)).  The  general  trend  is  that  these  periodic  high  loads 
are  considerably  more  effective  in  increaeing  the  life  than  a  single  preload.  An  illustration  of  this 
oheervation  ie  presented  h>  figure  4.7.  The  delaying  effect  on  crack  propagation  waa  already  discussed 
in  chapter  3,  eee  figure  3.3.  The  effect  will  be  larger  for  higher  periodic  loade  (Refs. 26, 60, 62). 

The  relaxation  and  restoration  of  reeidual  stresses  ie  illustrated  hy  the  results  of  reference  39-  Riveted 
lap  jointB  were  tested  under  program  loading,  eee  figure  4.9.  The  periodic  high  loads  considerably  in¬ 
creased  the  life.  If  the  application  of  the  high  loade  was  stopped  efter  the  50th  period  (series  6a),  the 
reeidual  stresses  could  be  relaxed  hy  the  subsequent  fatigue  loading  and  failure  occurred  after  8  addi¬ 
tional  periods.  Similarly,  applying  the  high  loads  after  ea-h  2  periods  (series  6b)  also  allowed  more 
relaxation  of  reeidual  stress  and  gave  a  three  times  shorter  life.  It  ie  also  noteworthy  that  the  applica¬ 
tion  of  the  program  loading  in  the  Hi-Lo  sequence  (eeriee  17)  instead  of  the  Lo-Hi  sequence,  gave  a  much 
shorter  lif  Apparently,  applying  the  maximum  amplitude  immediately  after  the  periodic  high  load  reduced 
the  reeidual  stresses  and  the  subsequent  lower  amplitude  cycleB  could  he  more  damaging  than  in  test 
aeries  6. 

Ir  some  investigations,  listed  in  l„l/le  4.2,  it  wae  etudied  whether  a  high  negative  load  would  reduce 
the  life  increasing  effect  of  a  high  positive  load.  This  was  true  in  all  caBee.  An  illustration  concern¬ 
ing  crack  propagation  wae  alreadv  d.scuweed  in  chapter  3,  eee  figure  3.3  Another  example  for  the  fatigue 
life  of  riveted  joints  is  shown  in  figure  4. '2.  if  a  single  load  cycle  with  a  very  high  amplitude  ie 
applied,  it  ie  apparently  very  important  whether  this  cycle  starts  either  with  the  positive  peak  or  the 
negative  peak.  The  last  peak  load  applied  hae  a  predominant  effect  on  the  damage  accumulation,  eee  dis¬ 
cussion  in  section  3.2. 

Hudson  and  Raju  (Ref.62)  also  performed  constant-  anplitude  teste  with  intermittent  batches  of  5*  '0,  20 
or  28  high  load  cycles.  The  effect  of  crack  propagation  in  aluminium  alloy  oheet  material  waa  studied  and 
it  turned  out  that  the  crack  growth  delays  were  larger  than  for  single  high  loade.  It  may  he  assumed  that 
more  high  load  cycles  will  further  increase  the  compreseive  residual  stresses  in  the  plaetic  sons.  It  may 
sleo  he  assumed  that  the  size  of  the  plaetic  zone  will  still  become  larger.  Another  explanation  is  to 
sttrihute  the  increased  growth  delay  to  a  more  intensive  strain  hardening  in  the  crack  tip  tone.  It  is 
difficult  to  indicate  the  significance  of  the  various  contributions.  It  ie  noteworthy  that  Hsywood 
(Ref.42)  found  a  few  test  reeulte  indicating  that  10  high  preloads  on  a  notched  element  induced  a  larger 
increaee  of  the  fatigue  life  than  a  single  high  preload. 

4.7  The  damaging  effect  of  periodic  negative  loads  on  GTAC 

For  wing  structures,  ground-to-air  cycles  (GTAC),  also  called  ground-air-grouiid  transitions  (CAG),  are 
frequently  recurring  load  cycles.  A  survey  of  investigations  on  the  effect  of  GTAC  on  fatigue  life  ie 
presented  in  table  4.3.  The  GTAC  hae  the  reputation  to  be  very  damaging.  It  ie  trie  indeed  that  GTAC  are 
reducing  the  life  considerably ,  that  means  to  a  much  greater  extent  than  the  Palmgren-Kiner  rule  predicts 

(ees  for  eumnaries  Refs. 76  and  79).  In  flight-simulation  tests,  life  reduction  factors  in  the  range  2-5 
are  common. 
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A  GTAC  may  be  damaging  for  two  reason*.  Firet,  it  generally  is  a  eevsro  load  cycle  which  certiinly  will 
contribute  to  creek  growth.  Second,  it  will  partly  eliminate  eompreeeiv*  residual  etreeeee  ■*  explained 
in  section  4,5,  eee  also  figure  4*8.  These  two  argument*  explain  the  results  of  Sarroie  (Ref, 70)  in 
figure  4.1',  which  illustrate*  that  the  life  in  cycles  is  ehorter  if  there  are  more  OTAC. 

From  the  above  arguments  it  hea  to  be  expected  also,  that  the  damaging  affect  will  be  larger  if  the 
minimum  load  m  the  GTAC  is  going  farther  down  into  compression,  Thie  is  illustrated  by  reeulta  of 
Naumann  (Ref.67)  and  Imig  and  lllg  (Ref, 80),  eee  figure  4,12. 

The  effect  of  GTAC  wae  also  etudied  for  macrocrack  propagation.  The  effect  in  eimplified  flignt-eimula- 
tion  test*  was  observed  to  be  small  (see  Hef.72).  It  was  more  significant  with  realistic  flight  simula¬ 
tion  loading  (Refa.77,78)  as  shown  by  the  reeults  in  figure  4.13.  The  reduction  factore  for  the  crack 
propagation  life  are  nevertheless  noticeably  smaller  than  the  usual  values  for  notched  specimens  and 
structures  (range  2-5),  Hence  the  damaging  effect  of  the  GTAC  eppeare  to  be  smaller  for  creek  propagation. 
Reversing  the  load  on  a  notched  element  implies  that  the  etreea  at  the  root  of  the  notch  is  aleo  reversed 
and  may  thus  reveres  the  eign  of  the  residual  etreee  if  plaetic  deformation  occurs.  The  reversion  would 
aleo  occur  if  euiall  microcracke  are  present.  However,  for  a  macro  crack,  reversing  the  load  from  tension 
to  compression  implies  that  the  crack  will  be  closed  thue  being  able  to  transmit  compressive  loads  an 
discussed  in  section  3.2.  The  crack  then  is  no  longer  a  etreea  raieer. 

As  a  coneequenca  of  the  above  reasoning,  it  appears  that  CTAG  are  more  damaging  for  crack  nucleation  (in¬ 
cluding  micro-crack  growth)  than  for  macrocrack  propagation. 

4.8  Sequence  effects  in  two-step  teste 

In  the  previoue  eections  the  effects  of  high  loads  were  discussed  and  it  turned  out  that  residual  strseees 
could  well  explain  the  trende  observed.  As  a  consequence,  a  high  peak  load  cycle  could  extend  the  life  if 
it  etarted  with  the  negative  half  cycle  and  ended  with  the  positive  half  cycle,  Reversing  the  sequence  of 
tha  two  high  loads  had  a  detrimental  effect  on  tha  fatigue  life. 

Another  example  of  a  sequence  effect  is  given  in  figure  4.4b.  In  this  figure  the  firet  block  of  high- 
amplitude  cycles  apparently  exerted  a  favourable  interaction  effect  (  I  n/N  »  5*35)  on  the  remaining  life 
under  tha  second  block  of  low-amplitude  cycles.  This  effect  may  again  be  due  to  residual  stresses, 
although  cyclic  strain  hardening  and  other  interaction  effects  may  also  hsve  been  active. 

The  following  illustrative  example  has  been  drawn  from  Wallgren  (Ref. 81).  In  figure  4-14  results  are 
shown  from  two  aeries  of  two-step  tBste  that  are  almost  identical,  since  the  s me  Sm  and  Sq  values  apply 
to  the  firet  and  the  second  block.  The  only  difference  is  in  the  transition  from  the  firet  block  to  the 
second  one,  which  had  a  significant  effect  on  the  life.  The  life  is  relatively  short  if  the  first  block 
ends  up  with  Smln  and  relatively  long  if  the  block  end*  with  SmaJ[,  which  is  just  a  matter  of  one  addition¬ 
al  nail  cycle.  This  observation  iw  avruugly  in  fa. uui  of  residual  stress  es  tic  major  mechanism  for  inter¬ 
action.  The  observation  ie  aleo  in  good  agreement  with  EdwardB'  measurements  of  residual  stresses  at  the 
root  of  a  notch  (Ref. 56),  showing  that  tha  sign  of  the  residual  etreea  may  change  in  each  cycle  if  the 
applied  stress  range  ie  large  enough. 

With  respect  to  macrocrack  propagation  in  sheet  specimens,  crack  growth  delays  after  a  high-low  amplitude 
step  have  been  mentioned  before  (Section  4.1).  It  was  aleo  emphasized  that  an  interaction  effect  after  a 
low-high  etep,  being  significant  during  a  few  cycles  only,  could  easily  escape  macro  observations,  but 
it  can  be  detected  by  electron  fractography.  Crack  growth  acceleration  after  such  11  low-high  step  wae 
succeeefully  explained  by  Elber  (Ref. 19)*  ueing  the  crack-cloeure  argument.  During  the  low-amplitude 
cycling  little  plaetic  deformation  ie  left  in  the  wake  of  the  crack.  r./m«»quently ,  after  changing  over  to 
the  high  amplitude  there  ie  leas  crack  closure  and  more  crack  opening  as  compared  to  crack  growth  at  the 
high  amplitude  only.  After  eome  further  crack  extension  the  crack  closure  is  again  rg  .eeentative  for  the 
high  amplitude  (hef.2l). 
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4.9  Sequence  effect*  in  program  teats 


In  a  two-etep  teat  tha  atraas  amplitude  ia  changed  only  once.  In  a  program  teat  it  ie  changed  many  times, 
both  by  increaeing  and  decreasing  ita  value.  A*  a  conaequence,  raaulta  of  two-etep  teste  will  not  neceeB- 
arily  allow  a  direct  interpretation  of  sequence  effect*  in  program  teete. 

There  is  another  reaaon  why  explaining  sequence  effect*  in  program  teete  may  be  problematic.  In  moat 
program  teBts  a  change  of  Sft  ie  euppoeed  to  occur  etepwiee.  If  thie  were  true,  it  ie  important  whether 
the  change  ie  made  either  after  the  minimum  or  after  the  maximum  of  the  last  cycle  of  a  step,  see  the 
previous  section  and  figure  4.14.  Unfortunately  thie  information  ie  rarely  given  in  the  literature  for 
thosB  caeca  where  thB  change  ie  really  etep-wiee  (manual  operation,  Blow-drive  machine,  cloeed-loop 
machine  with  load  control  on  individual  cycles),  Many  program  teete  ware  carried  out  on  resonance  fatigue 
machines,  which  implies  that  changing  the  amplitude  from  one  level  to  another  level  did  occur  gradually, 
that  means  lr  a  rathsr  large  number  of  cycles.  Apparently,  there  ie  a  poor  definition  of  details  of  thB 
load  sequence  in  program  teete  although  theee  details  could  be  important  for  interaction  affects  and  hence 
for  the  fatigue  life. 

Gaeener  proposed  the  program  test  in  1939  (Ref.29)  and  shortly  afterwards  he  etudied  already  the  affect 
of  p' riod  nize  (number  of  cycles  in  one  period,  eee  figure  4.3F)  and  the  effect  of  the  BequBnce  of  ampli¬ 
tudes  in  a  period  (Ref.82).  A  survey  of  inveetigat ions  on  the  methods  of  program  testing  ie  given  in 
table  1.4. 

Size  of  period 

The  investigations  listed  in  table  4.4  indicate  that  the  fatigue  life  may  depend  on  the  aize  of  the 
period  but  unfortunately  a  clearly  systematic  trend  wae  not  found  in  vll  cases.  Reducing  the  size  of  the 
period  in  several  but  not  in  all  cases,  reduced  the  life. 

Reducing  the  size  of  the  period  to  relatively  small  numbers  of  cycles  while  maintaining  the  same  load 
spectrum,  implies  that  the  highest  amplitudes  occur  lees  than  once  in  a  period.  The  amplitudes  then  have 
to  be  applied  in  a  limited  number  of  penode.  Adopting  thie  procedure,  Lipp  and  Gasener  (Refe.94,95)  and 
Breyan  (Ref. 98)  reported  p.  systematic  effect  on  the  program  fatigue  lift.  The  results,  as  shown  in 
figure  4. 1 5 »  indicate  that  the  effect  waB  far  from  negligible.  In  an  NLR  etudy  (Refe.96,97)  on  crack 
propagation,  a  similarly  large  effect  of  the  period  size  wae  found,  eee  figurB  4.16,  while  the  load  spec¬ 
trum  of  amplitudes  wae  exactly  the  same  for  the  Bhort  and  the  long  period. 

Sequence  of  amplitudes 
Sequences  frequently  applied  arei 
a  increaeing  amplitudes  (Lo-Hi) 
b  increasing-decreasing  amplitudes  (Lo-Hi-Lo) 
c  decreasing  amplitudes  (Hi-Lo) 

d  randomized  sequence  of  blocks  with  the  same  amplitude. 

Various  comparative  Btudiee  are  reported  in  the  literature.  The  effect  of  the  sequence  ia  illustrated  by 
the  NASA  results  in  figure  4.17»  end  for  -ack  propagation  by  the  NLR  reeulta  in  figure  4.16.  The  result* 
are  generally  ayatematic  in  a  way  that  the  life  for  the  Lo-Hi-Lo  sequence  is  always  in  between  thet  of  the 
Lo-Hi  and  the  Hi-Lo  sequence.  Unfortunately,  the  reeulta  are  not  systematic  with  reepeot  to  the  compari¬ 
son  between  the  L0-H1  and  the  Hi-Lo  sequence.  In  both  figures  4.16  and  4«1?i  the  fatigue  life  was  longer 
for  the  Hi-Lo  sequence,  a  trend  also  confirmed  by  teete  on  winai reported  by  Pariah  (Ref.91).  However, 
results  of  GaBBner  (Ref. 81)  and  NLR  tesi e  on  riveted  joints  (Refe.39,58)  showed  the  oppoeite  trend, that 
meane  longer  fatigue  lives  for  the  Lo-H\  eequence.  Ae  aaid  before,  the  way  of  changing  from  one  amplitude 
to  another  one  may  be  important  for  having  either  favourable  or  unfavourable  interaction  effect*. 

Both  the  effect  of  the  Bize  of  the  period  and  the  effect  of  the  eequence  of  amplitudes  indicate  that  the 
damage  accumulation  rate  ie  a  function  of  the  frequency  of  changing  the  amplitude  (period  size)  and  the 
pattern  of  changing  the  amplitude  (sequence).  From  a  fatigue  point  of  view  it  cannot  be  eurprieing  that 
theee  variablee  will  affect  the  damage  accumulation  and  hence  the  fatigue  life.  However,  a  detailed 
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picture  about  how  interaction#  could  explain  the  data,  would  eak  a  good  deal  of  epeoulation. 

4. 1 0  Kigh-ampli^ude  cycle#  in  program  teata 

In  a  program  teat  the  atatieticel  dietribution  function  of  the  amplitudes  is  usually  baaed  on  an  aBBumad 
load  spectrum,  Assessing  the  meximum  velue  of  the  Btreas  amplitude  to  be  applied  in  a  prograa  teat,  ia 
making  e  more  or  lees  arbitrary  choice.  Sometimes  the  choioe  is  dictated  by  the  possibilities  of  the 
available  fetigue  machine.  In  view  of  the  large  effect  that  periodic  high  loade  could  have  on  the  fatigue 
lifa  (see  Sec, 4, 6),  it  has  to  be  expected  thet  the  assessment  of  Sa  m  in  a  program  teat  may  be  a  critic¬ 
al  iesue,  A  survey  of  relevant  investigations  has  been  given  in  table  4.4. 

High-araplitude  cycle#  may  either  extend  or  reduce  the  fatigue  life  for  the  following  reesonsi 
a  These  cycles  will  be  damaging  since  they  will  substantially  contribute  to  creek  nucleation  and  propaga¬ 
tion.  They  may  contribute  to  crack  growth  even  more  than  in  a  constant- amplitude  teat  carried  out  et 
S„  ,  because  of  unfavoureble  intaractio.  s  caused  by  cycles  with  lower  S  values. 

b  High- amplitude  cycles  will  also  reduce  the  life  because  final  failure  will  occur  at  a  shorter  crack 
length, 

c  On  the  other  hand,  high-amplitude  cycles  may  extend  the  life  if  they  introduce  compressive  residual 
stresses  which  is  not  unlikely.  The  crack  closure  argument  also  appears  to  be  applicable. 

In  view  of  these  arguments  it  will  be  clear  thet  fully  systematic  results  cennot  be  expected.  The  trend 
could  be  dependent  on  the  question  whether  there  ars  relatively  many  high  amplitude  cycles  (manoeuvre 
spectrum)  or  just  a  few  (gust  spectrum).  Secondly,  the  question  whether  compressive  01  tenails  residual 
stresses  sre  introduced  will  ho  dependent  on  S&  detailed  loaa  sequence,  the  geometry  of  the 

notch  and  the  matariel.  Consequently,  it  should  not  he  surprising  that  data  from  the  litereture  indicete 
both  life  extension  and  reductions  if  higher  amplitudes  are  applied  in  a  program  test.  Illustrations  of 
both  are  given  in  figure  4.18.  The  results  of  the  tailplanes  reported  by  Hossnfeld  (Ref.48),  were  ob¬ 
tained  with  ■  +  13.3  %  (P^  »  limit  load)  end  hence  the  increeeed  life  obtained  by  adding  higher 

load  cyoles  may  well  be  due  to  introducing  compressive  residual  stress,  which  apparently  outweighed  the 
damaging  effect  of  these  cyclee  per  ee.  In  Neumann's  tests  (Kef.87)  on  the  edge  notched  specimens,  the 
addition  of  higher  load  qyclee  was  coupled  to  negative  minimum  loads  which  may  have  eliminated  compress¬ 
ive  residusl  stress  and  thus  the  cycles  were  damaging  only.  Effects  as  found  in  other  investigations  were 
generally  Bmaller  then  those  in  figure  4. 18. 

Kirkby  and  Edwards  carried  out  narrow-band  random  load  teste  on  lug  typs  specimens  (Ref. 99).  They  also 
performed  test  seriee  with  three  Srms  values  in  a  programmed  sequence,  see  figure  5.2.  emission  of  the 
highest  Srma  reduced  the  life  2.5  times.  Apparently,  the  higher-amplitude  cycles  had  a  beneficial  effect 
in  the  first  taste.  Comments  on  high-amplitude  cycles  in  flight-simulation  tenia  given  in  >viv;  4.13. 

4.11  Low-amplitude  cycles  in  program  tests 

In  aircraft  structures  fetigue  load  cypi»?  with  a  low  amplitude  usually  occur  in  relatively  large  numbers. 
Consequently,  if  such  cycles  could  be  omitted  from  a  test  a  large  proportion  of  the  testing  time  would  be 
seved.  This  topic  was  studied  in  severel  investigations  employing  program  loading,  see  for  a  Burvey 

teble  4.4. 

Low-amplitude- cycles  may  bs  damaging  for  more  than  one  reasont 

a  Due  to  the  large  numbers,  they  may  induce  fretting  corrosion  damage  and  thus  enhance  crack  nucleation. 
b  Low-amplitude  cyclee  may  contribute  to  crack  growth  as  soon  es  a  crack  has  been  created  by  higher- 
amplitude  cyclee.  This  implies  thet  cycles  with  an  amplitude  below  the  fatigue  limit  cen  be  damaging, 
c  Low-amplitude  cycles  may  enhance  the  crack  growth  at  subsequent  cycles  with  a  higher  amplitud'  ,  see 
the  diecussion  in  eection  4«8* 

It  is  well-known  that  fretting  corrosion  can  have  a  most  detrimental  effect  on  the  fatigue  limit  and  on 
the  lower  part  of  the  S-N  curve.  However,  ths  effect  is  relatively  small  at  high  Se-valuee  because  crack 
nucleation  does  occur  quits  early  and  is  less  dependent  on  the  assistance  of  frettingcorroeion.  Similarly, 


we  pay  expeot  fretting  corrosion  to  be  lees  important  in  program  teete,  Nevartbelees,  Gasener  (Hef.100) 
•till  found  a  50  percent  life  reduction  if  fratting  wae  applied  at  the  root  of  a  notched  2024-T4  specimen. 
Jeomajia  (Ref. 89)  aleo  in  program  tests,  found  a  life  reduction  of  about  65  percent  when  comparing  dry  and 
greased  bolted  joint*  of  tbe  2014  alloy, 

Program  tests  from  which  low-amplitude  cycles  were  omitted,  always  indicated  either  a  negligible  effeot 
on  the  fatigue  life  (in  periods)  or  an  increase  of  the  life.  In  other  words  the  available  data  confirm 
that  cycleB  with  amplitudes  below  the  fatigue  limit  may  be  damaging.  An  example  is  given  in  figure  4.19 
with  results  reported  by  Wallgren  (Ref. 83).  The  laet  column  of  the  table  illuetrates  the  reduction  of 
teeting  time  obtained  when  omitting  low-amplitude  cycleB, 


4.12  Comparison  between  the  results  of  program  teete  and  random  teete 


In  comparison  to  a  random  load  test,  the  variation  of  the  stress  amplitude  in  a  program  test  occure  in  a 
simple  and  eystematic  way.  For  random  loading  the  amplitude  (aB  well  as  and  Sm^n)  may  be  significant¬ 
ly  different  from  cyole  to  cycle.  In  a  program  test,  however,  the  aiiplitude  may  remain  unchanged  during 
large  numbare  of  cyoles.  The  number  of  amplitude  changes  is  relatively  small.  In  view  of  the  present 
knowledge  about  interaction  effects,  it  hae  to  be  expected  that  tbe  fatigue  damage  accumulation  rate  may 
be  different  for  the  two  types  of  loading.  Any  similarity  between  the  '.suits  of  random  tests  and  program 
test*  cannot  be  claimed  on  physical  arguments  but  has  to  be  shown  by  teste. 


A  escond  aspect  of  tbe  comparison  between  random  and  program  loading  iB  concerned  with  the  concept 
"randonf.  A  random  eignal  may  bs  stationary  or  non -stationary,  it  may  bs  Gauesion  or  non-Gaueeion 
(Refs, 32- 34).  If  it  is  a  stationary  Gaussion  process,  the  sequence  is  still  dependent  on  the  power- 
spectral  density  function  (PSD- function).  An  illustration  is  given  in  figure  4.20  by  two  record,  samples 
of  Hillberiy  (Ref. 101).  The  effect  of  the  shape  of  the  PSD-function  on  tbe  random  load  fatigue  life  was 
studied  in  some  investigations,  see  table  4.5*  As  a  gene  ral  trend,  it  was  found  that  the  effect  wae 
either  email  or  negligible.  It  is  thought,  however,  that  these  data  are  still  too  limited  to  justify  a 
generalization. 

The  importance  of  the  " randomness”  for  fatigue  life  hae  aleo  been  studied  under  different  pseudo  random 
loading  conditions.  In  figure  4.21,  results  of  Kaumann  (Ref. 67)  illustrate  that  the  fatigue  life  is 
apparently  depending  on  the  question  whether  we  consider  lull  cycleB  (starting  and  ending  at  S>m)  or  half 
cycles  (also  starting  and  ending  at  Sm).  It  should  be  pointed  out  that  the  statistical  distribution  func¬ 
tions  of  the  maxima  and  the  minima  were  exactly  the  eame  for  all  test  series  in  figure  4.21.  It  should 
also  be  pointed  out  that  the  statietical  distribution  functions  of  stress  ranges  (differencss  between 

Bucceeeive  values  of  and  S  .  )  are  not  tbe  eame  for  these  teBt  series,  which  will  be  evident  after 

max  min'  ’ 

a  closer  look  at  the  sequence  samples  in  figure  4.21. 

A  eecond  example  of  sequence  effects  in  random  load  tests  is  shown  in  figure  4.16,  giving  data  from  NLR 
tsate  on  crack  propagation.  In  two  test  eeries  exactly  the  same  random  sequence  of  complete  load  cyclee 
were  applied.  In  the  firet  eenee  the  cycle  started  with  ths  positive  half  cycle,  whereas  in  the  second 
series  it  started  wich  the  negative  cne.  Also  here  it  is  true  that  the  statistical  distribution  functions 
were  the  eame  for  the  peak  values  but  different  for  the  stress  rangeB,  which  apparently  has  eome  effect 
on  the  crack  propagation  life,  although  the  effect  was  Bmall. 


A  comparison  between  the  results  of  random  tsste  and  program  tests  was  recently  publiehsd  by  Jacoby 
( Ref e. 107,1 08).  Some  new  reeulte  became  available  since  than.  A  survey  of  comparative  investigations  is 
given  in  table  4.6.  As  Jacoby  pointed  out,  there  is  no  unique  relation  between  the  fatigue  lives  for 
random  loading  and  for  program  loading.  He  mentioned  (Ref.109)  various  aspects  that  could  affect  the 
comparison.  Some  inportant  cnee  are  the  type  of  random  loading,  the  type  of  program  loading,  the  maximum 
stress  in  the  test,  the  mean  etree*  and  the  shape  of  the  load  epectrum. 

It  ie  difficult  to  draw  general  trends  from  the  investigations  listed  in  table  4.6.  In  general,  ths  life 
in  the  "  equivalent"  program  teet  is  larger  than  m  the  random  test.  In  several  investigations  the  differ¬ 
ence  ie  not  very  large.  However,  Jacoby  (Ref,  107)  arrive  d  at  program  fatigue  lives  that  were  about  six 
timee  longer  than  in  random  load  tests.  In  figure  4.16,  MLR  results  on  crack  propagation  indicate  about 
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three  time*  longer  lives  if  the  ocmpsrison  is  mads  with  program  loading  with  40000  cycles  in  s  period. 
Fractographic  observations  sleo  indioated  different  cracking  modes.  For  the  short  period  (average 
40  cycles),  tha  difference  between  random  and  program  loading  was  email.  Thie  ie  in  agreement  with  the 
observation  that  the  eequence  affeot  in  the  program  tests  (Lo-Hi,  Lo-Hi-Lo  and  Hi-Lo)  was  email  for  the 
short  period  (although  still  systematic).  Gaesner' is  and  Lipp’s  reeulte  (fisfs.94,95,  see  fig.4.15)  also 
point  to  a  small  difference  between  random  and  program  test  results  if  the  period  of  the  program  is  short. 
There  are  some  indications  that  the  differences  may  also  be  smaller  for  a  more  severs  load  spectrum. 
Unfortunately  the  large  differences  mentioned  above  still  g_ve  some  uneasy  fselinge  about  the  equivalence 
of  random  tests  and  program  tests. 

4.1 3  Trende  observed  in  flight-simulation  tests 

A  survey  of  invest igatione  on  flight-simulation  testing  is  presented  in  table  4.7,  In  these  investiga¬ 
tions  several  trends  were  observed  that  are  qualitatively  more  or  less  similar  to  those  discussed  before. 

Sequence  effect e 

Neumann’s  tests  on  the  effect  of  the  random  sequence  of  either  complete  cycles  or  half  cycles  also  in¬ 
cluded  flight-simulation  teets.  As  the  results  in  figure  4.21  show,  a  similar  sequencs  effect  was  found 
in  the  random  tests  and  in  the  flight-simulation  tests.  However,  the  effect  was  muoh  smaller  in  the 
f light-simulation  tests.  A  similar  observation  was  made  by  Jacoby  (Ref,107). 

The  sequence  effect  in  flight- simulation  teets  wae  one  of  the  topics  studied  in  a  recant  NLR  investiga¬ 
tion  (fiefs, 77,79)  on  crack  propagation  in  2024  and  7075  sheet  material.  The  gust  load  spectrum  applied  it 
shown  in  figure  4,12,  while  different  sequences  are  presented  in  figure  4.23.  In  these  tests  10  different 
types  of  weather  conditions  were  simulated  in  different  flights.  Apart  from  tsst  ssries  H  the  gust 
sequence  in  each  flight  was  random,  while  the  sequence  of  the  various  flights  was  also  random.  In 
figure  4.23  a  comparison  ie  made  between  a  random  sequence  of  complete  cycles,  the  earns  sequence  of 
"reversed"  complete  cycles  and  a  Lo-Hi-Lo  programmed  eequence.  As  the  data  in  the  figure  show,  the 
sequenoe  effect  was  practically  negligible.  This  result  ie  In  good  agreement  with  the  email  sequencs 
effect  found  in  figure  4.16  when  comparing  random  loading  and  program  loading  with  a  short  period. 

A  email  sequence  effect  was  also  found  by  Gaesner  and  Jacoby  (fiefs.66,73),  and  by  Imig  and  Illg  (Ref. 80) 
with  one  exception.  Gasener  and  Jacoby,  testing  2024-T3  specimens  (Kt  -  3.1),  found  fatigue  lives  of 
2500,  2800  and  5300  flights  for  a  random  gust  eequence,  a  Hi-Lo-Hi  gust  sequence  and  a  Lo-Hi-Lo  gust 
eequence,  respectively.  The  latter  result  is  considerably  higher  than  the  former  two  reeulte.  They  applied 
400  gust  cycles  in  each  flight  which  ie  a  relatively  high  number. 

Low-amplituds  cyolea 

An  in  section  4. 11.  low-amplitude  cycles  ma.v  be  significantly  damaging  in  a  program  tset.  In  such  a 

test  these  cyclee  are  applied  in  blocks  of  large  numbers  of  cycles.  In  random  loading  the  low-amplitude 
cycles  are  randomly  dispersed  between  cycles  with  higher  amplitudes.  Thie  implies  that  the  information 
from  program  teete  ie  not  necessarily  valid  for  random  loading. 

Some  investigations  on  flight-simulation  testing  have  also  explored  this  aspect,  see  table  4.7.  Average 
results  are  collected  In  figure  4.24.  Naumann  (fief .67)  found  a  very  small  lucre  as  of  the  fatigue  life 
when  omitting  low-amplitude  ~ust  cyclee,  while  Branger  (fief. 110)  found  a  email  reduction  of  the  life. 
Gaeensr  and  Jacoby  (fief.73),  however,  found  a  significant  increase.  They  omitted  37°  low-SB  cycles  from 
408  cycles  in  each  flight.  Both  numbers  are  large,  which  may  have  contributed  to  the  result.  The  KLR 
reeulte  on  crack  propagation  are  recapitulated  in  figure  4*25.  Here  also  it  ie  evident  that  omitting  low- 
cycles  increasee  the  life. 

With  respect  to  omitting  taxiing  loads  from  the  ground-to-air  cycles,  the  trend  appears  to  be  that  this 
has  a  minor  effect  on  life.  It  is  thought  that  the  taxiing  cycles  were  hardly  damaging  because  they 
occurred  in  compression. Consequently  the  low  damaging  effect  of  the  taxiing  loads  will  not  bs  applicable 
if  the  mean  stress  of  the  GTAC  ie  a  tensile  stress  (upper  skin  of  wing  structure). 
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HiKh-ajnplitude  cycles 

In  section  it  tamed  out  that  periodically  applied  high  loads  could  coneiderably  increase  the  fatigue 

life.  It  then  ir.ay  he  expected  that  high-amplitude  cycles  in  a  flight- simulation  test  may  aleo  have  a 

similarly  large  effeot,  if  applied  now  and  then  in  a  few  flights.  This  aspect  wae  not  intensively  studied 

so  far,  see  table  4.7.  Gasener  and  Jacoby  (Ref. 73)  reported  25  percent  longer  life  if  increasing  the 

maximum  stress  amplitude  from  0.55  Sm  to  1.1  Sm  (Sm  is  mean  stress  in  flight).  In  these  tests  the  gust 

loads  in  each  flight  were  applied  in  a  programmed  sequence,  Branger  (Ref.lll),  employing  a  manoeuvre 

spectrum,  found  10  to  40  percent  longer  livea  when  raising  the  maximum  peal:  loade  with  15  percent. 

At  the  NLR  we  performed  one  tset  series  on  a  sheet  specimen  with  a  central  hole  and  several  series  on 

crack  propagation  in  sheet  specimens  (Refs. 77, 78).  The  results  of  the  hole  notched  specimens  are  shown 

in  figure  4*26,  Load  sequences  were  similar  to  those  shown  in  figure  4*25  (sequence  B),  while  the  lead 

spectrum  given  in  figure  4*23  was  applicable.  In  three  comparative  test  series  the  spectrum  wae  truncated 

at  Sa  >  4.4  ,  6.6  and  8.8  kg/ mm  respectively.  Truncation  implies  that  cycles,  which  should  have 

higher  amplitudes  according  to  the  load  spectrum,  were  applied  with  an  amplitude  equal  to  ^  (trunca- 

tion  level).  Figure  4.26  clearly  shows  a  systematic  effect  of  the  truncation  level  on  both  the  nucleation 

period  and  the  crack  propagation  life.  Both  periods  are  longer  for  higher  mftx  values.  More  data  from 

the  crack  propagation  teste  are  collected  in  figure  4.27,  which  clearly  confirms  the  longer  fatigue  life 

if  higher  amplitudes  are  included  in  the  flight-simulation  test.  In  one  test  on  a  7075~TI6  specimen  the 

2 

gust  spectrum  'Torn  figure  4.22  was  applied  without  truncation,  that  means  S&  maj£  -  12,1  kg/mm  ,  The  crack 
rate  wa3  extremely  low  and  decreased  as  the  crack  grew  longer.  The  test  had  to  be  stopped  in  view  of 
excessive  testing  time. 

It  is  thought  that  the  predominant  effect  of  high  gust  load  cycles,  ?e  illustrated  by  figures  4,16  am' 
4.27),  has  to  be  explained  by  the  effect  of  compressive  residual  stresses  on  crack  growth  and  by  crack 

closure.  Practical  aspects  of  the  effect  of  the  truncation  level  are  discussed  in  chapter  7« 

Gome  remarks  on  the  effecte  of  loading  frequency  and  environment  as  observed  in  flight -simulation  teste 
are  made  in  section  4. 1 7» 

4.I4  The  effects  of  the  design  stress  level  and  the  type  of  load  epeci. rum 

The  design  stress  level  will  obviously  affect  the  fatigue  life  of  an  aircraft.  Empirical  studies  for  a 

long  time  could  only  be  made  by  program  teste.  Gassner  started  the  work  about  30  years  ago  (Refs. 29, 57, 
32) |  another  early  publication  is  from  Wallgren  (Ref. 83),  see  also  table  4.4  The  major  part  of  this  type 
of  work  was  carried  out  in  CasBner's  laboratory  at  Darmstadt.  Much  of  this  work  was  recently  summarized 
by  H.  Sch’Itz  (Ref.115). 

From  a  large  amount  of  program  data  obtained  with  standardized  load  spectra  (Ref.116),  Gassner  found  a 
linear  relation  between  log  stress  level  and  log  piogram  fatigue  life.  This  trend  is  illustrated  by 
figure  4.28.  The  relation  can  bewritten  aet 


t  * 

if  S  *  constant 
a  f  max 


(4.1) 


Kany  tests  indicated  the  trend  for  k  to  be  in  the  order  of  5-7*  in  equation  (4.1),  N  is  the  program 
life  and  Sa  is  the  maximum  amplitude  of  the  standardized  load  spectrum  which  is  truncated  at  a  level 
occurring  once  in  500  000  cycles. 

Since  S  ae  well  ae  S  are  linearly  related  to  the  ultimate  deeign  stress  level,  the  merit  of  the 

a,  max  n 

above  relation  is  that  it  immediately  indicates  the  change  of  life  associated  with  a  certain  percentage 
change  of  deeign  stress  level.  The  question  is,  however,  whether  equation  (4.1)  would  also  be  valid  for 
realistic  service  load-time  hietories.  This  could  not  be  checked  empirically  until  the  electrohydraulic 
fatigue  machine  with  closed  loop  load  control  became  ava  liable.  Ae  pointed  out  in  section  4.12  it 
remains  to  be  explored  whether  trends  nalit  for  program  teets  are  aleo  applicable  to  random  loading. 


In  the  more  recent  literature  some  test  results  are  presented  regarding  the  effect  of  design  stresa  level 
on  fatigue  life  in  flight-simulation  tests,  see  table  4*7.  These,  by  now,  are  apparently  the  moBt 
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realistic  deta  available  to  judge  this  effect.  The  data  are  summarised  in  figure  4.29.  It  should  be 
pointed  out  thet  for  each  test  series  in  this  figure  changing  the  stress  ' evel  did  not  affect,  the  shape 
of  the  load  time  histoiy.  Hence  the  shape  of  the  load  Bpectrum  else  remeined  the  same.  Changing  the 
stress  level  only  implied  thet  all  load  levels  were  multiplied  by  the  same  factor.  Evidently,  the  deta 
in  figure  4.29  are  too  limited  for  deriving  e  general  trend.  The  reletion  of  equation  (4.1)  is  not 
appliceble  to  the  NLR  crack  propagation  date.  In  the  other  graphs  the  slope  factor  *  is  outside  the 
range  5-7  usually  found  for  program  tests.  Three  graphB  indicate  a  '  igher  value  (everage  8),  while  the 
data  of  Branger  and  Ronsy  indicate  e  very  low  k  -value  .  Further  comments  on  this  topic  are  made  in 
seexion  5.3.7. 

In  varieblo-amplitude  teste  based  on  a  service  load  spectrum,  a  gust  spectrum  or  a  manoeuvre  spectrum  was 
usually  adopted.  The  investigations,  in  general,  do  net  allow  a  direct  comparison  between  the  two  spectre, 
Bince  there  were  more  variables  than  the  spec*— um  shape  alone  (for  instance  stress  ratios,  truncation 
level). 

Nevertheless,  manoeuvre  spectra  are  generally  considered  to  be  more  severe  than  guex  spectra,  because  the 
proportion  of  higher-amplitude  cycles  is  larger. 

The  effect  of  the  spectrum  shape  was  systematically  studied  in  one  investigation  only,  namely  by 
Oetermann  (Ref.117).  He  performed  program  teste  on  notched  2024-T3  specimens  and  kept  all  variables 
constant  except  the  Bpectrum  shape.  The  number  of  cycles  in  one  period  was  also  constant.  The  test 
results  indeed  confirmed  that  the  life  became  shorter  if  the  proportion  of  high-amplitude  cycles  in¬ 
creased  (and  the  proportion  of  low-amplitude  cycles  decreased).  Some  further  comments  on  this  work  ere 
made  in  section  5-3. 5- 

4.15  Observations  from  full-ecale  fatigue  test  seriee 

This  section  iB  partly  similer  to  Appendix  J  of  reference  1(>,  entitled  "The  influence  of  the  loading 
history  on  the  indication  of  fatigue-critical  component^' . 

As  explained  before,  high  loads  will  introduce  local  stress  redistributions  around  notches  end  the  effect 
on  the  fatigue  life  may  be  different  for  different  nctchee,  depending  on  Kt,  stress  gradient  and  nominal 
stress  level ,  The  consequence  le  that  the  indications  of  the  most  fatigue-critical  component  in  e 
structure  may  depend  on  the  selected  load  spectrum  and  the  truncation  level.  Fatigue  tests  on  large 
structures  reported  in  the  literature  give  some  information  on  this  question.  rhey  ere  summnrissd  below. 

Teste  on  Kuetang  winge 

Results  of  an  extensive  test  program  on  Mustang  winge  were  reported  in  references  44>74  end  118.  The 
following  types  of  tests  were  carried  outs 

(1)  Constant-amplitude  testa,  varioue  P_  and  P„  values 

(2)  Program  tests  with  3  amplitudes,  Pmai  *  33  £  Pu 

(3)  Random  load  tests,  gust  spectrum.  Pmax  •  63  %  Pu 

(4)  Random  load  tests  with  CTAC,  same  gust  spectrum,  Pfflin  for  GTAC  -  -  24  %  Pu 

(5)  Random  load  tests,  manoeuvre  Bpectrum,  including  negative  manoeuvre  loads,  PmaI  "  75  %  pu« 

The  1-g  load  level  for  test  series  2-5  was  20  f  P  •  The  stresses  at  Pu  were  in  the  order  of  28  kg/mm  . 

Creeks  were  meinly  found  in  two  arses,  indicated  as  the  tank  bey  area  and  the  gun  bay  area.  For  the  two 

areas  intersecting  S-N  curves  were  found  in  test  series  no.1,  both  for  initial  cracking  and  final  failure. 
This  shows  that  a  certain  component,  which  under  constant-amplitude  loading  is  more  fatigue-criticel  than 
another  component,  car  be  lees  critical  at  another  load  level. 

In  xeet  series  2-5  the  lnitiel  failure  was  always  first  observed  in  the  gun  bay  area.  However,  cracking 

in  the  tank  bay  area  could  be  more  serious.  The  final  failure  occurred  in  both  areas  ir,  teet  aeries  2 
(lower  Pm  value)  and  in  the  tank  bay  aree  only  .r<  test  seriee  3,  4  and  5.  In  ths  random  gust  tests 
without  GTAC  the  gun  bay  area  was  then  in  an  advanced  stage  of  cracking,  whereas  this  failure  v-i  almost 
completely  suppressed  in  the  random  guet  tests  with  GTAC.  The  latte-  wae  partly  true  also  for  teet  senes  5. 
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Tests  on  Commando  wings 

Rssulta  of  tests  on  Commando  winga  were  reported  by  Huston  in  reference  119.  Three  types  of  teste  were 
conducted,  vis.  1 

(1)  Constant  amplitude  teite  (P  valuse  <  ^  -  P  ) 

(2)  Program  teete  with  a  gust  spectrum  (P^^  ~-75  $  P  ; 

(3)  Program  teste  with  a  manoeuvre  apectrum  (P^^  73  $  P^)  . 

A  limited  amount  of  service  experience  waa  available.  The  program  teete  were  randomised  step  teste.  The 
etrees  at  Pu  was  low,  vis.  about  19  kg/mm  . 

Constant-amplitude  teste  revealed  only  1  or  2  fatigue-crit  '.cal  location#,  »*ich  were  different  for  high 
and  low  amplitudes.  In  teat  aeries  2  and  3,  cracka  were  found  at  7  different  locatione.  With  respect  to 
the  first  crack  that  appeared,  the  crack  at  location  F  (code  of  Ref. 1 19)  waa  the  moat  frequent  one  in 
teet  series  2  and  3,  whereas  thie  location  waa  not  very  important  in  the  constant-amplitude  teats.  The 
most  critical  crack  with  respect  to  final  failure  was  found  at  location  B  in  the  conatant-amplituds 
tests  and  at  location  111  in  the  program  teats. 

A  comparison  bstwesn  the  cracke  found  in  aervice  (4  aircraft)  and  in  the  program  tests  (guat  spectrum), 
yielded  a  reasonable  agreement  regarding  the  locations  at  which  cracke  were  found. 

Tests  on  Dakota  wings 

In  reference  Wickworth  reported  the  results  of  testing  4  Dakota  wings  and  a  comparison  with  service 
experience. 

The  following  four  testa  were  carried  out* 

(1)  Cuat  cycles  only,  constant  amplitude,  Pa  corresponding  to  12  ft/eec  gust. 

(2)  Simplified  flight  simulation,  1$  gust  cyclee  (aa  applied  in  test  1)  per  flight. 

(3)  Same  ae  teat  2,  except  5  instead  of  15  gust  cycles  per  flight. 

(4)  CTAC  only,  Pmax  at  1-g  level,  Pmin  <  0. 

Cracks  occurred  at  three  different  locations.  A,  B  and  C.  The  most  critical  crack  in  teste  1  and  2 
occurred  at  location  A  and  in  testa  3  and  4  at  location  C.  Cracks  at  location  B  were  found  in  all  teats. 
In  service  cracke  were  predominantly  found  at  location  B  and  cracks  at  location  A  did  not  occur.  Cracks 
were  also  found  in  service  at  a  location  at  which  no  cracka  were  found  in  the  teats.  It  cannot  bs  said 
that  a  fair  agreement  between  aervice  experience  and  tasting  wes  obtained.  This  may  be  partly  dus  to  the 
simplified  flight-aimulation  load  sequence  adopted  for  the  tests. 

Tests  on  a  swept  back  wing 

Results  of  constant-amplitude  teete  and  program  tests  on  a  wing  of  a  fighter  were  reported  by  Rosenfeid 
(Ref.48).  In  the  program  teats  two  different  manoeuvre  spectra  were  ueed.  In  one  test  series  CTAC  were 
inserted  (in  batcl.es),  which  in  thie  case  were  upward  loads  rather  than  downward  loads.  Values  for  FmaI 
from  55  to  100  <  (P-_  is  limit  iced)  “ere  used  ir.  the  constant-amplitude  testa  and  from  35  io  125  PL 

in  the  program  testa.  Pmin  waa  13.3  %  P^  in  all  testa. 

In  each  wing,  failure  always  occurred  at  a  bolt  hols.  In  the  program  tests  (4  different  programs) 
failures  occurred  at  locations  A  (6  times),  C  (once),  E  (twice)  and  F  (once).  In  the  constant-amp lituds 
tests,  fsilures  occurred  at  locatione  A  (7  times),  especially  at  the  higher  loed  levels),  B  (twice), 

C  (once)  and  D  (twice,  at  the  lowest  load  level  only). 

Tests  on  the  pre-mod  F-27  center  section  winge 

Random  and  program  teats  were  carried  out,  both  with  and  without  ground-to-air  cycles  (Ref. 76).  Constant- 
amplitude  tests  were  carried  out  representing  CTAC  loading  and  gust  load  cycles.  In  the  random  and  the 
program  teete  a  very  severe  guet  spectrum  was  adopted,  the  maximum  load  being  -  65  Pu  where  P^ 

is  the  ultimate  deeign  load.  In  the  constant-amplitude  teBta,  P  values  covered  a  range  from  35  to 

47  $  Pu. 

Although  the  same  type  of  crack  waa  the  moat  critical  one  in  all  tests,  considerable  differences  were 
found  between  the  random  and  the  program  teete  at  the  one  hand  and  ths  constant-amplitude  testa  on  the 
other  hand.  Contrary  to  Huston's  findings,  the  number  of  locations  at  which  cracke  ware  found  was  larger 
in  the  constant-amplitude  teats.  Secondly,  some  types  of  cracks  occurred  predominantly  if  not  exclusively 
in  the  random  and  the  program  testa,  whereas  other  types  of  cracke  were  found  in  the  constant-amplitude 
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Teate  on  Venom  wings 

Branger  ( fiefs. 120,1 21 )  ha a  reported  interesting  data  on  the  indication  of  fatigue  critical  locationa  in 
the  atructure.  Information  waa  available  fromi 

(1)  One  constant-amplitude  teit  ■  -.Ig) 

(2)  Two  program  teata  (P|nax  *  7.2$  g,  Pmln  s  -0.07  g) 

(3)  Six  half  winga  teBted  with  a  rooBt  realistic  flight-Bimulation  loading  (P  !  6,5  g,  P  .  -30$u  P  ) 

rn&x  min  jr&x 

{4)  Service  experience. 

In  the  flight. aimulation  teBta,  two  explosive  failures  occurred.  One  of  theue  failures  had  not  been 
detected  in  the  constant-amplitude  test  and  the  program  teats.  Initial  cracking  corresponding  to  this 
failure  waa  observed  in  service.  On  the  other  hand,  five  main  failures  occurring  in  the  constant- 
amplitude  test  and  the  program  tests  did  not  occur  ir.  the  flight -simulation  tests  and  in  service. 

One  general  trend  emerging  from  the  available  evidence  is  that  the  picture  of  fatigue-critical  elements 
in  an  aircraft  structure  is  significantly  depending  on  the  lload-time  history  applied.  This  emphasizes  the 
need  for  realistic  load-time  histories  for  application  to  f  .11-scale  testing,  see  chapter  7. 

•  f  > 

4. 1 6  Fatigue  by  two  superimposed  sinusoidal  loads  with  different  frequencies 

The  superposition  of  two  cyclic  loads  with  different  amplitudes  and  frequencies  may  occur  in  certain 
components  under  service  conditions.  This  especially  applies  if  a  component  iB  subjected  to  high-frequen¬ 
cy  vibrations,  while  at  the  same  time  a  low-frequency  fatigue  loading  occurs.  Even  gust  loads  and  taxiing 
loads  may  he  considered  as  high-frequency  loads!  superimposed  on  the  ground-to-air  cycle. 

Apart  from  the  technical  significance,  the  superposition  of  two  cyclic  loads  is  an  intrigueing  variable- 
amplitude  load  sequence  to  check  certain  assumptions  about  fatigue  damage  accumulation.  Two  examples  are 
shown  in  figure  4.30,  vdilch  can  be  written  aB 

S  ”  3m  +  Sa1  8in  “l*  +  Sa2  (4.2) 

with  uij  <g;  <■>  being  the  angular  frequency. 

1  .vestigations  on  superimposed  cyclic  loads  have  been  listed  in  table  4.8  which  shows  that  there  is  si 
good  deal  of  variety  between  the  various  studies.  Nevertheless  some  general  findings  may  be  reported. 

If  is  small  enough  to  be  below  the  fatigpe  limit,  the  Palmgren-Hiner  rule  would  suggest  the  cyclic 
.jad  sin  u^t  to  be  non-damaging.  Consequently  the  life  should  be  if  is  the  fatigue  life 
associated  with  S  ^ .  However,  it  turns  out  that  the  life  is  shorter.  T’  is  has  to  be  expected  since  the 
cyclic  load  Bin  u^t  will  anyhow  increase  the  stress  range  of  the  .ow-frequency  oomponent  from 

c  CO  i  ^al  *  '  1  BBB  flggure  4.j0a,  111  other  words,  a  life  associated  prxvi*  a.,  oitiplitudo 

S&1  +  should  be  expected  at  most.  Usually  a  shorter  life  is  found  depending  on  the  ratios 
and  Uj/ui"  Apparently,  apart  from  increasing  the  etrees  range,  the  high-frequency  cyclic  load  iteelf  ie 
also  contributing  s>:me  damage. 

The  example  ahown  in  figure  4.30b  has  more  the  character  of  a  cyclic  load  (S^  ®in  Wgt)  with  a  slowly 
varying  meen.  Avalleble  results  indicate  this  varying  mean  to  be  damaging,  implying  that  the  life  will  be 
shorter  than  Nj,  if  Ng  is  the  life  associated  with  3^*  Here  also  the  stress  range  is  increased  to 

2  (5a1  +  S^)  and  even  in  cet.e  that  the  material  will  remember  this  to  some  extent  depending 

on  • 

In  some  investigations  the  low-frequency  component  wae  cyclically  changed  step-wise  or  following  a 
triangular  wave  form.  With  respect  to  ths  high-frequsncy  component,  a  randomly  varying  value  has  been 
applied  (Ref. 129).  This  le  further  complicating  the  picture  but  it  is  more  similar  to  practical  conditions. 

Such  complex  load  histones  raise  the  problem  of  how  to  define  a  load  cycle.  This  already  applies  to  the 
examples  in  figure  4.30.  A  cycle  with  a  range  2  (Sa,  +  3^)  does  in  fact  not  occur  in  these  examples, 
although  the  range  has  at. 'I  Bnme  meaning  for  the  fatigue  life.  The  problem  how  to  define  cyclee  for  moren 

vjjepev 

complex  load-time  histones  ie  given  more  ettention  m  chapter  6.  It  may  be  noted  that  fetigue  under 
superimposed  cyclic  loads  is  also  being  studied  by  following  the  strain  hietonee  (Refs.  1 28,1 29). 


ll'X  K  . . . Jill IJIHI PBI 
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4.17  Effect*  of  environment  and  loading  frequency 

In  chapter  2  brief  reference  was  mad#  to  the  poeeibl*  effeota  of  environment  end  loading  frequency. 

Effeot*  were  obeerved  in  oonetaot-amplitud*  teete  and  although  the  humidity  of  the  environment  appear* 
to  be  important,  a  full  understanding  of  theee  effect*  has  not  yet  been  obtained.  Only  a  few  inveetige- 
tione  have  been  made  under  variable-amplitude  loading. 

Ifaviro.unent 

In  a  comparative  investigation  at  NLR  (Ref. 106)  on  2024  and  7075  eheet  material,  crack  propagation  vaa 
eimultaneouely  etudied  in  an  indoor  and  an  outdoor  environment.  Program  loading  and  random  flight- 
simula  ion  loading  were  used,  The  results  indicated  e  negligible  effect  for  the  2024  meterlal,  but  for 
the  7075  alloys  the  crack  growth  outdoor*  was  1.5  to  2  time*  fester  than  indoors.  Pigge  and  Hudson 
(Ref. 130)  in  a  recent  study  fcund  a  similar  trend.  Branger  (Ref. Ill),  teeting  iwo-hols  specimens  under 
flight-simulation  loading,  found  a  doubling  of  the  life  when  testing  in  pure  nitrogen  inetead  of  air.  The 
specimene  were  produced  from  7075-T6  bar  material. 

loading  frequency 

In  e  recent  NLR  investigation  crack  propagation  teste  have  been  carried  out  on  2024  and  7O75  eheet  epsci- 
mens  under  flight-simulation  loading.  The  variables  being  studied  are  of  the  design  stress  level  and  the 
loading  frequency.  Three  frequencies  have  been  adopted,  namely  10  epe,  1  epe  and  0.1  epe.  The  investiga¬ 
tion  is  not  yet  complete,  but  abailable  data  (see  Ref. 64)  indicate  a  rather  email  and  not  fully  systemat¬ 
ic  influence.  Although  such  a  small  effect  ie  a  very  convenient  result,  it  is  not  yet  justified  to 
generalize  this  empirical  observation. 

Branger  (Ref. Ill),  in  flight-simulation  tests  on  light  alloy  specimens  notched  by  two  holes,  found  a 
slightly  lower  life  at  96  cpm  (cycles  per  minute)  as  compared  to  173  cpm  (1.6  cps  and  2.9  cp*  respect¬ 
ively).  burpriein^yenough  he  found  a  reversed  frequency  effect  in  another  tBet  series  with  frequencies 
of  210,  40  and  5-4  cpm  (3.5,  0-7  end  0.09  cps  respectively).  The  longBr  life  was  obtained  at  tne  lowBr 
frequency. 

4.1 9  Aspects  related  to  the  type  of  material 

The  majority  of  variable-amplitude  teete  was  performed  on  aluminium  allqy  specimene  and  structure*.  There 
is  aome  work  available  on  titanium  alloy*  and  low-alloy  etesls.  (Table. 4, 1-4.9).  The  question  now  le 
whether  these  materials  show  empirical  trends  similar  to  thoee  of  the  aluminium  alloys.  Indications  of  a 
significantly  different  behaviour  have  not  been  obtained  so  far. 

There  are  some  rBaeone  why  certain  materials  may  show  a  similar  cumulative  fatigue  damage  beheviour.  The 
accumulation  of  fatigue  damage  has  been  described  in  chapter  3.  The  interaction  mechanieme,  see 
figure  3.2,  were  related  to  cracking,  residual  streee  at  the  tip  of  the  crack  due  to  local  plaetic  deform- 
iticr.,  crick  closvr*.  crock  blunting,  cyclic  otrai  n-hardBning.  etc.  All  theee  mechanisms  are  related  to 
the  ductility  of  the  material.  Consequently  it  ie  thought  that  materials  with  a  similar  plastic  behaviour 
could  show  a  cumulative  damage  behaviour  that  is  qualitatively  similar.  Vith  respect  to  preloading  notch¬ 
ed  element*  thi*  was  clearly  confirmed  (Ref*.41 ,46 ,49)- 

A  qualitative  eimilarity,  however,  doe*  not  yet  imply  a  quantitative  similarity.  This  can  be  illustrated 
by  comparirg  data  for  the  two  well-known  aluminium  elloye  2024  and  7O75.  Both  alloy*  are  neither  extreme¬ 
ly  ductile  nor  brittle,  but  the  ductility  of  the  7075  alloy  1*  certainly  smaller  than  that  of  the  2024 
elloy.  Favourable  interaction  affects  heve  bssn  noted  for  Loth  alloys.  Nevertheless,  hardreth,  Neumann 
and  Cuthrie  (Ref*. 30, 31 ,88)  found  systematically  higher  I  n/N  values  for  the  7075  alloy.  Similarly 
figure  4.27  ehow*  that  the  7075  alloy  i*  indeed  more  sensitive  to  the  effect  of  high- amplitude  cycle*. 
Larger  favourable  interaction  effect*  are  also  confirmed  by  the  NLK  crack  propagation  data  in  figure  4,29, 
the  more  eo  since  constant -amplitude  data  suggested  a  much  longer  life  for  the  2024  alloy  as  compared  to 
the  7075  alloy.  An  increasing  ductility  will  imply  that  the  reeidual  stresses  will  be  smaller  and  that 
relaxation  of  reeidual  etrseee*  due  to  cyclic  straining  will  be  easier. 

As  e  general  conclusion,  eimilar  qualitative  trends  may  be  expected  within  certain  limit*.  The  similarity 
should  no  longer  ba  expected  if  the  material  ha*  a  significantly  different  ductility,  for  instance  e  very 
high  ductility  (low  strength  alloy*)  or  rBtponde  to  unstable  yielding  (mild  steel).  Brittle  materials  for 
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which  ■  vary  email  crack  may  be  dieaetroun  and  for  which  tha  life  ia  mainly  occupiad  by  crack  nucleation, 
may  alao  behave  differently. 


5.  THEORIES  OH  FATIGUE  DAMAGE  ACCUMULATION 


5.1  Introduction 


In  tha  literature  a  variety  of  cumulative  damage  theonc'  have  been  preaented.  The  tiueetion  now  ia 
whether  tueee  theoriea  can  eccount  in  a  reeliatic  way  for  the  trenda  deecribad  in  the  previoue  chapter. 

In  thin  chapter  an  attempt  will  be  made  to  giva  a  ayatematic  aurvey  of  tha  varioue  aapecte  characterizing 
the  theoriee.  In  view  ot  this  goal,  Borne  aelient  featuxee  of  fetigue  damage  will  be  summarized  firet 
(eection  5*^)*  Secondly,  damage  theories  will  ba  iecueeed  in  three  groups,  each  group  being  character¬ 
ized  by  a  certain  similarity  of  the  damage  accumulation  model  adopted  (section  5.3).  Finally  the  physical 
and  precticel  liiaitetione  of  tlia  theorise  are  discussed  in  section  5.4.  The  significance  of  the  limita¬ 
tions  for  practical  applications  is  a  topic  also  covered  by  chapter  6. 

5.2  Fatigue  damage 

Fatigua  and  damage  accumulation  in  metallic  materiele  have  been  discussed  in  chapters  2  and  3.  The 
fatigue  life  was  divided  in  some  periods,  for  instance  (see  aleo  figure  2.2)i 

-  crack  nucleation 

-  crack  propagation 

-  final  failure. 

These  periods  are  recognized  by  some  theories  but  certeinly  not  by  all.  An  obvioue  difficulty  ia  the 
definition  of  tha  tarmination  of  the  firet  period  and  the  Btart  of  tha  second  period.  Thie  problem  does 
not  occur  in  thoee  theoriee  that  aaBume  crack  growth  to  Btart  in  the  very  beginning  of  tha  fatigua  life. 
Since  the  moet  essential  part  of  fatigua  damage  waa  described  in  chapter  3  aa  decoheBion  of  the  material, 
a  phyeical  theory  should  incorporate  crack  growth  ee  a  minimum  requirement. 

However,  it  was  explained  in  chapter  3  that  the  amount  of  erasing  alone  could  not  give  a  complete  des¬ 
cription  of  the  state  of  fatigue  damsga.  Severel  additional  damage  aapecte  were  mentioned,  see  figure  3.2. 
From  these  aepecta  only  residual  stress  has  been  incorporated  in  a  few  theoriee.  The  other  aepecte  have 
baen  mentioned  in  the  literature  to  explain  certain  trends  obBarved  in  teatB,  but  these  aepecte  are  not 
an  explicit  part  of  a  quantitative  theory. 

The  occurrence  of  the  final  failure  Bhould  be  a  function  of  the  crack  length  and  the  applied  maximum 
stress.  A  few  theories  try  to  account  for  this  aspect  by  employing  fracture  toughneee  criteria. 

Several  theories  predict  fatigue  life  only,  without  any  reference  to  the  phyeical  damage  occurring 
between  the  beginning  and  the  end  of  the  fatigue  life.  Moreover,  the  end  of  the  life  in  mnet  theories 
means  "complete  failure''  without  any  further  specification. 

3.3  Theoriee 


3.3.1  General  survey 

The  number  of  cumulative  fatigua  damage  theories  is  large.  This  is  certainly  true  if  we  keep  in  mind  that 
the  theories  try  to  eolve  tha  asms  problem,  which  ia  to  predict  the  fatigue  life  (or  creek  propagation 
life)  under  variable-amplitude  loading  from  available  data.  For  a  good  appreciation  of  the  various 
theoriea,  three  different  approaches  may  ba  recognized,  aa  liatad  in  table  5.1. 

In  tha  incremental  damage  theoriea  it  ia  assumed  that  each  cycle  or  each  batch  of  cycles  causes  a  certain 
damage  increment.  This  increment  ie  quantitatively  equel  to  the  percentage  of  fatigue  life  conaumed  by 
thoee  cycles.  The  complete  life  expires  and  failure  wili  occur  at  the  moment  that  the  eum  of  all  damage 
increments  becomes  equal  to  one. 
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Th*  similarity  approach  refere  to  thoee  theories,  which  preeume  that  eimilar  loading  condition*  at  the 
f at igue-crit ica 1  location*  in  two  different  tpecinene  should  produce  eimilar  fatigue  live*.  Th*  etreee 
hietory  or  the  etrain  history  could  be  adopted  for  characterizing  the  loading  condition.  For  crack  propa¬ 
gation  the  similarity  approach  impliea  that  eimilar  stress  intensity  factor*  should  produce  the  eame 
crack  rate*. 

The  interpolation  methode  appear  to  be  the  moat  direct  approach,  since  interpolation  ia  made  between 
available  fatigue  data.  Nevertheless,  the  interpolation  procedure  may  be  a  critical  ieeue.  Interpolation 
can  be  made  for  a  large  variety  of  variablee,  such  aa  Sm,  K^,  load  epectrum  ehape,  etc. 

More  detail*  of  the  theoriee  are  given  in  the  following  eoctione.  An  evaluation  of  the  theoriee  is  given 
in  eection  5*4. 

5.3.2  The  Palmgren-Miner  rule 

Thie  rule  ie  the  moat  well-known  representative  of  the  incremental  damage  thsone''  Palmgren  (Ref.131), 
aa  early  as  1923,  aoeumed  that  r.x  load  cycles  with  the  eame  mean  load  and  load  amplituu.  will  consume  a 
portion  of  the  fatigue  life  equal  to  where  N^  ia  the  life  to  failure  in  a  constant-amplitude  teet 

with  the  eame  mean  and  amplitude.  Secondly,  Palmgren  aesumed  that  failure  will  occur  if  the  eum  of  the 
consumed  life  portions  equalsIOO  percent.  This  implies  that  the  condition  for  failure  iei 

1  ’  1  (5.1) 

Without  any  detailed  knowledge  about  fatigue  in  metale,  Palmgren'a  assumptions  are  the  moet  obvioue  onee 
to  be  made.  One  might  well  ask  how  many  timee  the  assumptions  were  made  independently  afterwarde.  Well- 
known  ie  the  publication  of  Miner  in  1945  (Ref. 132)  and  curiously  enough  lees  well-known  ie  the  earlier 
publication  by  Langer  (Ref. 133)  in  the  same  journal.  The  assumptions  were  also  independently  made  in  a 
Dutch  publication  in  1940  by  Biezeno  and  Koch  (Ref.  134). 

Langar  should  be  especially  quoted,  since  he  already  made  the  refinement  to  divide  th*  lilc  ini'  a  crack 
nucleation  period  and  a  crack  propagation  period,  Langer  suggested 

!»;/«;='  and  In’/^-l  (5.2) 

where  n ^  and  n'^  are  numbers  of  cyclee  spent  in  the  crack  nucleation  period  and  the  crack  propagation 
period,  while  N^  and  are  the  corresponding  crack  nucleation  life  and  crack  propagation  life.  Obviouely 
the  problem  is  how  to  define  and  to  determine  the  moment  that  the  firet  period  terminate*  and  the  eecond 
one  eterte.  Larger’ a  aaeumptione  were  also  repeated,  namely  by  Grover  in  i960  (Ref. 135)  and  fcy  Maneon 

_  A.  .1  I  *  r./  r  t  t*  n  . 

u  •  aj.  m  i/ju  ^  ntn  *  1  f  m 

In  the  literature,  the  Pelmgren-Miner  rule  ie  also  referred  to  as  the  linear  cumulative  damage  rule. 

Miner  indeed  assumed  that  the  damage  in  a  constant -amplitude  teet  ia  e  linear  function  of  the  number  of 
cycle*.  However,  Bland  and  Putnam  (Ref. 1 37)  in  the  discussion  on  Miner's  paper,  indicated  that  the 
linearity  was  not  required  in  order  to  obtsin  f  n/N  -  1.  It  was  sufficient  to  a**ume  that  the  damage 
rate  wae  a  function  of  n/N  which  ie  independent  of  the  magnitude  of  the  cyclic  streee.  Moreover,  these 
authore  emphasized  that  the  material  ehould  be  insensitive  to  load  cycle  eequencee.  A  eimilar  assumption 
was  made  by  Niehihare  and  Yamada  (Ref. 138)  by  stating  that  th*  degree  of  fatigue  damage  D  w«*  a  function 
of  the  cycle  ratio  n/N,  independent  of  the  stress  amplitude  (affine  damage  curves  aftsr  Shanley,  Rsf . 1 39 ) 1 

D  -  f  (n/N)  (5.3) 

In  refsrence  140  ths  prssent  author  argued  that  1  n/N  *  1  require*  thati 

1_  Ths  fatigue  damage  is  fully  charmcterissd  by  a  single  fatigue  damage  parameter  D, 

2  Ths  damage  D  is  indssd  a  single  valued  and  monotonously  increasing  function  of  the  cycle  ratio  n/N, 
which  is  the  same  in  any  ccnetent-amplitude  test  (etruss  independent  after  Kaechele,  Rsf.  141).  Hence 
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failuj-«  will  always  occur  at  the  earns  amount  of  damage. 

A  consequence  of  the  firet  statement  is  that  interaction  effects  will  not  exist,  Ths  second  one  impliee 
Z  n/N  ■  1  at  failure. 

5.3.3  Incremental  damage  theories 

Thsoriee  based  on  constant-amplitude  data,  ignoring  sequence  effects 

Several  objections  have  been  raised  against  the  Palragren-Miner  rule,  associated  with  interaction  effects, 
sequence  effects,  damage  due  to  cycles  below  the  fatigue  limit,  favourable  effect  of  positive  peak  loads, 
etc.,  which  all  lead  to  Z  n/N  /  1.  These  effects  have  been  illustrated  in  chapter  4.  Moreover,  from  a 
physical  point  of  view  it  appeare  incorrect  to  state  that  a  single  damage  parameter  can  uniquely  indicate 
the  etate  of  fatigue  damage.  Thie  haB  been  discussed  in  chapter  3. 

The  short-comings  of  the  Palmgrer- Miner  rule  have  stimulated  several  nsw  theories  which  still  preserve 
the  idea  of  progressive  damage  accumulation  and  also  the  concept  of  eumming  damage  increments  cycle  by 
cycle,  A  survey  of  the  theoriee  ie  given  in  table  5-2. 

It  is  not  the  purpoee  of  this  report  to  give  a  complete  list  and  full  details  of  all  theories.  Several 
eurveye  have  been  given  in  the  literature,  Bee  for  instance  referencee  47,  I42,  143.  A  recent  survey  hae 
been  given  by  O’Neill  (Ref.144).  It  will  be  tried  here  to  indicate  essential  features  of  the  mam  groupe 
of  theories.  There  are  two  important  queetions  in  this  reepect,  eee  table  5.2.  The  firet  queetion  ie 
whether  the  theory  employs  constant-amplitude  fatigue  data  or  variable-amplitude  fatigue  data.  The 
majority  still  employs  the  firBt  type  of  data.  A  eecond  queetion  ie  whether  fatigue  damage  accumulati .n 
is  seneitive  to  variatione  of  th  load  eequer.ce. 

Ths  firet  group  of  theoriee  to  be  mentioned  ie  characterized  by  eome  kind  of  adjueted  S-N  Curves. 
Freudenthal  and  Heller  ( Refa.  145> 1  46)  started  from  the  idea  that  damage  increments  in  a  random  load  teet 
will  be  affected  by  etress  interaction  effecte.  They  finally  arrive  at  formulae  which  they  call  a 
"quaei-linear  rule  of  cumulative  dainage" .  Their  failure  criterion  can  be  written  ae 


where  the  "interaction  factor"  u.  is  either  constant  or  a  Simple  function  of  S  ,  to  be  determined  from 
fatigue  teets.  It  may  alio  depend  on  the  type  of  load  spectrum.  Equation  (5.4)  indeed  implies  the 
application  of  the  Palngre;, -Miner  rule  to  adjueted  S-N  curves.  Since  these  authore  aeeume  on  >  1 ,  the 
curvee  are  reduced  life  curves. 


Mareh  (Ref. 147)  suggests  to  adopt  a  hypothetical  S-N  curve  with  a  different  elope  and  a  lower  fatigue 
limit  {80  %)  aa  compared  to  ths  original  curve.  He  reeogn.  zee  the  problem  of  arri /ing  at  such  an  adjusted 
curve  in  order  to  match  the  empirical  data  with  I  n/Na  -  1,  where  H  is  derived  from  the  adjusted  curve. 

Hal bach  (Ref.148)  aleo  allows  for  load  cycles  below  the  fatigue  limit  by  stating  that  the  fatigue  limit 
is  continuously  decreasing  as  a  result  of  increasing  fatigue  damage.  For  random  and  program  loading  hie 
analytical  evaluation  is  equivalent  to  applying  Z  n/fl  ■  1  to  a  S-H  curve,  which  is  adjusted  below  the 
fatigue  limit  only,  eee  figure  5.1. 

Henry  (Ref,149)  assume*  that  fatigue  damage  mey  be  deecribed  as  a  notch  in  tne  material  which  will 
proportionally  lower  the  S-N  curve  over  the  entire  etrese  range.  A  damage  increment  ie  an  incremental 
shift  of  the  S-N  curve. 

Smith  (Ref,45)  suggested  that  Z  ni/\  *  '  could  not  be  valid  for  a  program  teet  because  residual  stresses 
introduced  at  the  higher  amplitudes  affected  the  damage  accumulation  at  the  lower  stress  amplitudes.  He 
therefore  proposed  that  in  the  Palmgren-Miner  r  ile  should  be  replaced  by  the  fatigue  Life  of  the 
specimen  preloaded  to  the  maximum  strees  occurring  in  the  program  teet.  The  preloading  should  induce  the 
same  residual  stress  being  present  in  the  program  teat.  Thie  proeumee  that  a  relaxation  of  the  reeidual 

l  _ 
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•tress  will  not  ocour. 

In  later  publications  (Refs.1  50, 1 51 )  Smith  proposed  two  other  theories.  In  the  "linear  strain  theoiy 
it  ie  assumed  that  the  strain  at  the  root  of  the  notch  will  be  K^. ‘nominal1  ®*B0  after  local  plastio 
deformation.  With  the  aid  of  a  stress-strain  curve  the  residual  stress  at  the  root  of  the  notch  may  then 
be  detersiined.  The  stress  at  the  root  of  the  notch  is  then  S  -  K. . S  ,  +  S  .  ,  , .  Bnploying  this 

stress- value,  corresponding  N- values  are  obtained  from  unnotched  S-N  curves  for  different  R-valuee.  These 
N-values  are  used  for  the  Palmgren-Miner  rule. 

Hie  second  theory  ("Smith  method')  starts  from  the  idea  that  the  maximum  stress  at  tho  root  of  a  notch  in 
a  program  test  will  be  of  the  order  of  the  yield  stress,  provided  local  plastic  deformation  occurs.  The 
residual  etresB  ie  now  determined  indirectly  from  a  constant-amplitude  test  on  the  component,  tested  at 
the  maximum  load  cycle  to  be  applied  in  the  variable-amplitude  teat.  The  fatigue  life  obtained  in  this 
test  and  the  assumption  about  Smal  at  the  root  of  the  notch  in  conjunction  with  the  unnotched  S-N  data, 
will  then  indicate  the  applicable  R-value  and  hence  S  j  at  the  root  of  the  notch.  This  is  sufficient  for 
determining  the  complete  stress  history  at  the  root  of  the  notch  for  the  variable-amplitude  test. 
Knowledge  of  the  K^-value  is  not  required.  Again  the  Palmgren-Miner  rule  and  the  unnotched  fatigue  data 
are  used  for  the  life  calculation. 

In  both  proposals  Smith  has  assumed  that  the  material  at  the  root  of  the  notch  behaves  elastically  after 
the  residual  etrese  has  been  introduced  by  plastic  deformation  induced  by  the  maximum  load  cycle. 

Secondly,  a  relaxation  of  the  residual  stress  should  not  occur.  Since  he  adopts  the  Palmgren-Miner  rule 
sequence  effects  are  ignored. 


Several  authors  were  reasoning  that  damage  accumulation  is  progressive  crack  growth.  Shanley  (Ref,159) 
assumes  an  exponential  crack  growth  law  for  each  constant-amplitude  testi 
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(5.5) 


where  a,  p  and  C  are  conetants  and  n  is  the  number  of  cycles.  Failure  should  occur  at  a  constant  crack 
length  independent  of  the  cyclic  stress 
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(5.5a) 


Damage  accumulation  was  assumed  to  be  the  euraming  of  crack  length  increments  without  interaction  effects. 
Equation  (5.5)  and  (5.5a)  can  be  written  as 

!/ic-  aj«) (*  '1}  (5.6) 

which  is  of  the  type  of  equation  (5.3).  Consequently,  Shanley1 e  formulas  imply  the  validity  of  the 
Faiagren-Kiner  rule.  More  comments  on  Shanley' s  formulae  are  given  in  reference  38. 


Valluri  (Ref. 23)  also  adopted  the  idea  that  damage  accumulation  was  a  cumulative  process  of  crack  growth 
increments  without  interaction  effects.  However,  he  stated  that  the  crack  length  at  failure  was  depending 
on  the  highest  stress  amplitude  applied,  see  section  3.3.  Since  the  N-values  in  1  n/N  -  1  are  in  fact 
related  to  different  amounts  of  cracking  depending  on  the  etrese  cycle,  Valluri  does  not  arrive  at  the 
Palmgren-Miner  rule. 


Corten  and  Dolan  (Ref.152)  included  interaction  effects  in  their  crack  propagation  concept.  They  postulat¬ 
ed  that  in  a  program  test  the  maximum  load  cycle  will  be  decisive  for  the  initial  damage,  since  it  will 
determine  the  number  of  loci  at  which  crack  growth  will  etart.  After  this  number  has  been  established 
crack  growth  it  again  aesumed  to  be  a  cumulative  procese  without  any  interaction.  For  a  program  teet  they 
arrive  at  the  formula 


N  - 


S 


(5.7) 
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wh«r 1  Ng  ie  the  program  fatigue  life,  Sal  it  the  maximum  etrete  amplitude  with  the  corresponding  oonstant- 
amplitude  fatigue  life  N^ ,  ie  the  percentage  of  cyolee  applied  at  amplitude  and  d  ie  a  oonetant, 
that  should  follow  from  teete.  Since  Ng  -  n^  equation  (5.7)  can  he  rewritten  as* 


<5.«) 


Note  the  similarity  with  equation  (5*4).  Further,  if  the  S-N  relation  could  be  written  aa  S^-11  » 
constant,  equation  (5.8)  reduces  to  the  Palmgren-Miner  rule. 


In  the  last  10  yeare  high-level  low-cycle  fatigue  got  muoh  attention.  Many  conetant-etrain  amplitude 
teete  were  carried  out  involving  large  amounts  of  plastic  strain.  Ohjl,  Miller  and  Marin  (Rsf.153)  have 
suggested  that  the  Palmgren-Miner  rule  should  apply  to  variable-ebrain-amplitude  teats.  In  thia  caae  n ^ 
ie  the  number  of  cycles  with  strain  amplitude  *ai,  while  is  the  conetant-etrain  amplitude  fatigue  life 
associated  with  e^.  The  same  concept  has  recently  been  adopted  by  Dowling  (Ref.129),  but  he  first  splits 
up  the  life  in  a  nucleation  period  and  a  propagation  period,  similar  to  hanger's  treatment,  see  eeotion 
5-3.2. 


Incremental  damage  theories  based  on  conetant- amplitude  data,  including  sequence  effects 
For  several  yeare  sequence  effects  ware  almost  exclusively  attributed  to  residual  etrsesee  only,  these 
stresses  being  caused  by  local  plastic  yielding  at  the  root  of  a  notch  or  the  tip  of  a  crack.  Consequent¬ 
ly  a  theory  predicting  sequence  effects  should  include  the  evaluation  of  the  residual  stresses  during  a 
variable-amplitude  test. Presently  available  theories  are  deriving  residual  stresses  from  the  strain- 
hietory  at  the  root  of  a  notch.  This  work  was  started  by  Crews  and  Hardrath  (Refs. 52, 53)  aa  discussed  in 
eection  4«5« 

A  fsw  theories  for  life  calculations  employing  the  above  concept  have  now  been  published.  The  bsaio  line 
of  reasoning  includes  the  following  steps! 

1_  The  starting  data  arsi  a  The  load-tims  history,  b  the  material  and  c  the  geometry  of  the  speciasn. 

2  The  second  step  consists  of  calculating  tbs  strain  history  and  the  stress  history  for  the  fatigue 
critical  location  of  the  specimen.  For  a  notched  specimen  thie  is  the  root  of  the  notch.  The  strain 
history  will  include  plastic  strains  and  the  stress  history  will  include  the  local  residual  stress. 

^  The  strain  history  or  the  stress  history  calculated  in  the  previous  step  is  split  up  into  individual 
cycles.  Each  cycle  ie  assumed  to  cause  a  damage  increment  AD  equal  to  t/N,  where  N  is  the  corresponding 
conetant- amplitude  life.  The  failure  criterion  is  again  Z  AD  *  1. 

The  second  step  is  a  difficult  issue.  The  strain  history  may  be  measured  and  the  stress  history  may  then 
be  derived  from  the  atrain  history  by  additional  testing.  This  was  discussed  in  section  4.5,  see  also 
figure  4.8.  However,  a  life  calculation  theory  requires  that  these  data  bs  obtained  by  means  of  calcula¬ 
tion  rather  than  experiment.  Morrow  and  co-workers  (Rsfe.51 ,154,155)  at  the  University  of  Illinois  are 
working  on  thie  topic.  They  adopt  the  Neuber  equation,  relating  the  etreee  and  the  strain  at  the  root  of 
the  notch  byi 

Ko  '  Kt  *  Kt2  (5.9) 

where  K  ie  the  stress  concentration  factor  including  plasticity,  K  is  the  strain  concentration  factor, 
o  * 

also  including  plestic  strain,  and  is  the  well-known  stress  concentration  factor  for  elastic  behaviour. 
Equation  (5-9)  seems  to  bs  satisfactorily  subetant iatsd.  Morrow  et  al.  then  adopt  the  cyclic  stress- 
strain  behaviour  from  unnotched  material.  For  aluminium  alloys  this  appsars  to  bs  justified  by  the  obser¬ 
vation  that  the  stress-strain  hysteresis  loop  rapidly  atsbilisss,  also  aftsr  a  change  of  amplitude.  The 
strain  bistory  and  stress  history  can  then  be  calculated.  Morrow  et  al.  alto  carried  out  test  ssriss  to 
check  the  theory  and  the  data  reported  look  promising.  The  avaluation  of  thia  concept  is  still  not  yet 
complete  and  further  work  is  going  on. 

Impellisiern  (Ref. 1 56)  has  been  reasoning  along  similar  lines.  However,  sires  rtsults  as  shown  in 
figure  4.9, indicate  a  relaxation  of  residual  stress,  ha  introduces  the  relaxation  into  hia  calculation. 


The  rat*  of  ohange  of  residual  stress  d  Srg<  /dn  in  each  cycle  i*  aituwd  to  be  equal  toi 
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where  i*  tb*  raeidual  itre**,  Cg  and  Sp  ar*  the  applied  (train  and  atre**  rang*  at  tba  root  of  the 

notch,  and  "a”  i*  an  empirically  determined  conetant  of  proportionality.  With  a  computer  program 
lmpellieaerri  baa  treated  program  fetigue  teat  data  from  MR,  NASA  and  hi*  own  data,  Ha  found  a  very  good 
agreement.  In  a  recent  publication  (Ref. 1 57 )  Martin,  Topper  and  Sinclair  aleo  introduced  etreee  relaxa¬ 
tion.  Moreover,  their  etreea-etrain  model  aleo  allow*  cyclic  atrain  hardening  or  softening  to  he  account¬ 
ed  for.  Agreement  with  low-cyclw  variable-amplitude  data  was  good. 


With  respect  to  the  third  step,  both  Morrow  et  al.  ,  Martin  et  al.  and  Impellixserri  adopt  X  n/N  -  1. 
Morrow  and  Martin  prefer  conetant-etrain  amplitude  data  whereae  lapelliiterri  employe  conatant-atreae 
amplitude  data.  In  fact,  the  former  are  mainly  working  in  the  low-cycle  fatigue  range  whereae 
Impellieeerri  applies  hie  calculations  to  high-cycle  fatigue  dnta. 

One  difficulty  in  calculating  X  n/N  may  still  be  mentioned  here.  For  a  variable-amplitude  loading,  a 
load-time  history  in  general  will  not  consist  of  a  sequence  of  complete  load  cycles.  This  also  applies 
to  tbs  stress  and  strain  histoxy  at  the  root  of  a  notch  if  residual  stresses  are  included.  The  definition 
of  n  in  X  n/N  then  becomes  a  problem.  This  issue  ie  discussed  in  section  6.2. 

Incremental  damage  theories  based  on  variable-amplitude  data,  ignoring  sequence  effects 
In  the  Palmgren-Miner  rule  X  n/N  »  1  ,  the  values  of  N  are  derived  from  constant-amplitude  fatigue  data. 
However,  it  i*  also  possible  to  adopt  variable-amplitude  fatigue  data  for  this  purpose.  Gassner  (Ref. 150) 
proposed  to  use  program  fatigue  test  data  while  Kirkby  and  Bdwarde  (Ref. 99)  suggested  to  adopt  narrow- 
band  random  load  fatigue  data.  The  basic  idea  comprises  the  following  steps i 
A  lead  spectrum  for  a  variable-amplitude  teat  should  be  standardized. 

2  Variable-amplitude  tests  with  this  load  spectrum  should  be  carried  out  for  different  intensities  of 
tbs  load  spectrum.  The  reeulte  can  be  plotted  as  S ‘ -  n'  curves,  where  S'  is  a  stress  value  characterizing 
the  intensity  of  the  load  epectrum  and  N'  ie  the  fatigue  life  in  cycles  obtained  in  the  variable-ampli¬ 
tude  testa. 

^  An  arbitrary  load  Bpectrum  can  now  be  decomposed  into  the  eum  of  a  number  of  the  standardized  load 
spectra.  If  n^  is  the  number  of  cycles  of  the  spectrum  characterized  by  sj  the  failure  criterion  is 

(5.10) 

The  procedure  ie  illustrated  h.v  figure  5.2  for  narrow-bond  random  load  fatigue  data,  although  the 
principle  is  essentially  the  same  for  program  fatigue  test  data  (Ref. 159)*  In  a  narrow-hand  random  load 
test,  the  load  spectrum  of  the  etreee  peaks  ie  in  accordance  with  a  Rayleigh  distribution.  This  dietribu- 
tion  is  the  standardized  load  epectrum  mentioned  in  step  1_  ehove.  The  characteristic  etrsse  value  s'  ie 
most  conveniently  taken  as  the  root-mean-square  value  of  the  variable  stress.  Kirkby  and  Edwards 

carried  out  tests  on  lug  specimens  and  the  results  have  been  plotted  in  figure  5.2a  (step  2).  In  sub¬ 
sequent  tests,  the  was  varied  periodically,  eee  figure  5.2b.  This  was  done  in  such  e  way  that  the 

eum  of  the  three  spectra  A,  E  and  0  was  approximately  similar  to  a  gust  spectrum  (etep  3).  In  other  words, 
tba  gust  spectrum  can  hs  decomposed  into  tbs  three  spectra  A,  B  and  C  all  obeying  a  Rayleigh  distribution. 
For  the  tests  In  figure  5.2b,  both  £  n'/N’  and  the  classical  I  n/N  values  were  calculated,  eee  figure 
5.2u.  From  the/e  results  the  authors  drew  the  following  conclusions! 

a  Damage  calculations  according  to  the  proposed  method  (  X  n '/N  )  gave  reeulte  superior  to  the  claeei„- 
al  Palmgren-Miner  X  n/N  velues,  i,e,  the  values  were  deviating  lets  from  1. 
b  The  X  n'/N1  values  still  deviate  considerably  from  1. 

Aa  shown  in  figure  5.2b,  the  Srm>  value  was  programmed  in  a  lo-Hi  sequence.  However,  soma  teste  carried 
out  in  a  Hi-Lo  sequence  gave  similar  fatigue  lives.  It  ehould  be  noted  that  the  calculation  of  l'  n'/N 
■till  ignores  the  sequence. 
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Kirkhy  and  Edward i  aleo  performed  some  teete  from  which  ths  moat  severe  step  C  waa  omitted.  Ae  mentioned 
in  chapter  4,  thia  reduced  the  life  2.5  timea.  Unfortunately  alao  tha  £  n'/N'  value  w*w  considerably 
affected,  aee  fig. 5.2d.  This  iopliea  that  the  new  concept  in  thia  caaa  doea  not  well  account  for  the 
change  in  load  spectrum. 

5.3.4  The  similarity  approach 

The  similarity  approach  beead  on  atreae 

in  section  5*3.'  the  similarity  approach  wae  defined  aa  the  conception  that  siaiiar  loading  conditions  at 
the  fatigue  critical  locations  in  two  different  specimens  of  the  same  material  should  produce  similar 
fatigue  results.  This  concept  is  easily  illustrated  by  referring  to  the  notch  effect  under  constant- 
amplitude  loading. 

Compare  a  notched  and  an  unnotched  specimen.  If  the  cyclic  stress  at  the  root  of  the  notch  ie  the  same  as 
in  the  unnotched  specimen,  the  ease  fatigue  life  may  he  expected.  This  had  led  to  the  well  known  Kf“ 
relation,  where  le  the  fatigue  strength  reduction  factor  and  Kt  ie  the  theoretical  streae  concentra¬ 
tion  factor  assuming  elaetic  behaviour.  The  short  omings  of  thia  relation  are  also  well  recognized.  Part 
of  them  are  due  to  plasticity  effscte  and  another  part  may  be  attributad  to  differences  betwaen  the 
volumes  of  highly  etresead  material  (strees  gradient  effect).  Actually,  these  arguments  imply  that  the 
conditione  at  the  fatigue  critical  locations  were  not  really  the  same. 

With  respect  to  plasticity  effecte  an  improvement  was  tha  work  of  Crswa  and  Hardrath,  and  Morrow  et  al. 
mentioned  before.  By  accounting  for  the  plaetic  deformation  at  the  root  of  the  notch,  the  cyclic  stress 
at  that  location  could  he  described  more  accurately.  This  cyclic  stress  waa  again  compared  with  the  eame 
stress  in  an  unnotched  element. 

For  joints  and  ether  complicated  components,  values  are  usually  unknown.  For  such  cases  effective 
stress  concentration  factors,  Kef^  hava  heen  adopted  in  the  literature.  A  survey  was  given  hy  Schtitz 
(Rof.11  5).  The  background  is  in  fact  a  similarity  approach.  It  is  assumed  that  a  component  to  which  a 
oar tain  Kgfj.-value  applies,  will  show  the  same  fatigue  life  aa  a  simple  notched  specimen  for  which  tha 
Kt-value  ie  equal  to  Thie  should  be  valid  for  any  cyclic  stress.  The  empirical  determination  of 

f  for  a  certain  component  should  therefore  he  made  by  comparative  testing  of  the  component  and  of 
aimpls  notched  specimens  with  a  nufficient  range  of  i^-valuaa. 

Obviously  the  conception  again  ignores  the  effects  of  Site  and  plasticity.  Moreover,  the  fact  that  differ¬ 
ent  components  may  exhibit  intersecting  S-N  curves,  aee  figure  T,2,  ie  not  easily  reconciled  with  this 
Keff  I*  requires  that  for  a  component  having  a  lower  Kef^  than  another  component,  the  S-N  curve 

should  be  superior  at  all  stress  amplitudes. 

The  conception  need  not  bs  restricted  to  constant-amplitude  loading  conditions.  Gaeener  and  SchUti 

(Ref. 159)  have  proposed  the  application  to  the  results  of  program  fatigue  tests.  They  performed  numerou- 
teste  of  thie  type  on  2024-T3  specimens  with  a  range  of  Kt-valuee.  They  suggest  to  use  tha  data  for 
estimating  the  program  fatigue  life  of  a  component  by  assuming  some  K#ff~value  for  the  component.  The  life 
is  than  obtained  by  interpolation  between  the  specimen  data  for  adjacent  K^-values. 

The  similarity  approach  hased  on  strain 

The  similarity  approach  based  on  strain  was  adopted  in  the  measurements  described  in  section  4<5i  see 
also  f.gurs  4.8,  The  assumption  made  waa  that  similar  strain  history,  i.e,  at  the  root  of  e  notch  and  in 
an  unnotchsd  apacimsn,  should  produce  similar  stress  histories.  Another  assumption  is  that  similar  strain 
hiatorisa  should  also  producs  eimilar  fatigue  lives. 

For  practical  application  ths  similarity  approach  based  on  strain  is  not  yet  easily  used.  The  strain 
history  has  to  be  slthsr  measured  or  calculated.  Subsequently,  life  data  for  e  similar  history  if  not 
evailahls,  should  be  determined  empirically. 
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The  aiallarity  approach  for  crack  propagation 

The  application  of  tba  atraaa  intensity  factor  K  to  the  correlation  of  fatigue  crack  propagation  data  ia 
a  aoat  outstanding  example  of  tba  similarity  approach. 

Tba  atreaa  diatribution  around  the  tip  of  crack  can  ba  written  in  the  following  form  (Ref. 160) 


s 


13 


c 

\/2  n  r 


(5-11) 


S  ia  tba  noainal  atreaa  on  the  specimen,  1  ie  the  crack  length  and  r  and  9  are  polar  co-ordinatee.  The 
geometry  of  the  apecimen  la  accounted  for  by  the  non-diaenaional  conetant  C.  It  ebould  be  pointed  out 
that  aquation  (5-11)  ia  eeeentially  a  aolution  for  linearized  elasticity.  Vo re over  it  ia  aaaymptotically 
valid  only  for  amall  valuaa  of  r/E  ,  that  meane  for  the  crack  tip  region.  Further,  different  values  of 
fij(6)  apply  to  the  three  crack  opening  modes.  It  ia  euffioient  here  to  consider  only  the  tension  opening 
■ode  (tanaile  mode,  90'  mode  in  fig. 2.4). 

Equation  (5.11)  ear  he  written  as 


sij  ■  fi0  w 

(5.12) 

V2  n  r 

with  the  atreae  intensity  factor  K  -  C  S  Vl 

(5.13) 

Equation  (5.12)  implies  that  the  atreae  diatribution  at  the  crack  tip  is  fully  determined  by  K. 

The  similarity  approach  can  now  be  defined.  Compare  two  different  specimens, with  different  geometry, 
crack  langth  and  loading  strees,  hut  the  aame  etreae  intensity  factor.  Then  the  atreae  diatribution  at 
ths  craofc  tip  according  to  equation  (5.12)  will  ba  the  eane.  For  a  cyclic  etreea,  Parie  et  al.  (Refe.161, 
162)  proposed  that  equal  K-valuee  should  imply  equel  crack  propagation  rates,  and  consequently  the  crack 
rata  should  he  a  unique  function  of  the  atreae  intensity  factor 

E  *  *  00  (5.U) 

A  cyclic  atreaa  is  determined  by  two  of  the  quantities  Snal,  Smin,  S^,  SB,  The  ratios  hatween  these 
quantities  are  conetant  for  fatigue  tests  with  a  constant  atreee  ratio  R  («  SBin/SBaI).  Hence  it  should 
ba  expected  (Ref. '63)  that  f  (K)  in  equation  (5.14)  ie  dependent  on  Ri 

E  -fRW  (5.15) 

There  ie  now  abundant  evidence  from  cone  tint-amp li tude  teste  confirming  the  applicability  of 
equation  (S.15).  The  «-in>i1»ry*y  epprcach  hers  implies  that  track  giuwi'u  in  a  certain  type  of  specimen 
can  he  predicted  from  relation  (5*15)  determined  empirically  on  another  type  of  specimen.  The  latter  may 
he  a  simple  sheet  specimen. 

Availahle  data  mainly  comes  from  macrocrack  growth  observations.  It  was  stimulating  to  see,  however,  that 
the  concept  was  still  applicable  to  corner  cracks  in  different  2024-T3  specimens  with  sizes  ae  email  as 
.£  .  0.2  am,  see  figure  5.3.  Nevertheless,  there  ehould  he  a  lower  limit  to  the  validity  of  the  K  concept, 
which  implies  that  it  cannot  be  used  in  the  crack  nucleation  period  (Ref,163). 

Limitations  ehould  also  be  expected  from  other  arguments.  The  K-value  ie  essentially  an  claatic  concep¬ 
tion,  whereas  fatigue  crack  propagation  ie  due  to  cyclic  plastic  strain.  If  the  plastic  zone  ie  email, 
aa  compared  to  the  region  where  equation  (5.12)  ie  still  cpproximatoly  valid,  the  etreee  intensity 
factor  aay  also  be  a  characteristic  value  for  the  amount  of  plasticity  in  the  eaall  plastic  zone. 

However,  for  large  plastic  zones  the  validity  of  aquation  (>15)  should  get  loet.  Nevertheless,  it  ie 

surprising  to  ass  that  crack  rates  at  fairly  high  values  of  atreee  and  crack  langth  could  still  be 

0  0 

corralated  by  K,  daapite  ths  fact  that  the  transition  from  a  yc  -mode  crack  to  a  45  -mode  crack  had 
ooourrad  already. 
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Another  stimulus  was  of  farad  by  comparing  results  of  tw  differently  load  ad  apeoissne,  lea  figure  5.4 
(Raf.164).  One  specimen  was  atraaaed  at  tha  ends,  whereas  the  other  apeoimen  was  loaded  at  the  cppoaita 
edge  a  of  tha  crack.  For  oraok  growth  under  oonatant-amplitude  loading  thin  implies  that  K  will  incraaae 
in  the  former  specimen,  whareaa  K  will  decreaae  in  the  latter  ona,  aee  figure  "4b.  Thia  la  clearly  con¬ 
firmed  by  tha  two  crack  propagation  curvee  ahown  in  figure  5.4a,  Nevertheleee,  tha  two  typee  of  apscimen 
loading  produoed  tha  aaaa  d?/dn-K  relation,  aa  illuatrated  by  figure  5.4c. 

The  crack  rate  in  each  cycle  of  a  variable-amplitude  teat  could  be  drawn  from  equation  (5.15),  that  meana 
from  data  obtained  in  constant-amplitude  teeta.  However,  thia  ia  only  allowed  if  there  are  no  interaotion 
effacta.  Sinca  there  era  ouch  affeots  thie  procedure  cannot  be  valid.  Crack  growth  delays,  aa  diecueeed 
in  chapter  3,  amply  illuatrate  thie  point. 

The  similarity  approach  could  atill  be  applied  to  variable -amplitude  teata  by  comparing  crack  rata  data 
obtained  in  different  varieble-amplitude  teata.  Farie  (Ref.162)  suggested  that  K  should  be  applic  ble  to 
random  load  tests  if  S  ie  substituted  in  equation  (5.13).  Limited  evidence  available  (Hafa.165-167) 
eeema  to  confirm  thie  viewpoint.  A  recent  NLR  teat  program  ie  concerned  with  crack  propagation  under 
flight-simulation  loading  (Ref. 64)  with  the  design  stresa  level  aa  a  variable.  It  waa  tried  to  correlate 
the  data  for  different  design  otreaeee  with  the  stress  intensity  factor.  Unfortunately  the  attempt  was 
unsuccessful.  In  fact  the  similarity  approach  ie  not  aatiefied  by  similar  K-valuee  alone  in  order  to 
predict  similar  crack  rates.  A  second  requirement  should  be  that  the  crack  tip  regions  should  have  gone 
through  similar  K-historiee.  In  general  the  two  requirements  are  incompatible.  For  constant-amplitude 
tests,  the  second  requirement  apparently  ia  not  important.  It  may  be  more  important  for  variable-amplitude 
teste  due  to  interaction  effects.  Further  investigations  are  required  to  solve  thia  problem.  It  would 
indeed  be  of  practical  significance  if  the  K-concept  could  be  applied  to  random  loading  and  flight-simula¬ 
tion  loading. 


5.3.5  Interpolation  methoda 


Interpolation,  extrapolation  and  generalisation  of  empirical  trende  may  be  illuatrated  by  some  proposal 
made  by  Gaaener  and  SchUtz  in  reference  159.  The  type  of  information  employed  has  already  been  discussed 
in  section  4*14.  Figure  5 .5s  1*  illustrating  equation  (4.1)  once  again.  The  relation  can  be  written  oi 

log  N’  +  a  log  S||(al  -  C  (5.16) 

where  N'  ie  the  program  fatigue  life,  SR  ie  the  maximum  etreea  amplitude  of  the  standardized  load 
spectrum  applied  in  the  teet  and  C  is  a  constant.  This  xinear  relation  wae  confirmed  by  many  tests.  From 
a  graph  at  given  in  figure  5.5®t  ib®  program  fatigue  life  can  be  read  for  sny  value  of  SR  either  by 

interpolation  or  extrapolation.  Usually  the  slope  factor  «  had  a  value  in  the  order  of  6. 

In  figure  5.5b  the  elope  of  figure  5*5*  bae  been  adopted  to  draw  the  line  through  a  single  available  data 
point.  Obviously,  thie  ia  a  generalisation  of  an  empirical  trend. 

The  effect  of  the  shape  of  the  load  spectrum  hss  also  bsan  mentioned  in  section  4.14.  Results  from  Gaeener’s 
group  for  four  different  shapes  ehown  in  figure  5. 5ci  (spectrum  D  is  a  constant-amplitude  loading) 
produoed  a  curve  aa  plotted  in  figure  5*5d.  Curves  shown  in  figure  5.5s  can  now  be  adjusted  to  another 
load  spectrum  by  generalizing  the  applicability  of  figure  5.5d  (Ref. 159).  If  figure  5*5*  ie  valid  for  spec¬ 
trum  A,  it  can  be  adjusted  to  spsetrum  B  by  multiplying  ths  N'  value*  with  a  life  reduction  factor 
drawn  from  figure  5>5d.  this  implies  a  horizontal  shift  of  the  curve  over  a  distance  log  Ng  -  log  , 

while  the  slope  remains  ths  eame.  This  ia  another  case  of  generalizing  an  empirical  trend. 


Oaploying  empirical  trende  ie  similar  to  applying  past  experience.  It  ia  better  justified  if  more  experience 
ia  available.  It  ia  fully  justified  only  if  the  trend  ia  obeying  a  rsoognizsd  physical  law.  Unfortunately 
such  laws  are  not  yet  established  for  fatigue.  The  quality  of  the  results  obtained  will  therefore  depend 
on  the  amount  of  available  information  and  tha  personal  ability  of  interpreting  and  judging  the  validity 
oi  the  data. 


Th«  comparison  bstwsen  ths  rssults  of  random  load  tills  and  program  tests,  as  discussed  tn  ■action  4-. 12, 
ia  an  example  where  generalising  trend*  ia  apparently  unjustified,  Trend*  indioatad  by  ona  type  of  taata 
ara  not  necessarily  valid  for  tba  otbar  type  of  testing.  For  f light-simulation  taata  tha  tranda  any 
again  ha  different,  at  laaat  quant itativaly.  In  faot  figure  4.29  it  already  illustrating  tkie  point. 

Obviously,  tha  aafa  vay  of  handling  available  information  ia  to  interpolate  batwaan  data  rather  than  to 
extrapolate  data  by  generalising  empirical  trende.  For  the  purpoee  of  Baking  life  eetimetee,  interpola¬ 
tion  will  produce  only  relevant  information  if  we  start  from  raaliatio  taat  data.  It  ia  now  believed  that 
tha  moat  realistic  data  should  come  from  flight- simulation  taata.  Aa  a  consequence  of  thia  position,  tha 
present  author  in  references  64  and  96  has  proposed  the  following  concept,  which  Bight  be  labelled  us 
the  "flight-simulation  interpolation  methotf'.  In  order  to  avoid  extrapolation  extensive  data  obtained  in 
flight-simulation  teete  ehould  he  compiled.  The  data  should  cover  the  main  variable!  of  thle  type  of 
teeting.  Life  eetimatea  can  then  be  made  hy  interpolation.  The  following  taat  program  was  proposed) 

Random  flight-simulation  testa  for  a  certain  structural  material  ahould  be  carried  out,  including  the 
following  variable  a  1 

a  Specimens.  Representative  riveted  and  holted  joint*  ehould  be  used. 

h  Shape  of  load  epectrum.  Some  typical  shapes  should  be  ueed,  for  inetacc*  representing  gust  spectra 
and  manoeuvre  spectra, 

c  Design  atres*  level.  Some  value*  ehould  be  adopted  in  order  to  study  the  effect  of  the  stress  level 
in  a  similar  way  a*  Gaaaner  has  done  for  program  tests, 
d  Ground-to-air  cycle.  The  number  and  the  magnitude  may  be  varied. 

Taking  for  example  four  caea*  for  each  item  a-d  this  would  imply  4^  «  256  test  conditions  if  all  possible 
combinations  are  made. 

Evidently  it  i*  a  large  test  program,  but  it  would  aerve  more  than  one  purpose.  Firstly,  ths  data  oould 
indeed  he  used  in  the  design  tags  for  making  life  eetimatea  hy  interpolation  hetwean  the  data.  Secondly, 
the  results  would  reveal  the  effects  of  several  variables  under  flight-simulation  conditions,  rfiich  are 
not  well  known  up  to  now.  Thirdly,  without  actually  having  to  design  a  standardised  test  one  covld  use 
the  data  aa  a  standard  for  comparison  when  checking  the  fatigue  quality  of  a  new  component.  A  handbook 
with  this  typa  of  data  could  be  extended  from  time  to  time. 

Of  course  the  ahove  flight-elmulation  interpolation  method  will  not  exclude  all  extrapolation!,  mainly 
because  the  geometry  of  an  actual  component  will  deviate  from  those  of  the  specimen*  touted.  However, 
some  additional  flight-simulation  teets  on  the  actual  component  may  indicate  the  applicability  of  the 
available  data.  Moreover,  this  will  add  to  the  compilation  of  f light -eimulat ion  teet  data. 

5.4  Evaluation  of  the  theorise 

In  the  introduction  of  this  chapter  the  question  was  asked  whether  one  of  the  proposed  theorise  could 
account  in  a  realistic  way  for  the  tranda  deecrihed  in  chapter  4*  Actually,  If  one  of  the  theories  oould 
do  so  the  present  report  would  not  have  been  prepared.  Nevertheless,  some  theorise  can  account  for  one 
or  a  few  trends  because  these  theories  were  based  on  those  trends.  The  principal  question  now  iet 
What  do  we  expect  from  a  theory,  which  requirements  should  it  satisfy,  which  questions  ahould  it  answer, 
accepting  the  fact  that  it  will  he  unable  to  answer  all  quee.iona. 

There  are  two  different  approaches  to  this  question,  the  physical  ona  and  tha  practical  one.  With  respect 
to  tha  first  approach  it  is  important  that  the  theory  has  a  physical  base  which  appsars  to  hi  sound 
rsthsr  than  speculative.  The  theory  as  a  physical  model  should  he  in  agreement  witb  the  phenomenologi.oal 
observations  on  crack  nucleetion  and  crack  growth.  The  agreement  may  bs  qualitative,  but  anyhow  ths  model 
should  make  sense. 

With  respect  to  tha  practical  approach  ths  question  is  whether  a  theory  can  give  reasonable  answers  to 
life  prediction  problem*  ae  they  occur  in  airoraft  design  or  in  eervice. 

The  two  approaches  are  specified  in  eome  more  detail  by  a  number  of  queetione  listed  in  the  table  5» 3. 
More  queetione  could  easily  he  formulated,  but  those  in  the  tahle  are  pertinent  onae  for  a  discussion  on 
ths  significance  of  the  theories  presented  in  tha  previous  suctions. 


S4*!  r^siogl  eignificanc*  of  the  theories 

Moat  incremental  damage  theories  in  table  5.2  ignore  the  existence  of  crack  nucleation  and  crack  growth 
and  for  that  reaeon  thaae  theories  are  to  be  labelled  aa  non-phy aical.  In  fact  Boat  theoriea  ignore  all 
sepacta  a-d  from  table  5*3* 

Fatigue  damage  in  aoae  theoriea  (Shanley,  Valluri  and  Oorten  and  Solan),  ia  associated  with  e  fatigue 
crack,  while  the  ecouaulation  of  damage  is  than  similar  to  crack  growth.  However,  thaae  theories  do  not 
explain  such  simple  aaqueuoe  effeota  as  illustrated  in  figures  3.3,  4.4  and  4,14.  The  affect  of  single 
overloads  nay  be  qualitatively  explained  by  Elber' a  argument,  tdiich  is  the  plastic  deformation  left  in 
the  wake  of  the  crack.  Recently  Von  Biw  showed  this  argument  to  be  applicable  (sea  section  3.2).  However, 
a  quantitative  trevtment  of  the  delay  has  not-  yat  been  achieved.  This  would  require  the  solution  of 
extremely  difficult  problems  related  to  cyclic  etreee-etraiu  distributions  around  cracks. 

A  reaidual  stress  concept  was  introduced  by  Smith  in  a  simplistic  way.  A  more  advanced  approach  is  the 
prediction  of  stress  strain  histories  at  the  root  of  a  notch  (Crews  and  Hardrath,  Jo  Dean  Morrow  et  al., 
lmpellixsem).  This  is  indead  a  refinement  of  the  description  of  the  load  h_atory  at  the  fatigue  critic- 
el  location  which  then  appears  to  be  sensitive  to  load  sequence*.  The  effect  of  high  preloads  on  the 
fatigue  life  of  notched  elemente  are  well  predio.ji  by  this  approach.  However,  for  more  complex  sequences 
the  translation  of  the  stress-strain  hiatory  into  fatigue  lives  is  just  another  problem. 

According  to  the  incremental  carnage  theories,  tha  damage  increment  per  cycle  A D  equals  l/ff,  if  N  is  the 
constant-amplitude.  life  associated  with  the  magnitude  of  the  individual  strain  cycles  or  stress  cycles. 

The  N-velue  is  derived  from  adjusted  £-N  curveB  in  eome  bhtoriea.  From  a  physical  point  of  view,  AD  -  l/N 
ie  at  most  "plausible"  but  in  fict  it  is  pure  speculation.  It  also  implies  that  interaction  effects  on  the 
daaage  accumulation  are  accounted  for  only  by  adopting  the  real  etrees-strain  history  at  the  root,  of  the 
notch,  which  include*  residual  etrees.  Other  interaction  offectB  and  damage  parameters  aB  outlined  in 
chapter  3  are  ignored.  Moreover,  the  nucleation  and  tha  growth  of  cracks  do  not  form  a  part  of  these 
theories. 

In  conclusion  it  has  to  be  admitted  that  avauxuole  theories  are  physically  speaking  rather  incomplete  and 
hence  fairly  primitive.  The  complex' ty  of  fatigue  damage  accumulation  as  a  physical  phenomenon  is  much 
better  recognized  than  in  the  early  day*  At  the  same  time  this  offers  tremendous  problems  for  postulat¬ 
ing  a  quantitative  physical  theory. 

3.4.2  Practical  significance  of  the  theoriea 

If  a  life  prediction  ia  mad  for  a  practical  problem,  the  reliability  of  the  result  may  be  limited  for 
several  reasons.  These  reasons  aro  only  partly  associated  with  the  validity  of  the  cumulative  damage  rule, 
adopted,  au  will  be  discussed  in  chapter  6.  Here  the  discussion  is  rertricted  to  the  cumulative  damage 
theory  itself  and  the  fatigue  data  required  for  ita  application. 

The  majority  <;f  the  incremental  damage  theories  arc  based  on  constant  amplitude  data,  eee  table  3» 2. 
Frequently,  it  ia  tacitly  assumed  that  these  data  are  available  or  can  easily  be  estimated.  Since  pract¬ 
ical  questions  are  associated  with  components  and  joints,  this  ie  incorrect.  Moreover,  an  empirical 
determination  of  S-N  data  of  joints  ie  usual.  •  costly  and  time  coneuming.  Apparently,  the  S-N  data  are  a 
weak  link  in  tee  application  of  the  increments:  a.  •"■'ge  theories.  More  comments  on  this  aupect  are  given 
in  chap'  er  6. 

Prediction  of  fatigue  life  until  visible  cracks  (topic  e  table  5.3, 

Meet  theories  do  not  pay  much  attention  to  the  definition  o.  the  end  of  the  fatigue  life.  In  general  it 
should  be  understood  to  be  the  life  until  a  viaible  crack  is  pr^ent,  or  the  life  until  complete  failure 
of  a  small  coiponent.  It  io  not  real  *tic  to  conei ter  t  life  unti.  complete  feilure  of  the  entire 
aircraft  etructuxe,  unless  it  ie  a  safe-life  structure.  In  a  fail-safe  e.-dcture  the  propagation  of  the 
visible  crack  should  be  treated  separately. 

Aeiuming  that  S-N  data  are  available,  the  Palmgren-Miner  rule  in  the  most  eimpie  rui-  to  be  u.ed.  Many 
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investigations  ware  carried  cut  to  check  tba  validity  of  the  rule  and  considerable  deviations  were  found. 
Although  the  deviations  do  not  show  a  clear  pattern,  it  Bay  be  sui  that  most  values  of  v  n/tf  <,  i  were 
found  for  zero  mean  stress  and  for  unnotched  material  (fief. 168).  For  positive  mean  stress  and  notched 
elements,  quits  a  lot  of  21  n/N  values  are  in  the  ranga  0.5  -  2.0  (Refs.  168,169).  It  was  concluded  else¬ 
where  (Ref.78)  that  tbe  Palmgren-Miner  rule  in  many  practical  applications  will  be  good  enough  for  a 
rough  life  astj.metion,  provided  realistic  S-N  data  are  available. 

If  unconserve live  estimates  have  to  be  feared,  for  instance  in  o*sa  of  zero  mean  stress  or  many  cycles 
below  the  fatigue  limit,  tbe  application  „f  the  Palmgren-Miner  rule  to  an  adjusted  S,N  curve,  such  as 
proposed  by  Haibacn  (see  figure  5.1),  may  be  recommended.  For  the  combination  of  flight  loads  with  OTAC 
some  conservatism  could  be  added  by  eimply  etarting  from  v  n/fi  -  0.5. 

A  comparison  betwsen  a  number  of  incremental  damage  theoriee  wav  made  by  eeveral  authors  (Refe.47,142,170), 
In  general  tbe  conelueion  wae  that  it  le  hard  to  prefer  one  of  tbe  rules  to  the  Palmgren-Miner  rule. 

Better  predictions  were  sometimes  found  by  the  Corten-Dolan  theory  if  the  constant  "d"  in  equation  (5.7) 
could  be  adapted  to  the  teat  reeulte.  Actually,  a  more  accurate  validity  for  practical  loading  conditione 
until  now,  cannot  be  claimed  by  any  of  the  incremental  damage  theories  baaed  on  conetant-amplitude  fatigue 
data. 

It  may  be  expected  that  theories  based  on  etreee-e train  hietoriee  at  the  root  of  a  notch  have  the  potential¬ 
ity  to  give  more  accurate  life  predictions.  This  ie  thought  to  be  true  because  they  may  account  for 
residual  stress  effscte,  which  probably  play  an  important  part  in  fatigue  damage  accumulation.  Even  relax¬ 
ation  of  residual  stress  could  be  incorporated.  Results  published  by  lmpelliazerri  look  promising  but  s 
widsr  exploration  is  required  before  definite  conclusione  can  be  drawn.  One  improvement  of  tbe  situation 
may  be  mentioned  bare.  Preeent  computora  allow  damage  calculations  to  be  made  from  cycle  to  cycle,  even 
if  the  total  life  is  a  high  number  of  cycles. 

Another  improvement,  as  compared  to  the  Palmgren-Miner  rule,  appears  to  be  obtained  by  the  procedures 
proposed  by  Oaeener  and  by  Kirkby  and  Edwards  (  E  n’/N*  »  1).  Aleo  here  a  general  validity  will  probably 
not  apply.  Similar  to  the  application  oftbe  Palmgren-Miner  rule,  tbe  availability  of  relevant  fatigue 
curves  (S’-  N'  data)  may  be  a  problem.  Moreover,  tbe  advantage  of  these  procedures  may  be  weakened  hy  the 
problem  of  bow  to  account  for  deterministic  loads  such  as  tbe  ground-to-air  cycles.  The  moat  logical  con¬ 
sequence  then  appears  to  he  to  start  from  data  obtained  in  fligbt-eimulation  tests.  This  ia  tba  proposal 
discussed  in  section  5* 3. 5-  Tbe  purpose  is  indeed  to  minimize  artrapolation  as  far  as  possible.  More 
comments  are  given  in  chapter  6. 

Prediction  of  macro-crack  propagation  (topic  e2,  table  5.)) 

The  most  logical  approach  appears  to  be  an  estimation  by  employing  the  streee-intenaity  factor.  A  crack 
growth  ourva  may  be  calculated  by  integrating  Ail  for  ea<  cycle,  where  A  K  ie  derived  from 
d£/dn  «  fR  (K)  (Eq.5.15)  obtained  in  conetant  amplitude  teete.  Interaction  affects  are  ignored  by 
this  procedure  and  since  such  effects  are  predominantly  favourable  to  macro-crack  growth,  a  conservative 
result  nil,  be  obtained.  Moreover,  it  will  be  necessary  tr.  calculate  K-valueB  for  the  etructure  as  a 
function  of  crack  length.  The  relevance  of  thia  procedure  was  recently  proven  (Refs.  1  71 ,’72)  for  cracks 
in  stiffened  panels.  A  good  agreement  between  prediction  and  test  results  (constant -amplitude  loading) 
was  found.  More  comments  on  predicting  crack  growth  are  made  in  section  6.4. 

Complicated  sequence  affects  (topic  f,  table  5*3) 

In  section  4*13  it  was  indicated  that  s  change  of  tbe  load  sequence  in  a  flight-eimulation  test  prohably 
had  a  small  effect  on  life  only.  This  ie  a  convenient  trend  because  almost  all  incremental  damage  theories 
do  not  -oenunt  for  different  sequence*.  The  exception!  are  theories  baeed  on  strecs  strain  histories  which, 
however,  are  not  yet  sufficiently  checked  for  practical  load  histories. 

Effect  of  a  change  of  tbs  load  spectrum  (topic  g,  table  5-j) 

If  an  aircraft  is  used  for  two  different  missions,  iwo  different  load  spectra  will  apply.  It  ie  a  practic¬ 
al  question  to  aak  how  tbe  fatigue  lives  associated  with  these  mission*  will  compare.  A  similar  problem 
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occur*  if  tb*  service  load  epectrum  turn*  out  to  b*  different  from  th*  load  epeotrum  adopted  in  deeign 
calculation*  and  full-aoal*  fatigue  tests. 

If  th*  liy**  for  load  epootr*  A  and  B  ar*  and  respectively,  th*  r«tio  may  h*  calculated  hy 

■•an*  of  th*  Palmgren-Miner  rul*.  It  i*  eometime*  suggested  that  tb*  invalidity  of  th*  rul*,  which  could 
l*ad  to  eieleading  v*lu**  of  both  and  1^,  would  bay*  a  smaller  *ff*ot  on  th*  acourecy  of  the  calcula¬ 
ted  ratio  Lg/L^.  Thi*  suggestion  i«  unjustified. 

Although  th*  nil*  nay  give  rough  life  eatimat**  it  i*  in  fact  unable  to  give  indication*  of  the  damage 
contrihutione  of  the  varioue  load  amplitude*  S«^.  Some  may  be  larger  than  n^/N^(  other*  nay  he  smaller. 

If  tha  modification  of  th*  load  *p*otrum  ie  in  a  rang*  of  S^-values,  where  give*  a  falaa  indica¬ 

tion  of  th*  daaage  oontrihution,  th*  ratio  Lg/l^  will  *l*o  he  a  f-.lse  indication. 

Th*  *o-oall*d  " level  of  maximum  damage”,  waa  defined  in  reference  173  (■«•  el*o  Ref.168)  ••  the  load 
amplitude  of  •  load  epeotru*  giving  the  largeet  contribution  to  £  n^/>h .  However,  it  i*  far  from  eure 
that  it  will  indaed  give  the  largeet  contribution.  All  th*  misleading  euggertione  tacitly  assumed  the 
•heenoe  of  interaction  effect*,  which  do  eziat,  however. 

Some  aiaple  examples  of  misleading  indications  ware  diecuaaed  in  chapter  4.  If  a  guat  spectrum  i*  changed 
hy  having  eoae  more  high- amplitude  oydlss  the  Pelmgren-Miner  rula  predict*  •  slightly  shorter  life.  In 
reality  the  life  may  he  much  longer.  A  second  simple  example  i*  offered  hy  modifying  the  spectrum  in  the 
lew-amplitude  range.  According  id  tha  Palmgren-Miner  rul*  thi*  will  have  no  effect  at  all,  contrary  to 
teat  r**ult*. 

Unfortunately,  the  fact  that  the  Pelmgren-Minar  rule  i*  unreliable  to  account  for  modification*  of  the 
load  *pectrum,  also  applie*  to  the  other  incremental  damage  theories.  The  only  way  out  ie  taeting,  that 
anane  comparative  fllght-eimulation  teete  with  different  load  epectra.  Once  again  we  arrive  at  the 
propoeel  for  eyeteuatic  flight -simulation  teete  madam  section  5-3-5-  Curve e  aimilar  tc  the  curve  in 
figure  5-5d,  determined  hy  Ceeener  and  cc-worker*  for  program  fatigue  teete,  would  he  required. 

Effect  of  t  few  high-amplitude  cycle*  (topic  h,  table  5.3) 

According  to  moat  theorise  the  effect  of  a  few  high-amplitude  cyclaa  will  ha  negligible,  whereas  in 
reeiit/  it  may  he  very  large.  Theories  including  a  reeidual  atree*  concept  try  to  account  for  the  effect 
of  a  few  high-amplitude  oycloa.  This  applies  to  the  Smith  theory  and  the  theoriee  bleed  on  the  etrain- 
hletory  at  the  fatigue  critical  location.  As  said  before,  a  satisfactory  eolution  has  not  yet  been  oh- 
teined  hut  e  further  exploration  is  certainly  worth>&ile. 

Effeot  of  many  low-amplitude  cyclee  (topic  table  5*3) 

If  low-amplitude  cycles  axe  below  e  fatigue  limit,  moat  incremental  damage  theories  will  predict  these 
cycle*  to  he  non-damaging.  The  exception*  are  the  theories  that  include  a  reduced  fatigue  limit. 
Unfortunately  thsee  theoriee  do  not  account  for  the  effect  of  a  few  high-amplitude  cycles. 


In  summary 

With  rtcpcct  to  2nl:ing  life  iiiiwi'.n,  <%  theoay  til  a.  is  liiwtinciiy  superior  to  tne  ralmgren-Mintr  rule, 
i*  not  available.  Secondly,  a  life  estimate  ohtained  with  the  Palmgren-Miner  rule  ie  a  rough  life 
estimate  only.  Its  accuracy  ia  not  only  dependent  on  deviations  from  the  rule  hut  also  on  the  reliability 
of  ths  S-N  ourvea  used.  Thirdly,  for  the  purpose  of  estimating  the  effect  of  modif icationa  of  the  load 
spectrum  the  Palmgren-Miner  rule  is  unreliable.  The  same  appliea  to  the  other  rulea. 

There  ia  eome  prospect  for  th*  theoriee  based  on  *treH*-*train  bietoriee  at  the  fatigue  critical  locatione, 
hut  e  further  evaluation  and  empirical  checking  is  neoeeeary. 

Until  now  raoet  theoriee  had  the  character  of  incremental  damage  theories.  The  similarity  approach,  in 
principle,  ia  e  fully  justified  approach,  but  unfortunately  tnere  are  etill  considerable  limit*. ion*. 

The  -method  being  the  moet  prominent  exponent  for  life  estimate*  ia  not  aatiefactory.  For  crack 

propagation,  tb*  stress- intensity  factor  ia  successful  for  constant- amplitude  teate.  There  are  indications 
that  the  atreee-intenaity  factor  will  not  work  for  service  load-timo  history,  but  a  further  exploration 
is  dusirable. 

The  interpolation  approach  will  pme^hly  give  the  moat  accurate  life  predictions,  provided  that  it  can  be 
hawed  on  realistic  f' lgh --simulation  teate  data.  Such  data  are  mill  largely  to  he  collected. 
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6,  ESTIMATING  FATIGUE  PROPERTIES  AS  A  DESIGN  PROBLEM 

6.1  Survey  of  airorafu  fetigua  gzjhlsiss 

A  large  variety  of  empirical  trende  has  been  reported  in  chapter  4.  Cumulative  damage  theories  have  been 
discussed  in  ohapter  5  and  it  has  to  be  admitted  that  the  picture  of  theories,  in  view  of  explaining  the 
empirical  trends,  is  not  a  bright  one.  There  is  some  qualitative  understanding  of  the  trende,  but  the 
possibilities  for  quantitative  predictions  is  still  rather  limited  as  yet. 

It  should  now  bs  a  lysed  how  this  affects  the  determination  of  fatigue  properties  of  aircraft  structures, 
both  in  the  design  utage  and  later  on.  It  cannot  be  the  purpose  of  this  report  to  diecuee  all  aspects 
of  fatigue  in  aircraft  structures.  It  is  sufficient  here  to  list  the  most  prominent  aspects  and  this 
has  been  done  in  table  6.1  drawn  from  reference  78.  The  list  is  not  necessarily  complete,  but  sufficient 
for  the  present  analysis.  It  is  important  to  note  that  there  are  three  phases  in  the  history  of  an  air- 
crelt,  namely,  ths  design  phase,  the  construction  of  the  first  aircraft  and  the  performance  cf  test 
flights,  and  finally,  the  utilisation  of  the  aircraft  in  service. 

In  the  first  phase  the  designer  has  to  start  with  ths  actual  design  work,  including  general  lay-out  of 
the  structure,  joints,  detail  design  epecif lcation  of  the  materials,  etc.  He  then  has  to  estimate  ths 
fatigue  performance  of  the  structure,  which  broadly  outlined  involves  the  steps  indicated  in  table  6.2. 

The  description  of  the  fatigue  environment  is  a  complex  problem,  not  only  because  it  involves  a  good 
deal  of  :  guesswork  but  also  in  view  of  the  largo  variety  of  aspects.  This  is  illustrated  by  table  6.3. 
Several  topics  in  the  table  will  be  briefly  touched  upon  when  diecueeing  the  merits  of  life  calculations 
and  fatigue  tsete. 

Ths  second,  step  of  teble  6,2  includes  the  dynamic  response  of  the  structure  to  arrive  et  the  fatigue 
loads  in  the  structure.  A  modern  trend  in  this  area  ie  the  application  of  power  spectral  density  (PHD) 
methods.  The  calculation  of  the  fatigue  loads  in  the  structure  is  beyond  the  scope  of  this  paper,  but 
it  has  to  be  said  that  the  aircraft  response  may  bi  t  significant  source  of  uncertainties.  It  can  be 
partly  circumvented  by  direct  load  measurements  in  flight. 

The  lent  step  in  table  6,2  ie  concerned  with  the  eetimation  of  fatigue  lives  and  crack  propagation.  In 
the  present  chapter  comments  will  be  made  on  the  statistical  description  of  service  load-time  histories 
(Sec. 6. 2),  while  the  problem  of  estimating  fetigue  lives  and  crack  propagation  data  is  dealt  with  in  th< 
remainder  of  ths  chapter.  Aspects  of  testing  procedures,  in  order  to  get  relevant  information,  are  die- 
eueeed  in  chapter  7. 

6.2  The  description  of  the  service  loed-time  history 

In  general  service  load-time  histories  are  described  by  etatiatical  means.  There  are  two  different 
approaches,  namely: 

’ .  Counting  methods 

2.  The  power  spectral  density  method  . 

Before  making  comments  on  these  methods  some  thought  should  be  given  to  the  definition  of  a  load  cycle. 

Definition  of  a  load  cycle 

In  constant-amplitude  teste  the  fatigue  life  N  ie  given  ee  a  number  of  cycles  until  failure.  In  the 
Palmgren-Miner  rule,  i  ’  ’t  the  meaning  of  n1  also  ie  a  number  of  cycles  applied  at  a  certain 

cyclic  load.  Mathematically  it  may  seem  ettrectice  to  define  the  eize  of  the  load  cycle  by  specifying 
its  mean  and  amplitude,  for  instance  Sa  and  Sa  (Pig. 6. 1  a).  However,  considering  fetigue  ae  a  damaging 
phenomenon  in  the  material,  the  moments  of  reversing  the  loading  direction  are  the  more  important 
milestones  of  the  load-time  history.  In  other  words,  the  loed  peaks,  i.e,  minima  and  maxima,  are  the 
characteristic  occurrences  of  the  cyclic  load.  Consequently  from  a  physical  point  of  view  it  would  be 
better  to  define  a  cycle  by  its  minimum  end  maximum,  eee  figure  6,1b,  In  order  to  complete  the  defini¬ 
tion  of  a  load  cycle  it  should  be  eeid  that  it  consists  of  a  rising  and  a  falling  purt,  that  moans  it 
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consists  of  two  half  cycles.  For  tha  time  heing  tha  loading  rata  will  not  be  considered. 

A  few  variahle-amplituda  load  aequencaa  are  given  in  figura  6.1  o-f.  Figura  6.1c  ahowa  the  caae  where 
tha  amplitude  ia  reduced,  while  maintaining  the  aame  minimum.  Tha  definition  of  load  cycles  1-4  givaa  no 
prohlem. 

If  the  amplitude  ia  reduced  while  the  mean  remaina  tha  aame,  thia  can  be  done  in  two  waya,  aoa  figuree 
6. Id  and  a.  Clearly  enough  cycle  3  in  figure  6. Id  and  cycle  2  in  figure  6.1c  ce-iiot  be  defined  by  a  single 
value  for  Sj|it  and  Snin.  Aa  ehown  by  the  empirical  trends  in  figure  4.I4,  the  difference  between  tha  two 
casea  ia  not  irrelevant  for  fatigue  damage  accumulation. 

Another  problem  ia  illuatrated  hy  figura  6. If.  The  email  intermediate  load  fall  BC  impliaa  an  additional 
maximum  and  minimum.  Hence  one  might  any  that  there  are  two  cyclea  in  thia  figure,  although  .ha  material 
from  a  damaging  point  of  view  will  reepond  to  it  aa  a  aingle  cycle  ADE.  Coneidering  the  two  guet  load 
recorde  in  figure  6.2  it  will  ba  clear  that  a  definition  of  load  cyclaa  in  these  practical  cases  ia  far 
from  simple. 

Counting  methods 

The  aim  of  counting  methods  ia  to  give  a  atatiatical  distribution  of  characteristic  magnitudes  of  the 
lead-time  hiatonea.  Whether  uaeful  data  can  be  produced  in  thia  way  will  ba  diacusued  latar.  In  the 
following  a  survey  of  some  counting  methods  ia  given  to  illustrate  the  type  of  data  obtained. 
Characteristic  occurrences  of  a  load-time  history  adopted  for  counting  may  be  either  peake,  level 
crossings  or  rangee.  Thia  has  led  to  a  variety  of  counting  methods  (Refe.174-176).  Examine  are  illustrated 
by  figure  6.3,  while  a  more  complete  list  ia  given  hy  Van  Dijk  (Ref. 1(6). 

In  methods  a  and  b  peaks  are  counted.  In  the  second  ona  only  the  moat  axtreme  peak  between  two  mean- 
croaainge  ia  counted.  The  purpose  of  thia  ia  to  ignore  smaller  load  variations  which  are  thought  to  he 
irrelevant  to  fatigue.  The  VGH  records  were  evaluated  with  thia  peak-between-mean  crossings  count  method. 
In  method  c  leven  crossings  are  counted.  One  might  assume  that  the  number  of  maxima  above  a  oertain  level 
is  equal  to  the  number  of  croaainga  of  that  level  (with  positive  slope).  Thia,  however,  ia  incorrect 
although  it  ia  approximately  valid  under  certain  conditiona. 

Method  d  ia  a  variant  of  method  c  involving  a  second  condition  to  he  mat  hefore  a  level-crossing  count 
ia  made.  A  lsvel-croeeing  in  the  upward  J  action  ia  counted  only  if  the  load  haa  gone  downwards  to  a 
lower  level.  This  eliminates  level  croaainga  from  smaller  load  variationa.  The  well-known  Fatiguemetar 
ia  operating  according  to  thia  method. 

In  the  simpla  range  c; unt  method  (Fig.6.3*),  positive  and  negative  ranges  between  successive  peak  values 
are  counted.  The  basic  idea  ia  that  rangea  are  more  important  for  fatigue  than  the  abeoluta  peak  valuaa. 
The  range  count  method  has  one  aarious  disadvantage.  Tha  counting  result  is  extremely  sensitive  to  tha 
smallest  load  variations  still  to  ba  conaidared.  In  figure  6. If,  tha  range  AD  will  not  be  oountmd,  but 
instead  of  one  lnrga  range  three  smaller  rangee  AE,8C  and  CD  have  to  be  counted. 

With  the  range-pair  exceedance  count  method,  range  exesedanoea  are  counted  in  pairs  of  aqual  magnitude 
and  oppoaite  sign.  The  disadvantage  of  tha  range  count  method  is  thus  eliminated. 

Recently,  Ee  Jouge  (Raf.177)  proposed  the  NLR  counting  method  (referred  to  aa  tha  range-pair-range  count 
method  by  Van  Dijk  (Ref. 1 76).  Thia  method  is  a  further  development  and  extension  of  the  range-pair- 
exceedance  counting  method.  It  alao  gives  information  on  the  mean  of  the  range  countad.  This  impliaa 
that  peak  load  levels  can  alao  bo  derived  from  the  counting  reeult.  Moreover,  counts  for  a  relatively 
small  time  interval  can  be  proceesed  separately.  As  a  Consequence,  the  "memory"  for  pairing  poeitive 
and  negative  ranges  has  now  been  eet  to  certain  limits.  Hence  tbs  method  is  tho’ight  to  give  more  rslevant 
information  from  a  fatigue  damaging  point  of  view  as  compared  to  previous  methods.  It  should  hs  noted 
that  the  rain-flow  counting  method  (Ref.129)  can  produce  similar  information  as  the  NLR  counting  method. 

The  power  spectral  density  concept 

The  application  of  power  spectral  analysis  to  randomly  varying  loads,  especially  to  gust  loada,  ia  being 
explored  to  an  eve r-incr easing  extant.  The  mathematical  frame  work  for  application  to  random  loads  cannot 
be  discussed  here.  It  may  be  found,  for  instance,  in  references  32-34,178.  It  la  assumed  that  the  external 
load,  for  instance  turbulent  air,  may  be  conaidared  to  ba  a  stationary  Cauaeian  process  during  a  certain 
period.  Such  a  process  ia  fully  described  by  ite  power  spectral  density  function  ^e(w),  where  w  is  an 
angular  frequency.  If  the  response  of  the  structure  to  the  external  load  la  linear,  tha  power  spectral 
density  function  of  the  internal  load  ^(w)  can  be  calculated  from  ^((>j)  and  the  transfer  function  of 
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tha  structure.  This  it  to  elegant  way  to  account  for  the  dynamic  bahaviour  of  tha  structure. 

It  i*  poaaibla  to  calculate  from  ^(u)  tha  statistical  diatribution  functions  for  laval  crossings  anC 
peak  loada.  Tha  weakneaa  la  that  all  crossings  and  all  peake  are  obtained,  alao  if  they  are  cauaad  by 
very  small  load  fluctuation.  Results  obtained  by  counting  methoda  baaad  on  ranges,  cannot  be  calculated. 
Navarthalaaa,  ^(u)  ia  fully  charactenatic  for  a  random  eequence  and  any  information  that  cannot  ba 
calculated  mathematically  can  ba  determined  by  measurements  from  a  signal  with  the  ease  apactral  damnify 
function.  Tha  affect  of  0(u)  on  tha  irregularity  of  the  random  load  waa  already  illustrated  by 
figure  4<20.  It  may  be  emphaaiaad  bare  that  tha  power  apactral  danaity  method  requiree  tha  external  load 
to  be  a  Gaussian  phenomenon. 

Tha  uaefulneaa  of  the  Counting  methods 

Tbe  queetion  nbout  tha  uaefulneaa  haa  to  be  related  to  tha  purpose  of  the  data  being  collected.  Three  main 
objectives  may  be  mentioned  here. 

1.  Collecting  data  for  load  epectra  to  be  ueed  for  future  aircraft  deeign. 

2.  Eatabliehing  data  for  the  application  to  a  full-acale  fatigue  teat. 

3.  Collecting  data  for  eetimating  the  coneumed  life  of  individual  aircraft. 

The  firat  topic  ia  of  interest  to  the  deaigner,  the  eecond  one  to  the  teat  engineer,  while  the  third  one 
ia  important  for  the  aircraft  operator. 

Starting  with  the  last  objective  there  ia  a  fairly  extensive  literature  on  collecting  in-flight  data  for 
this  purpose,  A  discuaeion  would  be  beyond  the  scope  of  thie  report.  Reference  may  be  made  here  to  a 
recent  publication  by  De  Jonge  (Ref. 177).  He  made  a  proposal  for  a  fatigue  load  monitoring  system.  Two 
essential  features  are:  (1)  Load  etatietica  should  be  derived  from  strain  records  instead  of  acceleration 
measurements.  (2)  The  strain  record  should  be  analysed  by  the  NLR  counting  method.  The  first  recommenda¬ 
tion  waa  made  because  the  relation  between  accelerations  and  load*  in  tbe  structure  is  not  unequivocal 
in  many  cases.  The  second  recommendation  is  made  because  it  iB  thought  that  the  NLR  counting  method  givee 
more  appropriate  indications  about  the  fatigue  load  environment. 

The  second  objective  mentioned  above  is  discussed  m  chapter  7.  Some  comments  will  be  given  there.  Tha 
first  objective  ia  important  for  estimating  fatigue  lives  which  is  the  subject  of  the  present  chapter. 


Various  counting  methods  were  compared  for  the  application  to  guat  load  records  (Ref. 174)  end  manoeuvre 
load  records  (Ref.176).  It  turned  out  indeed  that  the  range  method  wae  fully  inadequate  in  visw  of  its 
sensitivity  to  small  load  fluctuations  as  mentioned  before.  Alao  the  simple  level-crossing  count  method 
and  the  simple  peak  count  method  are  believed  to  count  toomany  irrelevant  occurrences. 

The  restrictsd-levsl-crossing  count  method  (Fatiguemeter)  and  tbe  peak-between-mean  crossings  count  method 
(VGH  records)  give  more  relevant  information.  Moreover,  the  two  methods  diow  relatively  small  differences 
between  their  counting  results.  The  range-pair  exceedance  count  method  appears  attractive  but  the  disad¬ 
vantage  is  that  no  information  is  obtained  about  peak  velueB  of  the  load-time  history.  This  disadvantage 
is  eliminated  in  the  NLR  counting  method.  TJrjfortui»sioIy ,  aliuoat  no  data  obtained  with  tuic  method  are 
available  as  yet. 


The  question  whether  a  counting  method  gives  useful  information  for  calculating  fatigue  lives  dcee  not 
yet  allow  a  definite  answer.  If  atatlatical  data  obtained  with  some  counting  method  could  give  a  realitt- 
lc  estimation  of  the  ac'-ual  load-tims  history,  we  are  still  left  with  another  problem.  This  is  how  to 
calculate  tbe  fatigue  life  from  this  load-time  hiBtory.  In  the  previous  chapter  it  had  to  be  admitted 
that  this  problem  is  not  yet  aolvsd.  As  a  consequence,  a  comparison  between  service  life  and  calculated 
life  can  neither  prove  nor  disprove  the  quality  of  the  counting  method  since  the  uncertainties  about  the 
life  calculation  method  are  involved  also.  At  best  we  may  aak  whether  statistical  counting  results  allow 
a  relevant  estimation  of  the  service  load-time  history.  The  estimation  ie  considered  to  bs  relevant  if 
teBta  with  the  real  load-time  history  and  the  estimated  one  would  produce  similar  fatigue  lives.  Keeping 
in  mind  this  criterion  some  more  comments  will  be  made  later. 


Gsquence  of  loadB 

it  should  be  pointed  out  that  all  counting  methods  do  not  give  any  information  about  the  sequence  of  the 
loada  counted.  (Soms  information  about  possible  sequences  will  be  retained  by  the  NLR  counting  method). 
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The  results  of  statistically  counted  load!  axe  usually  presented  as  arceedance  curves,  such  as  shown  in 
figure  6,4  for  gusts  and  for  manoeuvres.  For  gusts  it  is  assumed  that  the  load  spectra  for  positive  and 
negative  guate  are  symmetric  which  allowe  a  presentation  by  a  single  curve.  For  manoeuvre  loads  the  same 
procedure  cannot  bs  adopted  since  positive  manoeuvre  load  increments  are  usually  much  more  eevere  than 
negative  increments,  A  presentation  by  two  curves  is  necessary,  ses  figure  6.4b, 

Since  curves  as  shown  in  figure  6,4  do  not  contain  information  about  the  sequence  of  the  loads,  the 
usual  procedure  for  estimating  fatigue  Iivbb  is  to  combine  upward  Desk  loads  and  downward  peak  loads, 
that  have  the  same  frequency  of  occurrence,  in  order  to  form  complate  iosd  cyclee.  Thie  is  illustrated 
for  a  single  cycle  in  both  figures  6,4a  and  b.  Actually,  load  records  such  as  shown  in  figure  6.2  do  not 
justify  this  procedure.  However,  it  is  generally  thought  to  be  conservative  since  it  hss  the  character 
of  maximizing  load  cyclB  amplitudes.  The  counting  results  produced  by  Van  Dijk  (Ref. 1 76)  suggested  that 
it  most  probably  will  bs  conservative  for  .Manoeuvre  losdinge. 

Ground-to-air  cyclee 

Contrary  to  gusts  and  manoeuvre  loads,  the  ground-to-air  cycle  has  a  more  cr  less  deterministic  character. 
Several  loads  occur  once  per  flight  such  as  the  traneition  from  the  static  load  on  the  ground  to  the 
static  losd  in  flight,  fuselage  prseeurisation,  flap  loads  and  empennage  loads  during  take-off  and  landing, 
etc.  The  flight-load  profile  thus  consists  of  a  mixture  of  these  determinief ic  loads  and  other  loads  that 
are  mainly  statistical  in  naturB  with  respect  to  occurrence  and  magnitude. 

Flight- load  profiles 

The  aeee3ement  of  flight-load  profiles  for  a  certain  type  of  aircraft  requires  an  analysis  of  the  various 
miesions  to  be  performed  by  the  aircraft.  Both  deterministic  and  stochastic  loads  can  then  be  estimated. 

As  a  result  of  combining  these  loads,  synthetical  flight-load  profiles  will  bs  obtained.  Two  simplified 
aramplea  applying  to  wing  bending,  are  shown  in  figure  6.5.  A  number  of  comments  on  this  figure  should  be 
mad  s  I 

1.  Those  portions  of  the  flight  during  which  the  load  is  not  varying  have  been  omitted. 

2.  Gusts  manoeuvres  and  tariing  loads  ware  assumed  to  occur  as  complete  cycleB.  As  said  before  this  is 
probably  a  conservative  procedure, 

3.  The  sequence  of  gusts,  manoeuvres  and  tariing  loads  was  assumed  to  he  random  without  any  sequence 
correlation.  For  guet  loads  the  PSB-method  might  allow  a  more  realistic  determination  of  the  sequence. 

4.  Flight. load  profiles  may  be  different  from  flight  to  flight.  For  gusts  thie  has  to  be  expected  sines 
flights  both  in  good  weather  and  m  poor  weather  will  occur. 

5.  THb  two  examples  in  figure  6.5  show  that  there  may  bs  one  important  additional  cycle  per  flight. 
Basically  it  is  the  static  ground- air- ground  transition,  but  it  is  enlarged  by  additional  loads  both  at  the 
ground  and  in  flight.  The  minimum  and  the  maximum  of  this  additional  cycle  ere  indicated  in  figure  6.5. 

The  magnitude  of  this  cycle  may  vary  from  flight  to  flight.  In  view  of  the  discussion  in  the  previous 
chapters  this  cycle  may  wall  be  expected  to  give  a  significant  damage  contribution.  Buxbaum  (Ref. 179) 
leisured  the  /»  losd  cyc'«  nf  »nrh  flight  nf  a  transoort  aircraft  and  he  made  a  statistical  evalua¬ 

tion  cf  its  magnitude. 

In  summary  1  The  assessment  of  flight-load  profiles  implies  the  prediction  of  the  sequence  of  various 
fatigue  loads  from  flight  to  flight,  i.e.  the  eervice  load-time  history.  It  is  flying  the  aircraft  by 
imagination  at  u  moment  that  it  still  has  to  go  into  service.  This  is  necessary  for  planning  a  realistic 
full-scale  test,  see  chapter  7.  However,  it  is  also  necessary  in  view  of  defining  the  cycles  associated 
•uth  the  ground-air-ground  transition.  Such  cyclss  are  certainly  important  enough  to  be  considered  in 
making  life  estimates. 

6.3  Methods  for  eat lmatlng  fatigue  lives 

Tha  fatigue  life  in  this  section  should  os  understood  to  be  the  life  until  a  visible  crack  la  present,  or 
the  life  until  complete  failure  of  a  email  component.  If  life  estimates  as  accurate  as  possible  are 
required,  realistic  flight-simulation  tents  are  essential.  This  will  be  diacuoaed  in  chapter  7.  However, 
if  provisional  estimates  have  to^made  several  procedures  can  be  adopted.  The  basic  elements  involved,  in 
such  estimates  have  been  listed  in  table  6.4.  The  first  topic  of  tha  table  is  the  estimated  service  load- 
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time  history.  Thie  aapaot  vaa  discussed  in  the  pravioua  section.  Tha  second  element  ia  the  struoture  or 
component  for  which  a  life  estimate  ia  requested,  It  will  be  assumed  that  the  dimensions  and  tha  naterial 
have  baan  choaan  already.  Insufficient  fatigue  lifa  could  of  courea  modify  thaaa  data. 

Tha  third  element  of  table  6.4  inoludaa  a  variety  of  poaaibilitiea  concerning  available  fatigua  data,  A 
eurvey  ia  given  in  table  6.5«  As  an  example  of  similar  aateriala  one  nay  adept  fatigue  data  from  2024-T3 
aatarial  for  applicationa  where  2024-T8  or  7075-T6  naterial  waa  eelected.  Ohvoualy,  thia  may  affect  tha 
quality  of  tha  lifa  estimate  to  be  haaed  on  tha  data. 

The  type  of  apacinen  for  which  data  are  available  nay  vary  from  tha  unuotohed  specimen  to  the  component 
itaalf,  Thie  iapliea  that  it  nay  vary  from  a  highly  unraaliatic  representation  to  the  moet  realiatic 
rapraaantation  of  tha  component  for  which  tha  lifa  eetinate  haa  to  he  made,  Aleo  for  tha  type  of  loading 
tha  qualification  of  available  data  may  vary  from  a  low  ainilarity  (constant-amplitude  loading)  to  a  high 
similarity  (experience  in  earvice). 

Tha  fourth  topic  in  table  6.4  is  tha  fatigue  life  calculation  theory.  Thie  subject  haa  been  analysed  in 
ohapter  5.  It  wae  made  clear  that  there  were  no  reaaona  to  he  optimistic  with  reepect  to  the  accuracy  of 
available  theories. 

For  completeness!  additional  fatigue  teats  have  been  mentioned  ae  tha  last  aspect  in  table  .1.  It  will 
ba  clear  that  tha  quality  of  a  life  eetimate  can  be  improved  by  additional  teste. 

Several  procedures  for  making  life  estimates  can  now  he  specified.  A  survey  ia  given  in  table  6.6  which 
will  be  diecuseed  below.  For  all  caaae  it  ia  assumed  that  eetimated  eervice  load  etatietica  were  collect¬ 
ed  already. 

Kathode  baeed  on  available  data 

As  illustrated  by  table  6.6,  the  calculated  lifa  will  depend  on  the  type  of  available  data,  on  corrections 
made  to  theea  data  by  accounting  for  deviating  aspects  and  on  the  life  calculation  theory.  Apparently 
there  may  be  several  weak  links. 

Tha  moat  simple  type  of  fatigue  data  would  be  S-N  curves  for  unnotched  specimens.  The  S-N  curves  for  the 
coaiponant  under  conaideration  have  to  be  derived  from  these  data  and  thie  will  introduce  unknown  in¬ 
accuracies.  The  reliability  of  the  required  S-N  data  would  be  improved  by  starting  from  S-N  data  for 
notched  specimens,  while  data  for  components  could  be  a  still  better  starting  point.  Methods  for  obtain¬ 
ing  optimal  S-N  data,  improved  by  accounting  for  material,  Sm  ,  K^,  eixr,  etc.,  are  beyond  the  scope  of 
thia  report  (asa  for  instance  Refs. 180, 1 81 ).  It  may  be  said  here  that  the  relevance  and  the  quality  of 
S-N  data  to  be  obtained  are  a  matter  of  judgement  and  ability  to  evaluate  available  information. 

Ae  said  in  chapter  5,  a  better  cumulative  damage  rule  than  the  Palmgren-Miner  rule  does  not  appear  to  he 

available  yet.  Starting  from  fatigue  data  ohtained  under  a  more  complex  fatigue  loading,  euch  ae  program 

loading,  random  loading  or  flight-simulation  loading,  haa  aa  its  aim  to  reduce  or  eliminate  uncertain¬ 
ties  about  the  life  calculation  theory  (methods  ic,1d,1e  in  table  6.6).  Thie  approach  leetill  hampered 
by  insufficiently  available  fetigue  data.  Other  aepecte  have  been  diacueeed  in  chapter  5. 

Method*  baaed  on  eervice  experience  from  previous  dsaiget 

A  new  design  may  have  e  high  similarity  with  a  previous  deeign.  It  even  may  be  a  further  development  of 
the  previous  one.  In  tnis  situation  it  will  be  clear  that  moet  valuable  informetion  should  etna  freer-  the 
eervios  record  of  the  older  deeign  (tee  for  instance  Ref. 182).  This  information  can  be  utilized  in  a 
rather  general  way  by  adopting  the  stress  level,  that  for  a  certain  material  allowed  a  satisfactory 
service  behaviour  in  the  past  (method  2a  in  table  6.6).  If  cr&cke  did  not  occur  in  the  previous  deeign, 
the  life  drawn  from  its  earvice  experience  ie  a  lower  limit.  The  life  ehould  be  longer.  Obviously  it  is 

necessary  to  prove  thet  the  new  deeign  ie  at  least  as  good  ae  the  previous  one.  The  proof  could  be  given 

analytically,  for  inn  ance  hy  coneidering  Kt-valuee  for  improved  detail  deeign.  For  joints  the  stress 
severity  factor  propoied  by  Jarfall  (Refs. 183,184)  may  turn  out  to  be  a  useful  criterion  for  judging 
*j<«  ( HiT.  1 6y ) »  ftltirsitivi  ■th-  ics.1  is  t » t:  ^ »Tcr . 

••ction  7*4* 

A  further  evaluation  of  past  experience,  method  2b  in  table  6.6,  includes  a  consideration  -f  all 
relevant  conditions  instead  of  coneidering  the  stress  level  only.  Thie  implies  that  service  experience 
is  sew  considered  to  be  s  fatigue  teat  on  dpeoific  components.  The  conditions  for  the  old  dee.gn  have 
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now  to  bs  translatsd  to  the  now  design  by  accounting  for  dsviating  aspect.,  Thi»  offer*  similar  probl»m* 
a*  correcting  S-N  data,  and  in  addition  on*  new  problem,  which  i*  accounting  for  a  different  load  spectra. 
A*  laid  before,  the  Palmgren-IAin.r  rule  i*  unreliable  for  th*  latter  purpose.  Comparative  te»ting,  see 
eection  7-4,  ia  the  heet  solution.  If  thia  i*  not  feasible  conservative  assumptions  may  be  made. 

Th*  attractive  feature  of  employing  past  experience  is  that  we  start  from  data  obtained  under  most  reeliet- 
ic  condition*.  Secondly,  the  information  may  come  from  a  large  numhsr  of  aircraft,  which  incrsaees  the 
statistical  confidence,  bimitatione  already  mentioned  are  associated  with  deviations  between  the  new  and 
th*  old  design.  Another  limitation  is  that  the  load-time  history  for  the  old  design,  in  many  casee,  will 
not  he  accurately  known,  which  requires  estimates  to  be  made. 

Testing  of  a  new  component  or  a  complete  structure 

This  method  (method  3  in  table  6.6}  will  be  advisable  in  many  cases.  Nevertheless  it  appears  tc  be  fully 
justified  only  if  a  realietic  load- time  history  will  he  applied  in  the  test.  That  means  that  a  flight- 
simulation  teet  should  be  carried  out.  Thie  topic  is  diacuseed  further  in  chapter  7. 

Comparison  of  the  methode 

Speaking  in  general  tsrms  there  are  thrHB  alternatives  apart  from  new  methods  still  under  development i 

1 .  Estimates  based  on  S-N  data  employing  the  Palmgren-Miner  rule. 

2.  Estimatee  based  on  the  evaluation  of  the  expenencee  obtained  with  previous  designs. 

3.  Estimates  based  on  flight-simulation  tests. 

The  firet  method  will  give  rough  life  indications  only.  It  would  not  be  fair  to  say  that  the  Palmgren- 
Kiner  rule  is  the  only  weak  link  in  thia  method.  The  estimated  S-N  curves  may  also  be  a  source  of 
lnsccuranciee.  Obvtoueiy  additional  constant-amplitude  component  teetlng  could  improve  the  eituation. 

The  eecond  method  has  a  good  appeal  for  reasone  mentioned  above.  There  are  also  limitations.  However, 
if  a  careful  analysis  ia  incorporated  into  thie  method  it  should  be  preferred  to  the  first  method. 
Comparative  flight-simulation  teste  may  significantly  add  to  the  value  of  the  eecond  method. 

The  third  method,  still  to  be  discussed  in  chapter  7,  is  to  be  recommended  only  if  a  carefully  planned 
flight-simulation  test  will  be  carried  out.  The  method  is  certainly  preferable  to  the  first  method.  In 
comparison  to  the  second  method,  teetlng  the  component  or  etructure  itself  implies  a  more  realistic 
simulation  in  thia  respect.  This  may  aleo  apply  to  ths  load-time  history  adopted  in  the  teet.  The  second 
method,  however,  may  be  more  realistic  with  respect  to  the  environment  (corrosive  effects,  rate  effects), 
while  the  statistical  confidence  m^  also  be  superior.  It  is  difficult  to  eay  which  of  the  two  methods 
will  give  the  best  answers.  An  evaluation  of  past  experience  should  be  recommended  in  any  case.  However, 
a  realistic  flight-simulation  teet  on  a  component  need  not  be  a  relatively  costly  effort  if  a  modern 
fatigue  machine  is  available.  Hence  in  many  cases  such  teste  are  recommendable  as  well.  A  full-scale 
fatigue  teet  with  a  realistic  flight-simulation  ehould  anyhow  bs  recommended,  since  such  a  test  serves 
more  purposes  than  obtaining  life  indications  only  (see  chapter  7). 

6.4  Methods  for  estimating  crack  propagation  rates 

Problems  of  estimating  crack  propagation  rates  are  to  a  large  extent  similar  to  those  involved  in 
estimating  livea.  Some  specific  features  will  be  discussed. 

Information  about  the  propagation  of  macro-cracks  is  desirahle  in  view  of  judging  the  safety  of  sn  air¬ 
craft.  For  assessing  the  quality  of  a  fail-safe  design  this  information  is  even  indispensable.  It  may  be 
tried  to  give  a  similar  survey  as  given  in  table  6  for  estimating  fatigue  lives.  Thie  has  boen  done  in 
table  6.7. 

The  amount  of  available  data  from  constant-amplitude  teets  is  eteadily  increasing  and  as  discussed  in 
section  5.3.4,  such  data  allow  a  preeentation  as 


d-l/dn  -  fH  (if) 


should  be  pointed  out  that  almost  all  data  in  ths  literature  were  obtainsd  by  testing  sheet  materul 
under  axial  loading.  However,  in  thick  emotions  with  predominant plane-strain  conditions  the  crack 
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rets  may  be  higher.  The  crick  rat*  in  a  pressurised  fuselage  will  alio  be  higher  in  view  of  bulging  of 
the  crack  due  to  the  preesure  on  the  edgee  of  the  crack. 

The  most  simple  cue  would  be  to  predict  the  creek  propagation  rete  in  an  axially  loaded  ehset  aetal 
otructure  for  which  K-valuae  can  be  calculated.  Teete  on  etiffened  panele  have  ehovn  that  equation  (6.1) 
ie  indeud  capable  of  correlating  the  crack  propagation  ratee  obtained  under  conetant -amplitude  loading 
(Refe.171 ,1 72).  For  a  eervice  loaa-tise  history  the  orack  rate  could  be  estimated  by  the  formula! 


(6.2) 


where  the  eubecript  i  ie  referring  to  the  verioue  etreee  levele  involved. 

Equation  (6.2)  givee  a  weighted  average  crack  rate,  but  the  asms  formula  ie  obtained  if  the  Palmgren- 
Miner  rule  ie  applied  to  the  fatigue  lives  required  for  an  incremental  crack  length  extension, This 
implies  that  equation  (6.2)  ie  ignoring  any  interaction  effect  between  successive  stress  cycles  with 
different  magnitudes.  Sines  interaction  effects  are  predominantly  favourable  for  macro-crack  growth, 
equation  (6.2)  will  produce  a  conservative  result  and  it  even  may  be  very  conservative  depending  on  the 
type  of  load  spectrum  (see  for  instance  Ref. 186). 


Kore  realistic  estimates  will  be  obtained  if  data  from  flight -simulation  tsstt  can  ba  adopted.  Such  teete 
were  recently  carried  out  et  NLR  (see  table  4. 7),  but  so  far  this  appears  to  be  the  only  source. 


Additional  testing  ie  to  be  recommended  because  crack  propagation  may  be  eeneitive  to  the  type  of  elloy. 
Different  crack  ratee  may  even  be  found  for  the  teme  eliqy  produced  by  different  manufacturers  while 
also  batch  to  batch  variations  heve  been  noted  (Ref.163).  The  recommendetion  for  additional  testing  ie 
easily  made  since  simple  end  inexpensive  specimens  can  be  used  for  this  purpose. 


Service  experience  from  previous  designs  with  respsot  to  crack  propagation  will  in  general  not  be  avail¬ 
able.  It  is  common  practioe  to  repair  a  creek  in  service  ianediately  after  it  was  found.  However,  data 
from  full-scale  teete  on  previous  designs  may  give  useful  indications  about  crack  ratee  to  bs  expected  in 
a  new  design.  Testing  the  new  design  itself  obviously  should  give  the  most  direct  information.  This  is 
discussed  in  chapter  7. 


The  significance  of  a  life  estimate  and  the  accuracy  required  or  desirable  will  depend  on  the  consequences 
that  the  estimated  life  values  may  hevs.  This  part  of  the  problem  has  several  aspects.  Some  eepecte  are 
briefly  mentioned  below  lu  uiuer  io  further  compie  te  me  picture  ot  the  practical  problem. 


The  conaequencee  of  the  life  estimate  will  obviously  depend  on  the  result  obtained.  The  estimated  life 
may  be  highly  insufficient,  it  may  be  of  the  correct  order  of  magnitude,  and  it  also  may  be  much  larger 
than  required.  Obviously  these  three  cases  w:' 11  ask  for  different  actions  to  be  taken.  It  will  be  clear 
that  the  follow-up  of  the  estimate  should  also  depend  on  the  quality  and  reliability  of  the  eetimete. 
Moreover,  scatter  of  fatigue  propertiee  hae  to  be  considered. 

Decieione  to  be  made  will  aleo  depend  on  deeign  aepects.  If  the  design  ie  an  entirely  new  type  for  which 
no  experience  is  available,  a  realistic  life  estimate  seems  desirable.  Another  aspect  ie  the  question 
whether  the  structure  has  a  fail- eats  nr  a  eefe-life  character.  In  the  letter  case  e c curat e  life  ertimetee 
are  again  requested.  For  coming  to  decisions  it  may  also  be  importent  whether  e  redesign  ie  easily  possible. 
Test  facilities  available  are  another  aspect  of  the  problem  in  view  of  complementer  teeting. 
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The  question  whether  the  result  of  4  life  estimate  should  he  oonsidsred  ss  being  eatisfaotoiy ,  in  deny 
cue*,  will  not  allow  an  easy  answer  due  to  the  many  aspects  involved.  The  problem  will  not  he  disoussed 
any  further  here.  It  may  he  said,  however,  that  the  philosophy  of  ths  aircraft  firm  with  respect  +0 
designing  for  safety  and  eoonooios,  airworthi-ess  requirements  and  requests  of  ths  aircraft  operator  may 
also  affect  ths  answer. 


7.  FATIGUE  TESTING  PROCEDURES 


7.1  Survey  of  testing  prooedures  and  testing  purposes 

With  respect  to  tasting  purposes,  the  main  aspects  charact arising  a  fatigue  test  are  the  type  of  specimen 
and  the  typa  of  fatigue  load  applied.  From  a  tasting  point  of  view  the  fatigue  testing  machine  is 
important.  In  this  connection  the  question  is  whether  availahle  fatigue  equipment  is  capable  of  handling 
the  speoimen  and  of  applying  the  fatigue  load  sequences  required.  Some  general  comments  on  ths  ahove 
aspects  will  he  made  in  this  section,  tdiile  the  usefulness  of  various  testing  methods  for  specific  testing 
purposes  will  he  discussed  in  suhsaqueht  sections. 

Test  purposes 

Being  confronted  with  the  vast  amount  of  literature  on  fatigue  investigations,  it  is  useful  to  recognise 
some  categorise  of  purposes.  In  general  terms  three  groups  may  ha  mentioned. 

1.  Basic  fatigue  studies. 

2.  Ehrpirical  investigations  to  explore  tha  effect  of  various  factors  on  fatigue  life. 

3.  Test  series  to  provide  specific  data  for  design  purposes. 

Tha  purpose  of  the  first  group  is  to  increase  our  physical  understating  about  fatigue,  to  describe  tha 
fatigue  phenomenon  qualitatively,  and  if  possible  also  quantitatively.  Investigations  to  improve  our 
knowledge  about  fatigue  damage  accumulation  are  in  this  group. 

The  second  group  comprises  the  investigations  on  tha  effects  of  notches,  metallurgical  conditione,  surface 
treatment,  fretting  corrosion,  production  aspects,  etc.  Experience  obtained  in  such  investigations  provides 
useful  qualitative  information  for  the  designer  with  respeot  to  the  selection  of  materials,  dimensions, 
production  techniques,  etc. 

The  main  purpose  of  teat  series  in  the  third  group  is  to  provide  test  data  for  estimating  fatigue  proper¬ 
ties  of  structures  and  ite  component!.  This  type  of  data  was  referred  to  in  tahlee  6.6  and  6.7*  Some  more 
specific  testing  purposes  of  the  third  category  are  indicated  in  figure  7.1. 

Since  basic  fatigue  studies  are  important  here  with  respect  to  damage  accumulation,  some  comments  on 
testing  procedures  for  thie  purpose  will  he  made  in  section  7*2.  The  second  category  io  largely  outeide 
the  scone  of  the  present  report.  Planning  fatigue  teets  for  the  third  category  requires  knowledge  about 
trends  in  damage  accumulation  under  variehle-ampli  .ude  loadi..;--  Teota  will  be  diecueeed  in  sections 
7.3  -  7.7. 

Type  of  specimen 

A  survey  of  different  types  of  specimens  is  giver,  in  table  7.1.  Specimene  with  simple  notches  may  reveal 
the  notch  sensitivity  of  a  material,  Since  most  cracks  in  a  structure  are  starting  in  joints,  a  simple 
notched  epecimen  is  not  yet  a  relevant  representation  of  a  fatigue  critical  location  in  a  Dtructure.  In 
a  joint  fretting  -rrouion  is  generally  significant.  Thia  can  be  simulated  in  simple  joint  specimens. 

The  advantage  of  a  componant  over  a  simple  joint  specimen  is  that  all  dimensions  and  ths  production 
technique  are  fully  realistic.  Testing  a  full-ecaie  structure  ia  obviously  still  more  realistic.  Thie  may 
eliminate  questions  about  the  correct  loads  for  the  various  components  of  the  structure.  Moreover,  unknown 
eccentricities  of  the  loads  on  the  various  componente  are  automatically  simulated. 
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Load  sequences  in  fatigue  teats 

A  survey  of  possible  load  sequences  baa  previously  boon  given  in  figures  4.2  and  4.3,  while  examples  of 
variants  are  given  in  several  other  figures.  With  respect  to  design  purposes  the  discuasio.  will  be 
restricted  to  constant-amplitude  tests,  program  tests,  random  tests  and  flight-simulation  tuets,  see 
figure  7,1.  For  basic  studies  on  damage  accumulation  simple  variable-amplitude  load  sequences  may  be 
attractive. 

Fatigue  testing  machines 

For  a  long  time  fatigue  machines  were  primarily  designed  for  carrying  out  conetflnt-amplitu.il  tests,  li 
the  machine  was  designed  as  s  resonance  system,  high  loads  and  high  loading  frequencies  could  relatively 
easily  be  obtained.  Such  machines  were  not  well  suited  for  variable-amplitude  teste  but  a  slew  variation 
of  tbe  amplitude  wae  possible.  Hance  program  tests  could  be  carried  out.  A  major  difficulty  w..e  to  apply 
small  numbers  of  high-amplitude  cycles.  This  had  to  be  done  either  manually  or  by  non-resonant  elovj-drive 
loading  mechanisms. 

In  some  laboratories  resonance  fatigue  machines  ha  vs  been  successfully  adapted  for  carrying  our  narrow- 
band  random  load  fatigue  teats  (Refs, 99,337). 

A  break-through  in  this  situation  was  the  development  of  the  electro-hydraulic  fatigue  machine  with 
closed- loop  load  oontrol.  (Reft. 33, 183).  Each  load-time  sequence  that  could  be  generated  as  an  electrical 
signal  could  be  applied,  %  now  several  fatigue  machines  of  this  type  are  commercially  available.  In  many 
full-scale  tests  hydraulic  jacks  operating  according  to  the  earns  principles  have  been  employed.  It  ie  true, 
however,  that  a  test  in  such  a  machine  will  be  more  expensive  tben  a  constant-amplitude  test  in  an  old 
machine.  The  problem  may  then  be  whether  the  more  relevant  information  from  a  complex  load  sequence  is 
worth  the  price. 

7.2  Tests  for  basic  fatigue  etudiee 

In  chapter  3  fatigue  hne  beandeecribed  ae  a  cumulative  process.  Although  cracking  was  the  moat  prominent 
feature  of  fatigue  damage,  the  accumulation  of  damage  turned  out  to  be  a  complex  phenomenon.  Under 
variable-amplitude  loading  a  number  of  different  interaction  machaniema  oould  be  operating.  Although  there 
ie  some  qualitative  understanding  it  is  not  free  from  speculation.  In  fact  there  ie  still  ample  room  for 
studying  the  damage  accumulation  phenomenon.  Partly  this  should  occur  by  refining  our  knowledge  about 
local  streas-atrain  history.  For  another  part  microscopical  observations  on  damage  accumulation  should  be 
very  worthwhile. 

Load  sequences  for  basic  fatigue  studies  should  he  simple  sequences  in  order  to  bring  out  tbs  observations 
to  be  made  as  explicitly  as  possible,  Two-stsp  tests,  interval  tests  and  tests  with  periodic  high  loads 
may  be  most  appropriate.  With  a  more  complex  sequence  tbs  risk  of  mixing  up  a  variety  of  favourable  and 
unfavourable  interaction  effects  ia  preeent.  It  may  be  impoeeible  then  to  dieting!.  <h  the  various  effects. 
It  will  be  olear  that  for  detailed  obaurvations  the  electron  microeoope  and  fractography  ave  indispens¬ 
able  toola.  It  should  also  he  said  here  that  basic  studies  will  not  immediately  solve  tbs  life  estimating 
problems  of  the  designer.  However,  a  basic  understanding  is  a  prerequisite  for  arriving  ultimately  at 
qualitative  improvements  of  the  present  situation. 

7.3  Determination  of  fatigue  data  for  making  life  estimates 

As  illustrated  by  fig, 7.1,  different  types  of  tests  could  be  adopted  for  th*  determination  of  b*eic  deta 
for  life  estimates.  The  merits  and  limitations  of  constant-amplitude  taste,  program  tests  and  random 
tests  have  bssn  discussed  in  section  €.3.  Further  is  was  indicated  that  data  from  fligjit-simulation  tests 
oould  provide  the  most  relevant  information  for  this  purpose,  ass  also  section  5*3-5- 

From  ths  dieoussion  in  chapter  4  it  follows  that  the  test  results  of  program  tssts,  random  tests  and 
flight-simulation  tssts  will  depend  on  soma  variables  associated  with  ths  loads  applied.  Ths  main  varia¬ 
bles  ere  listed  in  table  7.1.  The  need  for  standardising  is  apparent  and  in  faot  Gassnar  has  made 
proposals  for  as  program  test.  Standardising  is  justified  only  if  we  know  ths  affset  cf  the  variables 
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to  b»  standardized  on  the  veet  reeult.  In  thi»  reepect  the  program  teat,  the  random  teet  and  the  flight- 
simulation  teet  are  all  sensitive  to  the  maximum  load  amplitude  allowed  in  the  teet.  With  reepect  to  the 
sequences,  the  effect  ie  probably  small  for  random  loading  and  flight-simulation  loading,  whereas  it  may 
be  significant  for  the  program  teet.  This  aspect  and  the  uncertain  ratio  between  the  results  of  program 
tests  end  random  load  tests  have  led  to  a  preference  for  random  loading  inetead  of  program  loading  (aee 
aleo  r, action  4, 1  2), 

For  a  narrow-band  random  load  teet,  tha  distribution  function  of  the  load  peats  ie  a  Rayleigh  distribu¬ 
tion,  whila  for  broad-ba*d  random  load  the  earns  distribution  ia  approximately  valid  accept  for  the  lower 
amplitudes. 

A  flight-simulation  teet  can  be  carried  out  only  on  a  fatigue  machine  with  closed  loop  load  control.  This 
impliee  that  any  load  spectrum  can  etill  be  adopted.  Standardizing  a  flight-simulation  teet  at  this  stage 
appears  to  be  somewhat  premature,  Bines  tha  influence  of  several  variables  has  etill  to  be  explored  in 
greater  detail.  For  this  purpose  the  teet  program  in  section  5*3.5  was  proposed.  Nevertheless,  some  re¬ 
commendations  can  he  made  already  now,  for  instance  with  respect  to  sequence  and  truncation.  This  is  dia- 
cuaasd  later  in  this  chapter. 

Finally,  some  unbalanced  approaches  with  respect  to  determining  fatigue  data  for  life  eetimatee  may  be 
mentioned  here.  It  ie  not  realistic  to  carry  out  f light-aimulation  teste  on  unnotched  specimen.  This  ie 
combining  an  advanced  testing  method  with  a  primitive  and  unrepresentative  specimen.  Similarly,  it  ie 
an  unbalanced  approach  to  apply  a  constant-amplitude  test  on  a  full-eoale  structure,  idiich  is  the  most 
simplified  teet  on  the  most  realistic  simulation  of  the  structure. 

7.4  Comparative  fatigue  teete 

Many  paople  etill  ♦'eel  that  constant-amplitude  teete  are  a  good  moans  for  comparing  alternative  designs, 
production  techniques,  etc.  However,  the  possibility  of  intersecting  or  of  non-parallel  S-N  curves  is 
making  thin  very  dubious.  In  figure  7.2  comparative  tests  at  stress  level  Sftl  would  indicate  design  A 
to  be  superior  to  design  B.  At  stress  level  the  reverse  would  apply,  whereas  at  both  designe 
would  be  approximately  equivalent.  Some  comments  on  this  issue  were  made  in  section  5.3.4  when  dis¬ 
cussing  the  concept.  Fretting  corrosion  ie  one  aspect  where  constant-amplitude  teste  may  give  a 

misleading  of  its  effect  in  service. 

The  numerous  test  eerier  with  program  loading  carried  out  by  Gassner  and  hie  co-workere  suggest  that  the 
risk  of  a  misjudgement  would  be  smaller  if  program  loading  were  adopted  for  comparative  testing.  Thie 
will  apply  aleo  to  random  loading.  Nevertheless,  if  flight-simulation  loading  can  be  adopted  it  appears 
that  it  ia  the  moat  preferable  solution,  Rsal  problems  should  be  tackled  with  realistic  testing  methods 
if  possible,  Recert.ly,  Ronay  (Ref. 189)  adopted  random  flight-eimulation  loading  for  exploring  the 
fatigue  behaviour  of  a  high-strength  steel.  Imig  and  Illg  (Ref.80)  adopted  this  test  method  for  studying 
the  effect  of  temperature  on  the  endurance  of  notched  titanium  alloy  specimens.  SchUtz  and  Lowak  (Ref.190) 
studied  the  effect  of  plastic  hole  expansion  on  the  fatigue  life  of  an  open  hole  2024  alloy  specimen  by 
employing  flight- simulation  loading.  At  the  NLR,  as  part  of  an  ad-hoc  problem,  we  compared  two  alterna¬ 
tive  types  of  joints  with  random  flight-simulation  loading.  Some  aircraft  firms  have  already  started 
comparative  testing  for  design  purposes  employing  a  kind  of  flight-simulation  loading, 
as  an  illustration  of  different  answers  to  the  B&me  question,  a  recent  investigation  'Ref. 64)  indicated 
that  the  crack  propagation  in  7075- T6  was  four  times  faster  than  in  2024-T3  according  to  constant- 
amplitude  loading.  However,  under  flight-simulation  loading  the  ratios  were  only  1  to  2  (see  Fig. 4. 29). 

7.5  Direct  determination  o<  fatigue  life  and  crack  propagation  data  b.y  f light-nimulat ion  testing 

In  the  previous  chapter  it  was  concluded  that  life  eetimatee  based  on  available  data  may  have  a  low 
accuracy.  If  a  better  accuracy  is  required,  a  realistic  test  ie  neceneary.  This  implies  that  both  the 
specimen  and  tna  load  sequence  should  be  rep  eeentaiivo  for  service  condition*.  For  the  specimen  this 
meant  that  tho  teat  ahould  be  carried  out  on  the  actual  component  or  a  complete  part  of  the  structure. 


Kith  respect  to  the  fatigue  load,  a  flight- simulation  teat  representative  for  servic*  loading  is  required. 
An  exact  simulation  of  the  load- time  history  in  aervios  would  ba  the  preferable  solution.  Usually  a  ser¬ 
vice  record  will  not  ba  available,  hut  in  case  that  it  can  he  measured  before  the  fatigue  teat  it  is  the 
beat  starting  point  ao  advocated  by  Branger  (Kef.  35).  For  reasons  of  time  and  economy,  periods  during 
which  the  load  does  not  vary  could  bB  left  out. 

In  general,  a  load-time  history  will  have  to  he  designed  on  the  hasis  of  mission  analysis  and  load 
statiatioa  obtained  with  othsr  aircraft.  It  ia  thought  that  it  is  poaaihle  to  compose  a  representative 
load-time  history  (see  ths  discussion  in  faction  6.2).  A  good  knowledge  of  the  empirioal  trends  ia 
essential  for  this  purpose.  As  an  illustration,  figure  7*3  shows  a  sample  of  a  load  record  from  the  test 
on  the  F-28  wing.  Different  types  of  weather  condi tionr>  were  simulated  in  accordance  with  statistical 
information.  The  sequence  of  the  gust  loads  in  each  flight  was  a  random  sequence  without  any  sequence 
correlation.  This  may  be  a  deviation  from  the  random  sequence  in  service,  hut  fortunately  the  deviation 
will  probably  have  a  minor  effect  as  diacusaed  in  seotion  4.13. 

A  major  problem  ia  the  assessment  of  the  highest  load  level  to  be  applied  in  the  flight -simulation  test. 

As  discussed  hefora,  this  level  may  have  a  predominant  effect  on  the  life  and  ths  crack  propagation.  If 
tha  load  level  that  will  be  reached  (or  exceeded)  once  in  the  target  life  of  the  aircraft  ia  applied  in 
a  teat,  we  know  that  it  may  have  a  favourable  affect  on  the  fatigue  lifa.  It  then  should  be  realized  that 
thia  load  level  is  suhject  to  statistical  variations,  that  means  some  aircraft  will  meat  this  load  more 
than  once  in  the  target  life,  whereas  other  aircraft  will  never  ba  subjected  to  it.  In  view  of  thia 
aspect  and  the  flattering  effect  of  high  loads,  it  was  proposed  elsewhere  (Refs, 38,76)  that  tha  load 
spectrum  should  be  truncated  at  tha  load  level  exceeded  ten  times  in  tha  target  life  (see  Fig.7.4  for 
il lustration). 

In  reference  76  a  e.milar  recommendation  was  made  for  crack  growth  s^udie  j,  but  then,  instead  of  the 
aircraft  life,  one  has  to  consider  the  inspection  period.  The  predominant  influence  of  high  loada  on 
crack  growth  was  illustrated  by  the  results  presented  in  sections  3.2  and  4,6.  If  a  full-scale  structure 
with  cracks  is  tested  to  study  the  crack  rate,  high  loads  will  considerably  delay  the  crack  growth.  The 
application  of  high  loade  i«ay  again  oonaiderahly  flatter  the  test  result.  Therefore  a  truncation  is 
necessary  to  avoid  uneafe  predictions  for  thoee  aircraft  of  the  fleet  that  will  not  meet  tbe  high  loads. 

Sometimes  fail-eafa  loads  are  applied  at  regular  intervals  during  a  full-acale  fatigue  teat  to  demonstrate 
that  the  aircraft  is  atill  capable  of  carrying  the  fail-safe  load.  If  this  load  exceeds  the  highest  load 
of  the  fatigue  teat,  the  result  may  be  that  a  number  of  cracks  that  escaped  detection  ao  far,  will  never 
be  found  because  of  crack  growth  delay.  In  other  worde,  this  procedure  could  eliminate  tbe  possibility  of 
obtaining  the  information  for  which  the  fatigue  test  is  actually  carried  out.  The  crack  growth  delay  in 
a  full-ecale  structure  was  recently  confirmed  (Refs. 63, 64)  in  additional  tests  on  the  F-C3  wing.  The 
certification  test  was  completed  after  simulating  150  000  flights.  Then  fail-eafe  loads  (limit  load)  were 
applied.  In  a  subsequent  research  program  it  tnrnpd  nut  i.hat.  h»vp™1  rrerVo  Aid  not  £fow  any  further  an 
shown  in  figure  7«5.  New  artificial  cracke,  however,  showed  a  normal  growth. 

Tbs  significance  of  low-amplitude  cycles  has  been  discussed  in  section  4.13.  Leaving  out  these  cycles 
from  a  flight-eimulation  test  will  considerably  reduce  the  testing  time.  For  the  F-28  wing,  omitting  the 
guet  cycles  with  the  loweat  amplitude  reduced  the  testing  time  per  flight  from  116  seconds  to  46  seconds. 
However,  since  such  cyclee  mey  contribute  to  crack  nucleatuon  f fretting)  and  crack  growth,  the  cycles  were 
not  omitted  during  the  certification  teats. 

Taxiing  load  cycles  car,  bo  omitted  under  certain  conditions.  In  fact  it  appears  adoiaeabla  only  if  the 
cycles  occur  in  compression  for  the  comp  nente  being  tested  (see  seotion  4.13).  Care  ehould  he  taken 
that  the  ground-to-air  cycla  reaches  the  moat  extreme  minimum  load,  occurring  on  the  ground,  including 
dynamic  loads  (see  fig.6.5)» 


The  development  of  hydraulic  loading  eyetemu  with  closed-loop  load  control  hae  considerably  affected  the 
praeent  state  of  tha  art.  By  now  it  seems  lnadmissable  to  simplify  ths  loading  program  in  a  flight- 
simulation  teat  for  experimental  reasons  to  a  sequence  of  the  type  ebown  in  figure  4*  31* 


The  result  of  a  flight-simulation  teat  will  ha  a  fatigue  Ufa  in  numbers  of  flighta  or  a  crack  propaga¬ 
tion  rata  in  millimeters  par  flight.  Thare  are  limitations  to  the  meaning  of  thaae  data,  whioh  are  die- 
cuaaad  in  the  aaotion  7.7.  < 

7.6  Full-scale  fatigue  taata 

) 

A  full-acala  teat  on  a  new  aircraft  daaign  ia  an  orpaneiva  taat,  Bence  there  ahould  ba  good  reaaona  to 
carry  out  auch  a  taat  (Rafs. 191-194).  In  aoat  genaral  tarae  the  taat  ia  carried  out  to  avoid  fatigue 
trouhla  in  eervica.  Refcrance  may  be  made  to  table  7.2  giving  a  aurvay  of  eeveral  typaa  of  fatigue  problems 

and  poaeibla  conasquancaa,  In  view  of  thaae  consequences  and  the  coate  of  the  teat  there  ia  every  reaaon 

1 

to  require  that  the  teat  givaa  realietio  and  relevant  Information.  As  said  before,  e  full-eoala  fatigue 
test  should  bo  carried  out  with  a  carefully  planned  realistic  repraaantetion  of  the  eervioe  load-time 
history. 

Comments  on  the  application  of  high-amplitude  and  low-amplitude  cycles  were  mida  in  the  previous  section 
(tee  also  Ref. 75).  It  may  ba  emphasised  once  again  that  tha  application  of  a  high  pre-load  for  etatic 
teeting  purposes  (strain  measurements  for  instance)  or  high  fail-aafa  loads  during  tha  teat,  should  be 
prohibited.  Such  loads  may  have  a  larga  flattering  effact  on  fatigue  live#  and  crack  rates,  and  quanti¬ 
tative  indications  from  the  taat  may  become  worthlees.  Some  more  information  from  teat  eariea  in  full- 
aoale  atructurae  bearing  on  thie  aspect  were  recapitulated  in  aaotion  4.15* 

Several  aapecte  can  be  aentioned  that  make  full-scale  tilting  of  a  new  aircraft  structure  desirable.  It 
ie  thought  that  the  moat  important  one*  are  lieted  below  (Sef.76). 

(1)  Indication  of  fatigue  critical  eleaepts  and  design  deficiencies. 

(2)  Determination  of  fatigue  lives  until  visible  cracking  occurs, 

(3)  Study  of  crack  propagation,  inspection  and  repair  methods. 

(4)  Measurement  •  on  Toil  duel  strength. 

(^)  Economic  aapecte. 

Items  4  and  5  are  haynnd  tha  scope  of  the  present  discussion. 


With  respect  to  the  first  purpose  mentioned  above,  Earpur  and  Troughton  (Ref.191)  cbearved  that  in 
etver.il  cases  fatigus  cracka  occurring  in  service  were  not  fcund  in  the  full-scale  test,  because  the 


structure  tasted  was  not  sufficiently  representative,  Thie  was  not  only  due  to  manufacturing  differences 
and  modifications,  but  also  to  simplifying  the  teat  article.  Due  consideration  should  therefore  ba  given 
to  the  structural  ccmplstsness  of  tha  specimen. 

Fatigue  critical  elements  will  only  he  indicated  in  the  correct  order  if  the  fatigue  livee  obtained  in 
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to  be  more  critical  than  component  3  if  aervice  experience  Indicate  the  reverse  ordar.  Thie  risk  can  be 
avoided  only  by  a  realistic  and  rapreasntative  taat.  In  section  4.1 5i  several  examples  of  misleading 
information  obtained  in  full-ecala  teats  due  to  unrealistic  fatigue  loadings  have  been  mentioned. 

It  will  be  clear  that  a  represent at ive  fatigus  loading  also  implies,  that  due  consideration  has  to  ba 
given  to  aioulata  ell  types  of  fatigue  loads  that  may  ba  significant  for  certain  parte  of  the  structure. 


Tha  full-scale  teat  ia  also  a  training  experiment  with  raapect  to  inspection  techniques.  This  problem  will 
not  ba  discussed  in  this  report.  If  a  structure  ia  a  good  design,  inspecting  for  cracks  during  a  full- 
scale  teat  ie  a  tough  job  bacausa  cracka  will  hardly  occur. 

In  order  to  ohtain  information  about  crack  propagation  rates  it  ie  common  practice  to  apply  artificial 
cracka  to  the  structure  for  initiating  fatigue  crack  growth,  Usually  this  ia  duns  by  making  say-cute. 

The  information  about  crack  growth  is  needad  in  order  to  establish  safe  inspection  periods.  As  euggeatsd 
in  tha  previous  section,  the  truncation  level  of  tns  load  spectrum  ahould  be  lowered  after  application  of 
the  artificial  cracka.  This  was  in  feet  done  during  the  certification  taste  on  the  F-28  wing. 


The  limitations  of  tha  information  obt  lined  in  a  full-scale  t.jt  are  discussed  in  the  following  section, 
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7.7  Limitations  of  fllght-eimulatlon  tests 

Assuming  that  ths  load-time  history  to  be  applied  in  a  flight-simulation  tist  «i  carefully  planned, 
there  are  still  soma  limitations  to  the  information  obtained  in  tbs  test.  Aspects  to  bs  briefly  msntionsd 
bare  are  associated  Mith  loading  rats,  corrosive  influences,  scatter  and  deviating  load  upeotra  in  service. 

Loading  rats 

A  full-scale  test  on  a  structure  is  an  accelerated  flight  simulation  that  may  last  for  6  to  12  months, 
while  representing  10  or  more  years  of  service  experience.  A  flight-simulation  test  on  a  component  in  a 
modem  fatigue  testing  machine  may  take  no  more  than  a  week. 

Considering  loading  rats  effects,  one  should  not  simply  oompare  testing  time  with  flying  time,  hut  rather 
ths  times  that  the  structure  is  exposed  to  the  high  loade.  Orders  of  magnitude  ere  given  in  figuro  7.6. 

Thin  argument  is  speculating  cn  the  fact  that  any  effect  of  the  loading  rate  la  a  matter  of  eoms  time- 
dependent  dislocation  mschanisme  occurring  at  high  strsaeee.  It  might  imply  that  the  si  feet  is  relatively 
small  for  a  full-scale  test  but  it  could  have  some  affect  in  a  component  test  in  a  fatigue  machino 
running  at  a  relatively  high  load  frequency  (see  also  the  diecuaeion  in  section  4.17). 

Corrosive  influences 

Differences  between  testing  time  and  esrvice  life  also  imply  different  times  of  exposure  to  corrosive 
attack.  Riersfors,  if  corrosion  is  important  for  crack  nucleation  'corrosion  fatigue)  one  csrtainly  should 
consider  thi*  aapect.  In  practice  cracks  frequently  originate  from  bolt  holes  and  rivet  holes  where  the 
accessibility  of  the  environment  is  usually  poor  and  the  corrosion  influence  probably  not  very  significant. 
However,  as  soon  as  macro-cracks  are  present  ths  environment  will  penetrate  into  the  crack  and  the  effect 
on  crack  growth  should  be  considered.  Safety  factor  should  be  applied  to  inspection  periods  depending  on 
the  material  and  the  environment  (see  also  the  discussion  in  section  4. 17). 

Scatter 

Teeting  a  eymoetric  structure  generally  implies  that  at  least  two  similar  parte  are  being  teeted.  However, 
fatigue  properties  may  vary  from  aircraft  to  aircraft  because  the  quality  of  production  techniques  ted 
materials  will  not  remain  exactly  constant  from  year  to  year.  It  will  not  be  tried  here  to  speculate  on 
the  magnitude  of  the  scatter,  although  some  interesting  data  are  available  in  the  literature.  It  ie 
recognized,  however,  that  the  shortest  fatigue  lives  in  a  large  fleet  of  aircraft,  in  general,  will  be 
shorter  than  the  result  of  ths  full-scale  teat  ae  a  consequence  of  scatter. 

Deviating  load  spectrum 

Load  measurements  in  service  may  indicate  that  the  service  load  history  is  significantly  deviating  from 
the  load  history  applied  in  the  test.  Suggestions  were  heard  in  the  past  that  the  test  result  could  be 
corrected  fer  such  deviations  by  calculation,  employing  tin,  r  al.ngion- jiiuoi  rule  and  some  5-:i  curves. 
However,  as  explained  in  section  5.4.2  tiiie  rule  is  highly  inaccurate  for  tine  purposs. 

If  the  structure  has  good  fail-safe  properties,  the  question  of  deviating  load  spectra  in  eervics  ie 
probably  lees  important.  Thie  ie  csrtainly  true  if  the  impression  ie  that  the  service  load  spectrum  is 
less  severs  than  ths  test  spectrum.  However,  if  one  feels  that  the  service  loading  could  be  mors  severe 
than  the  test  loading,  it  appeals  that  additional  testing  is  Indispensable  for  a  safe-life  component. 

Comparison  between  test  and  service  experience 

After  having  aumnariced  several  limitations  of  a  full-ecale  flight-simulation  test,  the  proof  actually  ie 
the  comparison  between  oervice  experience  and  test  results.  A  fsw  papere  on  thie  issue  have  been  preeented 
in  the  literature  (fief e. 1 20,19' ,'9® i 1 97 )  and  some  comments  will  be  made. 

As  fax  as  data  are  available,  the  service  life  is  usually  shorter  than  the  test  life,  although  there  are 
soms  cases  where  ths  agreement  is  reasonable.  However,  if  the  eervu.o  life  is  from  2  to  4  timse  shorter 
than  the  tsst  life,  fuxthsr  clarification  is  ohviously  nsedsd. 

There  sure  e  number  of  reasons  why  discrepancies  between  test  results  and  service  expsrience  may  occur. 
Several  of  them  have  been  liated  above,  for  instance  scatter  and  environmental  effects.  Secondly,  a  fair 
comparison  requires  that  the  test  is  a  realistic  simulation  of  the  service  load  history  and  this  is  a 
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8*v*r*  restriction  on  the  comparisons  that  could  be  made  in  the  paat,  Thirdly,  if  a  teat  reveals  a 
eenoue  fatigue  failure  it  le  likely  that  the  aircraft  firm  will  modify  the  structure,  thue  eliminating 
the  possibility  of  a  comparison. 

In  summary i  Thu  accuracy  of  the  quantitative  results  from  a  full-scale  test  is  limited  by  the  ahove 
aspects.  It  is  difficult  to  quantify  these  aspects.  Depending  on  the  possible  consequences  associated 
with  the  fatigue  indications  obtained  in  the  test,  scatter  factors  or  eafBty  factors  may  be  applied.  The 
selection  of  these  factor*  is  again  a  matter  of  philosophy,  as  briefly  commented  on  in  section  6-j. 


d.  SURVEY  OF  PRESENT  STUDY  AND  RECOMMENDATIONS 
8. 1  Survetv  of  the  present  study 

Several  features  of  the  fatigue  phenomenon  have  been  recapitulated  in  chapter  2.  The  fatigue  process  was 
described  as  a  sequence  of  crack  nucleation,  micro-crack  growth,  macro-crack  growth  and  final  failure. 
Subsequently,  it  was  tried  in  chepter  3  to  describe  fatigue  damage  and  damage  accumulation.  In  most 
general  terns  fatigue  damage  ie  a  change  of  the  material  as  caused  by  cyclic  loading.  Fatigue  cracking, 
i.e.  decohesion,  is  the  most  prominent  feature  of  fatigue  damage.  However,  the  amount  of  cracking  alone 
is  insufficient  to  describe  the  damage.  A  definition  of  the  fetigue  damaged  material  should  include  a 
description  of  all  aepecta  of  the  fatigue  crack  geometry  and  the  condition  of  the  material  around  the 
fatigue  crack,  including  cyclic  strain-hardening  and  reBidual  stress  distributions,  A  survey  is  given 
in  fig. 3. 2.  Damage  accumulation  in  a  certem  loed  cycle  xher-fore  implies  incremental  changes  of  all 
these  aspects.  The  Incremental  changes  will  depend  on  the  intensity  of  ths  load  cycle,  but  at  the  es-ne 
time  they  will  be  a  function  of  the  damage  already  present.  This  has  led  to  the  definition  of  inter¬ 
action  effects,  which  in  general  terms  meanai  the  damage  increment  due  to  a  certain  load  cycle  will 
depend  on  the  damage  caueed  by  the  preceding  load  cycles.  This  also  implies  that  the  damage  caused  by  a 
certain  load  cycle  will  affect  the  damage  increments  of  subsequent  load  cycles.  Interaction  effects  may 
be  either  favourable  or  unfavourable,  vhich  means  tbet  they  may  either  decelerate  or  accelerate  the 
damage  accumulation.  As  a  consequence,  it  is  important  for  the  damage  accumulation  in  which  eequence  load 
cycles  of  various  magnitudes  will  be  applied.  Such  eequence  effects  have  bean  observed  in  many  test  series. 

Various  examples  of  interaction  effects  and  sequence  effects  are  presented  in  chapter  4,  which  gives  a 
survey  of  empirical  trends  observed  in  tests  with  a  variable  fetigue  loed.  Thie  includes  the  effects  of 
high  preloads,  periodically  applied  high  load  cycles,  ground-to-air  cycles  and  the  effects  of  several 
variables  of  program  loading,  random  loading  and  flight-simulation  loading.  The  investigations  are 
summarized  in  teblee  4.1  -  4.8,  while  venous  illustrative  test  reeulte  are  shown  in  figures  4.1  -  4*30. 

The  empirical  trends  can  sometimes  be  explained  qualitatively,  fatigue  cracking  and  residual  stresses 
be'ng  the  main  arguments.  Nevertheless,  the  trbnds  clearly  confirm  that  fatigue  damage  accumulation  ie  a 
complex  phenomenon  which  will  not  easily  allow  e  satisfactorily  quantitative  treatment. 

Some  thought  was  given  to  the  comparison  between  fetigue  under  program  loading  and  random  loading.  In  a 
random  load  test  the  load  amplitude  it  varied  from  cycle  to  cycle.  The  load  amplitude  in  a  classic  program 
test,  howsvar,  is  varied  infrequently  and  in  a  systematic  way,  i.e.  in  a  programmed  sequence.  Consequently 
sequence  effects  on  ths  damags  accumulation  may  bs  different,  which  implies  that  a  strict  correlation 
between  the  fatigue  lives  in  the  i,o  typee  of  teste  may  not  be  expected.  Qrpirical  evidence  has  substan¬ 
tiated  thie  view.  In  fact,  a  realietic  simulation  of  fetigue  damags  accumulation  as  it  occur*  in  service, 
require*  a  test  that  preserve*  the  essential  feature*  of  the  service  loed-tim*  history.  With  ths  present 
Rnowledg*  it  can  be  concluded  that  a  flight-simulation  test  may  satisfy  this  requirement,  whereas  a  mors 
simple  test  will  not  do  so. 

A  eurvey  of  theories  for  life  calculation*  ha*  bean  given  in  chapter  3.  An  important  question  is  whether 
th*  theories  ax*  capable  of  predicting  the  empiric *1  trends  so  summarized  in  chapter  4.  The  theorise 
war*  grouped  in  three  categories,  which  are  (l)  th*  incremental  damage  theories,  (2)  theories  based  on  a 
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similarity  approach  and  (3)  interpolation  procedure*.  Host  theorie*  are  in  the  first  group,  ier,  *able  5.2. 
However ,  they  poorly  satisfy  the  picture  about  fatigue  damage  accumulation  and  it  le  not  surprising  that 
th*  prediction  of  empirical  trends  le  also  poor.  Also  the  similarity  approach,  although  being  leae 
dependent  on  knowledge  about  fatigue  damage,  doee  not  yield  accurate  life  prediction.  The  quality  of 
predictions  with  the  interpolation  methods  is  apparently  dependent  on  the  quality  of  the  data  from  which 
th*  interpolation  l*  made.  In  view  of  the  knowledge  of  interaction  effects  and  aequence  effects,  interpo¬ 
lations  should  preferably  be  based  on  resultB  of  flight -emulation  teeta.  Since  euch  data  are  hardly 
available,  a  proposal  ie  made  for  a  systematic  teat  program  that  couli  fill  this  gap. 

In  chapter  6  the  consequences  of  the  present  etate  of  the  art  for  intimating  fatigue  lives  and  crack 
propagation  rates  in  the  aircraft  deaign  phase  are  analysed.  First  a  survey  is  given  of  the  various 
aspects  of  designing  an  aircraft  from  the  point  of  view  of  fatigue.  Thie  indicates  that  the  fatigue 
theory  is  not  the  only  weak  link  in  predicting  fatigue  properties.  One  aepect  briefly  diecueaed  ie  the  ■ 
definition  of  load  cyclea  if  the  load  i ’  .arying  in  some  random  way  aa  occurs  in  service.  Attention  ie 
then  paid  to  estimation  methods  based  on  available  fatigue  data  and,  as  an  alternative  method  employing 
service  experience  from  prsviously  designed  aircraft.  The  advantages  and  limitations  of  both  approaches 
are  emphasized.  Reliable  and  accurate  information  of  fatigue  properties  in  many  caaes  can  be  obtained  only 
by  carrying  out  relevant  tests. 

Several  testing  methods  are  discussed  in  chapter  I .  Different  teoting  purposes  are  listed  first,  which 
aret  (1)  basic  fatigue  damage  studies,  (2)  test  Bsnes  exploring  the  effects  of  vanouB  factors  on 
fatigue  life  and  (3)  estimation  problsma  with  reBpect  to  fatigue  life  and  crack  propagation  as  a  design 
effort.  Some  comments  are  madn  on  the  first  topic,  but  major  emphasis  is  on  the  last  one.  Four  types  of 
tests  are  considered,  which  are  conBtant-amplitude  loading,  program  loading,  random  loading  and  flight- 
simulstion  loading.  Specific  goals  arei  (l)  compiling  banic  data  for  life  estimates,  (2)  comparative 
design  studies  and  (3)  determination  of  direct  estimates  of  life  and  crack  propagation.  The  conclusion  is 
that  ths  flight-simulation  tests  should  be  preferred  to  the  other  types  of  tests.  It  is  emphasized  that 
comparative  tests  on  different  designs  may  give  unreliable  information  if  constant-amplitude  tests  are 
used.  Actually,  if  realistic  anewers  are  required  realistic  testing  procedures  have  to  be  adopted.  This 
appears  to  be  a  trivial  conclusion.  Nevertheless,  it  is  well  substantiated  by  present  d.iy  knowledge  of 
fatigue  damage  accumulation  and  by  empirical  evidence  from  a  vaat  amount  of  variable-amplitude  test  senes. 

For  a  full-scale  fatigue  test,  a  realistic  flight- simulation  loading  is  a  necessity.  If  a  simplified 
fatigue  loading  is  adopted,  the  teat  may  give  incorrect  indications  of  fatigue  critical  components  and 
misleading  information  about  fatigue  lives  and  crack  propagation  rates.  Relevant  evidence  from  test 
series  on  full-scale  structure!  was  summarized  in  chapter  4  (section  4.15).  It  is  alBo  emphasized  that 
the  application  of  fail-eafe  loads  during  a  fuli-acale  test  may  fully  obliterate  the  relevance  of  the 
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life  and  it  may  completely  stop  the  growth  of  fatigue  cracks.  Comments  are  also  made  on  the  significance 
of  truncating  tha  load  spertruffl,  omitting  low-amplitude  cycles  and  other  aspects  of  flight-simulation 
testing. 

In  1965,  Herbert  Hardrath  (Ref.198)  presentsd  a  review  on  cumulative  fatigue  damage.  He  then  came  to  the 
conclusion  that  new  break- throughe  of  our  knowledge  should  not  be  expected  in  the  near  future.  In  ."’dt 
this  hss  been  true  for  the  past  six  years.  Hardrath's  review  is  still  relevant  to  day  but  some  aspects 
have  become  more  clear  since  then.  These  aspects  are  listed  below  in  view  of  making  recommendations  for 
future  research. 

1  Electro-hydraulic  cylinders  and  fatigue  machines  with  closed-loop  load  control  are  now  being  used  in 
many  laboratories.  Actually  this  ie  soma  sort  of  a  break-through  with  reapect  to  the  poBBinilit.es  of 
performing  fatigue  teeta  with  any  required  load-time  history.  Advantages  already  exploited  are  r'lat.d  to 
an  increasing  knowledge  about  fstigue  damage  accumulation  and  to  more  realistic  testing  methods  for 
practical  problems. 

2  Our  phenomenological  knowledge  about  fatigue  damage  accumulations  ie  steadily  increasing.  The  phenome¬ 
non  appears  to  be  more  complex  than  thought  before,  but  this  trend  is  not  uncommon  in  science. 
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^  Sequence  effects  and  interaction  effects  are  better  recognized  than  oefore. 

^  Progress  has  been  made  with  rsspsct  to  predicting  ths  strain  and  strosa  history  at  the  root  of  a  notch. 
Calculations  to  be  mads  from  cycle  to  cycle  are  no  longer  objectionable  in  view  of  computer  capabilities, 

fl. 2  Recommendations  for  future  work 

basic  research  end  empirical  research  are  still  required  both,  Basic  research  cannot  bs  neglected  because 
the  evaluation  of  trends,  as  observed  in  empirical  studies,  requires  a  physical  understanding  of  the 
phenomenon  occurring  in  the  material.  Bnpiricol  investigations  on  the  other  hand  are  necessary  because  we 
simply  cannot  wait  until  our  physical  understanding  is  good  enough  to  answer  a  number  of  practical  ques¬ 
tions.  Apparently  ws  are  learning  slowly  and  extsnsivB  efforts  have  to  bs  made  to  improve  our  knowledge. 
Therefore,  it  has  to  be  emphasised  that  all  laboratories  should  be  fully  aware  of  the  various  aspects  of 
the  practical  problem.  We  should  avoid  to  look  for  solutions  of  problems  that  do  not  exist  by  outlining 
what  the  real  problems  are.  It  is  hoped  that  tha  present  report  will  prove  to  be  helpful  in  this  respect, 
boms  more  specific  recommec  ations  will  now  bs  made. 


basic  research. 

1 .  Microscopic  studies 

The  phenomenological  picture  of  fatigue  damage  accumulations  is  still  highly  qualitative  in  nature. 
Microscopic  studies  providing  quantitative  data  about  tha  various  aspects  of  the  d?..,aging  process  should 
therefore  be  welcome.  Studies  with  both  the  optical  and  the  electron  microscopB  can  be  useful.  There  is 
still  ample  room  for  frsctographic  observations  of  crack  growth  under  variable-amplitude  loading.  At  the 
same  time  thiu-foil  studies  of  fatigue  damaged  material  appear  to  be  worthwhile.  It  then  should  be  kept 
in  mind  that  fatigue  is  a  highly  localized  occurrence,  that  means  that  the  local  statB  of  the  material 
may  differ  from  that  of  .he  bulk  material. 

2.  Stress-strain  histories  at  the  notch 

In  this  report  reference  was  made  to  investigations  on  the  prediction  of  stress-strain  histories  at  the 
root  of  a  notch  under  variable-amplitude  loading.  Such  studies  included  speculative  assumptions  about 
incremental  damage  accumulation,  nevertheless  ths  stress-strain  histories  at  a  notch  root  may  be  consider¬ 
ed  in  its  own  right.  As  such  it  is  a  more  detailed  description  of  the  fatigue  environment  for  the  material 
at  the  critical  'ocstion.  Without  this  information  it  is  difficult  to  see  how  a  rational  cumulative 
fatigue  damage  theory  for  notched  elements  could  be  formulated.  Already  for  this  reason  alone  this  type 
of  investigations  should  be  recommended. 

3.  track  closure 

track  closure  as  described  by  Elber,  has  recently  entered  our  picture  of  fatigue  crack  growth.  More 
quantitative  information  about  this  phenomenon  under  various  conditions  should  be  welcomed, 

4.  Plastic  stress-strain  distributions 

Theoretical  calculations  of  stress-strain  distributions  around  notches  and  cracks,  including  plasticity, 
m  a  difficult  proolem.  It  is  even  more  difficult  for  cyclic  loading  since  the  cyclic  stress-strain 
behaviour  of  the  material  can  usually  not  be  described  in  a  simple  way.  It  should  be  recommended  to  ex¬ 
ploit  the  potential  usefulness  of  finite  element  methods  to  this  problem. 

5.  Qivironmen tal  effects 

Laboratory  results  to  be  extrapolated  to  service  conditions  are  still  afflicted  by  the  possibility  of 
unknown  environ.Tier.tal  effects.  Investigations  to  improve  our  physical  knowledge  about  the  mechanisms  of 
environmental  effects  are  to  be  recommended. 

ibipirical  1  nvestigationa 
o.  (light-simulation  testing 

Per  many  practical  problems,  flight-simulation  testing  was  recommended  :.n  this  report.  Our  knowledge  of 
the  effects  of  several  variables  pertaining  to  flight-simulation  testing,  is  still  insufficient.  Kor  that 
reason  m/ostigations  on  no;ohed  elements  exploring  these  effects  should  be  advised,  ouch  investigations 
mry  be  somewhat  similar  to  test  senes  carried  out  by  MLR  on  fatigue  crack  propagation  (section  4.  VI). 
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].  Compilation  of  flight-simulation  test  datr 

In  this  report  the  compilation  of  flight- simulation  test  data  was  advocated.  A  test  program  for  this 
purpose  was  described  in  section  5*3*5*  A  handbook  with  this  type  of  data  may  be  useful  for  estimating 
fatigue  properties.  Moreover,  it  could  be  a  refer auce  for  comparative  testing  in  order  to  judge  the 
fatigue  quality  of  a  new  deeign. 

8.  Service  expenerte 

In  chapter  6  it  was  emphasised  that  experience  on  fatigue  in  service  gives  most  useful  information.  Such 
data  are  obtained  under  highly  realistic  conditions  with  respect  to  load-time  histories  and  environment. 
The  statistical  reliability  may  he  high  if  many  aircraft  are  involved.  In  would  be  extremely  useful  if 
such  date  could  be  collected  and  analysed,  and  be  made  generally  available. 

9.  Statistical  analysis  of  service  load-time  histories 

The  predic  ion  of  fatigue  properties  in  ’.he  design  phase,  the  performancs  of  realistic  flight-simulation 
tests,  and  the  monitoring  of  fatigue  life  in  eervice  all  require  information  about  service  load-time 
histories.  Investigations  on  the  question  how  relevant  information  can  be  obtained  should  be  rucotanended. 
Problems  involved  are  partly  associated  with  measurement  techniques,  vdiile  another  aspect  is  the  statist¬ 
ical  analysis  in  relation  to  fatigue  damage  accumulation, 

10.  Fatigue  machines 

A  flight-simulation  tect  requires  a  fatigue  machine  with  cloeed-loop  load  control.  Electro-hydraulic 
machines  of  thie  type  are  now  available.  It  would  certainly  stimulate  more  realistic  testing  proc  dures 
if  these  machines  could  be  produced  at  a  lower  price.  Secondly,  the  generation  of  electrical  signals  for 

controlling  the  load  in  such  a  machine  is  also  a  topic  viiere  a  development  of  new  and  cheaper  apparatus 

le  desirable. 

A  final  recommendation  is  related  to  the  dieseminetion  of  information.  Several  times  it  waa  noticed  that 
good  solutions  were  not  reached  because  of  insufficient  knowledge  about  the  real  problems,  although  the 
information  was  available  elsewhere.  Equally  regretful  is  the  situation  where  prejudice  prevents  improved 
solutions.  In  this  respect,  flight-simulation  testing  is  sometimes  labelled  as  a  " sophisticated"  type  of 
testing.  Actually  a  flight-simulation  test  is  a  rather  trivial  solution  because  it  is  riming  at  a  simula¬ 
tion  of  service  loading.  A  constant-amplitude  test  on  ths  other  hand,  being  s  convenient  type  of  test 
rrom  an  experimental  point  of  view,  it  in  fact  a  hi^ily  artificial  simulation  cf  servics  loading,  he 
should  be  careful  that  progress  is  not  hampered  by  historical  traditions  starting  st  the  time  of 
August  Wdhler,  The  problem  is  partly  a  matter  of  education  and  dissemination  of  information.  It  is  hoped 

that  the  present  report  may  be  helpful  also  in  thiB  respect  by  outlining  the  varioue  aspects  of  ths 

aircraft  fatigue  problem  and  by  the  analysis  of  and  cross  references  to  the  literature. 
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Table  4.1  Inveetigatione  on  the  effect  of  a  preload  on  fatigue  life 
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(1946,  Ref.  40) 
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(preload  in  tension) 
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A1  Zn  Mg  alloy 

Lug 

Axial,  C.A.  with 

(1943.  Ref. 41) 
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Cr  Mo  steel 

V-notdi 

positive  mean 

Haywood 

(1955.  Rtfs.  42, 43) 

Al-alloys 
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positive  mean 
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Kirkby  and  Edwarde 
(1969,  Ref. 50) 

Al-alloy  (1014) 

Pinned  lug  and 
clamped  lug 

Axial,  random  loading 
with  positive  mean 

Jo  Sean  Morrow,  Wetzel 
and  Topper  (1970,  Ref.51) 

2024-r-Iioy 

Hole  notched 

Axial,  C.A.  with 
positive  mean 

(a)  C.A.  -  const ant -amplitude  teste 


w 


3-61 


Teble  4.2  Investigations  on  the  effjct  of  periodic-high  loads  on  fatigue  life  and  crack  propagation 


Investigation 

Material 

Specimen 

Typ«  of 
high  load  fa) 

Type  of 

fatigue  load  (b) 

Haywood 

Al-alloye 

lug 

|  .A. 

C.A. 

(1955,  Ref.42) 

7 07 5- alloy 

Channel  specimen 
Meteor  tailplane 
Channel  specimen 

.A- 
.a  ^ 

Schi  ]ve  and  Jacobs 

2024-alloy 

Riveted  lap  joint 

program  loading 

(1959,1960,  Refs.  39,53) 

7 07 5- alloy 

Sheet  specimen  ^ 

Schijve,  Broek,  De  Rijk 
(1960,1961,  Refs.27,59) 

2024-alloy 

\  't/1 

C.A. 

Boiseonat 
(1961,  Ref.  46) 

Al-alloye 

Edge-notched  specimen 

A 

A. 

C.A. 

Kordfin  and  Halsey 
(1962,  Ref. 47) 

7075-alloy 

Riveted  box  beam 

( c) 

Bar  specimen  ' 

C.A. 

-V 

A 

Hudson  and  Hardest h 
(1963,  fief. 60) 

2024-alloy 

C.A. 

Sheet  specimen  v  * 

Smith 

Ti-alloy  (8-1-1) 

C.A. 

(1966,  Ref. 61) 

fc) 

Sheet  specimen  '  ' 

A  W 

McKillan  and  Hertiterg 
(1963,  Ref.  26) 

2024- alloy 

C.A. 

Hudson  and  fiaju 

707 5- alloy 

Sheet  epecime:,  v  ’ 

A 

C.A. 

(1970,  Ref. 62) 

A 

Schijve  and  De  fiijk 

2024  and  7075 

(  C  / 

Viing  structure  '  ' 

flight-eimulation 

(1971,  fiefs. 6 1  64) 

allay 

loading 

(a)  _0.  periodic  high  positive  load 


(b> 

(c) 


-\r 


"  negative  " 

”  load  cycle  starting  with  positivs  part 

negative 


C.A,  =•  constant- amplitude  loading 

crack  propagation  waa  studied  in  these  investigations. 


W2 


I 


t 


i 


l 


Table  4.3  Investigation*  on  the  effect  of  ground-to-air  cycle*  on  fatigue  life, 
(comparative  teeting  with  and  without  CTAC) 


Investigation 

Material 

Specimen 

- j - - - 

Type  of  fatigue  loading 

Caaener  and  Boretnann 
(1961 ,  H*f.£5y  . 

2024  alloy 

Central  notch 

Program  loading 

Caaener  and  Jacoby 

(1964,  Ref. 66) 

2024  alloy 

Central  notch 

1 

;  1 

Neumann 
(1964,  Ref. 67) 

7075  alloy 

Edge  notched  specimen 

Re  Icon  and  McCulloch 

(1961,1965.  Hefe.68,69) 

7075  alloy 

1 

Elliptical  hole 
epecimene 

t 

Barroie 
(1957,  Hef.70) 

2024  alloy 

Riveted  lap  joint 

Simplified  flight  simulation  1 

Wink worth 

(1961,  Ref. 71 ) 

2024  alloy 

Dakota  winge 

] 

Schijve  and  De  Rijk 
(1966,  Ref. 72) 

2024  alloy 

Sheet  epecimen, 
crack  propagation 

1  ' 

Caeener  and  Jccoby 
(1964,1965.  Hefa. 66,73) 

2024  elloy 

Central  notch  , 

Programmed  flight  emulation 

Mann  and  Patching 
(1961,  Ref,  74) 

2024  alloy 

Kuetang  wing* 

\ 

Random  flight  simulation 

Finney  and  Kann 
(1963.  Ref.75) 

4-A1  alloy  e 

Round  epecitiene 
with  V-notch 

Melcon  and  McCulloch 
(1961,1965,  Refe.6S.69) 

7075  alloy 

Elliptical  hole 
•pecifcene 

Neumann 

(1964,  Ref.67) 

2024  and 

7075  alloy 

Edge  notched 
epcciraen 

Schijve  et  al. 

(1965,  Ref. 76)  • 

7075  elloy 

Wing  center,  eection 

Schijve,  Jaoobe,  Tromp 
(1968,1970,  Ref*. 77, 78) 

2024  and 

7075  alloy  . 

Sheet  epecimen, 
crack  propagation 

(a)  Randomized  block  loading 
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Table  4.4  invest !  gat  »ui.a  on  program  testing 


Variables  studied 

Investigation 

Material 

Specimen 

Sequence 

Size 

of 

period 

Low 

*a 

cycles 

High 

Ss 

cycles 

Design 

strese 

lsvel 

Load 

spec¬ 

trum 

Gsssner  (i94i.Ref.a2) 

2  Al-alloys 

Hole  notched  epecimene 

1 

z 

X 

X 

gust, 

mixed 

Wallgren  (1949.Kef.63) 

2024  and  7075 
alloys 

Hole  notched  specimen 
and  rsveted  joints 

X 

X 

gust, 

manoeuvre 

Wallgren  and  Petreliut 
(1954,  Ref. 64) 

2024  and  7075 
alloys 

Lug 

X 

msnoeuvre 

Fieher  (1956, Ref. 65) 

AlZnCuKg 

Edge  notched  specimen 

X 

X 

manoeuvre 

Fisher  (1956, fief. 66 ) 

AlZnCufog 

Edge  notched  specimen 

X 

X 

gust 

Hardrath  et  al. 
(1959.RefB.30, 31) 

2024  and  7075 
alloys 

Edge  notched  specimen 

X 

X 

X 

gUBt 

Schijve  and  Jacobs 

(l959.HefB.39.53) 

2024  and  7075 
al loye 

Riveted  lap  joint 

X 

X 

X 

X 

gust 

Nsumann  and  Schott 

(1962.Ref.87) 

7075  slloy 

Edge  notched  specimen 

X 

X 

X 

manoeuvre 

(a) 

Naumann  (1962.Rsf.86} 

2024  and  7075 
alloys 

Edge  notched  specimen 

X 

X 

X 

£U8t , 

m&i.  oeuvre 

Rosenfeld(l963,Ref.46) 

7075  alloy 

Wing,  tailplane 

* 

X 

mano  euvre 

kordfin  and  Halsey 

(1963.Ref.47) 

7075  alloy 

Boxbeam 

X 

manoeuvre 

Jeomans  ( 1 963 . Ref . 69) 

Bolted  joint, 
greased  end  dry 

X 

guet 

Corbin  and  Naumann 
(1966, Ref. 90) 

7075  alloy 

Edge  notched  specimen 

X 

X 

X 

manoeuvre 

(a) 

Parish  (1 967/1 966, 

Kefs. 91, 92) 

Al  alloy 

Wing 

X 

manoeuvre 

Dunsfcy  (1966,Ref.93) 

2024  alloy 

Edge  notched  specimen 

X 

X 

gust 

Lipp  and  Ceesner 
(i966.Rofe.94.95) 

Cr  steel 

Hole  notched  specimen 
loaded  in  bending, Sm»0 

X 

1 

guet 

Schijve  (1970,Hefe.95, 
97) 

2024  alloy 

Sheet  specimen,  crack 
propagation 

X 

X 

1 

gUBt 

T-._  ... .  -  ..  /  1  Air>  r.  .  n  n  ,"V  ' 

oj  \  •  7  t  e  70  f 

7075 

Boa  beam 

X 

X 

manoeuvre 

Impellizzerri 

(1970,Rof.156) 

7075  alloy 

Hole  notched  specimen, 
inclining  creek 
propagation 

manoeuvre 

(*)  In  theee  lnveetigatione  randomized  block  loading  wae  applied. 
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Table  4,5  Investigation*  on  the  shape  of  the  spectral  density  function  for  random  load  fstigus  life 


Investigation 

Material 

Specimen 

Type  of  loading 

Kowalevski 
(1959,  Ref.  102) 

2024-T3 

Notched,  ■  1.3 

Bending,  Sm  -  0 

Puller 

(1963,  Ref.103) 

2024 -T3 

Unnotch  ed 

Bonding,  -  0 

Neumann 

(1965,  Ref.104) 

2024- T3 

Edge-notched,  Kt  «  4 

Axial  ,  Sm  «  12,2  kg/mm2 

Smith 

(1966,  Ref.  61) 

2024-T3.7075-T6 
Ti-8-1-1 ,Ti-6-4 

Sheet,  crack  propagation 

Axi  I  ,  SB  ■  8.4  -  13.3  kg/mm2 

Cleveneon  and  Steiner 
(1967,  Ref.105) 

2024- T4 

fetched,  Kt  -  2.2 

Axial  ,  S  -  0 

Hillberry 
(1970,  Ref.  101) 

2024- T3 

Mildly  notched 

Bending,  sm  ■  0 

Table  4.6  Investigations  on  the  comparison  between  the  results  from  program  tests  and  random  tests 


Investigation 

Material 

Specimen 

Load  spectrum 

Remarks 

Kowaiewski 

2024  alloy 

Notched,  Kt  -  1.8 

Rayleigh  distribution 

Sm  -  0,  bending 

(1959,R«f.102) 

Melcon  and  McCulloch 
(1961/63, Refs.63, 69)' 

7075  alloy 

Elliptical  hole, 

Kt  -  4  and  7 

Cust  and  manoeuvre 

Teste  with  and 
without  CTAC 

Rosenfeld 

7075  alloy 

Ming 

Manoeuvre 

(1962,  Ref. 43) 

ttaumann 
(1964,  Ref.  67) 

7075  alloy 

Edge  notched  specimen, 
Kt  ‘  4 

Severe  gust  spectrum 

Tests  with  and 
without  CTAC 

Neumann 
(1965,  Ref.104) 

2024  alloy 

Edge  notched  specimen, 
Kt  ■ 4 

Severe  guet  spectrum 

Different  types  of 
random  and 
program  lasts 

Corbin  and  Neumann 

(l966.Rsf.90) 

7075  alloy 

Edge  notched  specimen, 
Kt  -  4 

Manoeuvre 

3  load  spectra 

Schijve  et  al. 
(1965.Rsf.76) 

7075  alloy 

Wing  center  section 

Severe  gust  spectrum 

Tests  with  anu 
without  CTAC 

Schijve  and  Be  Rijk 
(1965,  Ref.  106) 

2024  and 

7075  alloye 

Sheet  epeciman  (c) 

Severs  gust  spectrum 

Tests  with  and 
without  CTAC, 
lefts  indoors  and 
outdoor* 

Lipp  and  Caesner 

Cr  steel 

Hole  notched  specimen 

Cust  spectrum,  S  *0 
m 

SB  -  0,  beuding 

(1963, Refs. 94, 95) 

Jacoby 

(I97O,  Refs. 107, 108) 

2024-T3 

Elliptical  hole 
specimen,  Kt  -  3.1 

Cust  spectrum 

2  design  (trees 
levels 

Jacoby 

(1970,  Ref.  109) 

CoCrNiM  alloy 
Ti6Al  4V  alloy 
2024-T3 

Circumferential  notch 

K,  -  3.1 

Elliptical  hole,Kt>3.1 

Rayleigh  distribution 

3  S  -values 

ID 

Brsyan 

(1970,  Ref, 98) 

7075  «H°y 

Riveted  box  beam 

Manoeuvre 

2  design  stress 
levels 

4  load  spectra 

Schijve  et  al. 

(1970, Refs. 96, 97 ) 

2024-T3 

Sheet  specimen  (c) 

Cust 

Different  types  of 
random  and  program 
loading 

(c)  cracjc  propagation  specimen 
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Tahle  4.7  Invest lgetione  on  flight-emulation  teeting 


ifariehles  etudied 

Inveetigetion 

Materiel 

Specimen 

Load 

Load 

Plight 

loade 

GTAC 

epee « rum 

aequence 

Low-S 

e 

cvclee 

High-Sa 

cyclee 

S  . 

min 

Taxiing 

loade 

Design 
etreee 
leva  J 

Haumann 

(1964.  Ref. 67) 

7075-T6 

2024- T3 

Edge  notched 
epecimen,  rC^  *4 

Severe 

guet 

X 

X 

X 

X 

Ge saner  and  Jacohy 

(1964/65, Refe.66,73) 

2024- T4 

Ellipt reel 
hole  specimei 
Kt  -  3.1 

gnat 

X 

X 

X 

X 

Jacoby 

(1970, Refe. 107,108) 

2024 -T4 

same 

gust 

X 

Branger  (1967,197'. 
Refe, 1 00, 1 11 ) 

7075  bar 

2014  plete 

Hole  notched 
epecimen 

Kt  «  3.6 

manoeuvre 

x 

X 

X 

X 

Branger  and  fionay 
(1968, Ref. 11 2) 

CrNi  eteel 

Hole  notched 
epecimen 

K(  -  2.3 

manoeuvre 

X 

lmig  and  lllg 
(1969, Ref .80) 

Ti-dAl  IMolV 

Elliptical 
hole  epecimen 

Kt  “  4 

typical 

for 

euperaonic 

aircraft 

X 

* 

x 

X 

Schi  j  ve ,  Jacob  e ,  Tromp 
(1 968,1 969, Rof e.77,78) 

2024-T3 

7075-T6 

X 

X 

X 

X 

X 

Schi jve ,  J acoba , Tromp 
(1969,Ref.113) 

2024- T3 

> 

Sheet  epeci¬ 
men,  crack 
propagation 

guet 

X 

Sehijve 

(1971.Ref.64) 

2024-T3 

7075-T6 

X 

D. SchUti 
(1970,Ref.114) 

7075-T6 

Lug-typa 

epecimen 

gnat 

X 

Sehijve, De  Rijk 
(1971  ,Ref».63,64) 

2024-T3 

7075-T6 

Wing  etruc- 
ture,  creek 
propagation 

guet 

X 

X 

Investigations  on  the  effect  of  omitting  GTAC  are  mentioned  in  tehle  4.3 


Teble  4.8  Invaat lgetione  on  the  euperpoeition  of  two  cyclic  loade 


Investigation 

Meter la 1 

Specimen 

Type  of 
loading 

2/^1 

Variable®  etudied 

Loceti 

(1956,  Ref.  122) 

2024-T3 

Steel 

Unnotched 

Bending 

14 

7  end  19 

VSal 

Niehihara  and  Jamada 
(1956,Ref.123) 

Carbon  ataele 

Notched 

Bending 

1  *  5-740 

Sa2 

Starkey  and  Macro 
(1957,  Ref.  124) 

AlZn  alloy 

SAE  4340  eteel 

Unnotched 

Axial 

2 

Sa2/Sa1 ’  phaee  angie 

Casener  and  Sveneon 
{1962, Ref. 125) 

Mild  eteel 

Notched 

Bending 

30 

Sa2/|,Sa1  ’  Sa 2  ala0  programmed 

Jacoby 

(1963, Ref. 126) 

AlMg  alloy 

Crack 

propagation 

Axial 

500 

Pructographic  obeervatione 

Jamada  and  Kltawage 
(1969,  Ref.  127) 

7075  alloy 

17  ST4 

Innotched 

Bending 

ba2/Sa1 

Koweck 

(1969,  Ref.  128) 

2024-T3 

Notched 

Axial 

2 

i>ap/Sa2  *  phaee  angle 

Dowling 

(1971,  Ref.  129) 

2024- T4 

L_ 

linnotched 

Axial 

. . 

2-600 

S  0/s  1  »  $  -i  aleo  random 
a 2'  at  ’  a2 

Table  5.1 


Three  different  approaches  for  calculating  fatigue  life 


.  Incremental  damage  theories, 

see  table  5.2 

■  stress 

.  Similarity  approach  based  on 

strain 

'  stress  intensity  factor 

.  Interpolation  methods 

Table  5*3  Some  test  caees  for  the  eignificance  of 
cumulative  damage  theories 


•  Aspect e  of  the  physical  relevance  of  a  theory 
a  crack  nucleation  and  crack  growth 

b  residual  etreee 
£  other  damage  parameters 
d  simple  setpuence  effects 

•  Aspectb  of  the  practical  usefulness  of  a  theory 
e  1.  prediction  of  life  until  visible  cracks 

2.  prediction  of  macro  crack  propagation 
f  complicated  sequsnce  effectt 
g  effect  of  a  change  of  the  load  spectrum 
h  effect  of  a  few  high-amplitude  oycles 
effect  of  many  low-amplitude  cycles 


STARTING  FRDM  DAMAGE  ACCUMULATION 


Table  6,1  Survey  of  aircraft  fatigue  problems  (Rsf.78) 


DESIGN  PHASE 


Design 
efforts 

l 


Estimations 

Calculations'! 

testing 


,  Type  of  structurs,  fail-safe  characteristics 
.  Joints 
,  Detail  design 
.  Materials  selection 
.  Surface  treatments 
.  Production  techniques 


,  Airworthiness  requirements 


.  Prediction  of  fatigue  environment 
mission  analysis 
load  statistics 
required  target  life 


,  fynamic  response  of  the  structure 


,  Estimation  of  fatigue  properties 

fatigue  lives  O 

crack  propagation  O 

fail-eafs  strength 
,  Erploratory  fatigue  tests  for 
design  studies 
Support  of  life  estimates 


CONSTRUCTION  OF  AIRCRAFT  PROTOTYPES 
TEST  FLIGHTS 


.  Load  measurements  in  flight 

•  Proof  of  satisfactory  fatigue  properties  by 
testing  components  or  full-etructurs 

•  Allowances  for  service  environment  O 

•  Structural  modifications 

.  Inspection  procedures  for  use  in  service 


AIRCRAFT  IN  SERVICE  •  Load  measurements  in  service  O 

.  Corrections  on  predicted  fatigue  properties  O 
.  Cracks  in  service,  relation  to  prsdcticvi  O 

—  „  j-  -  - 

•  wiiautaiua  mvuAt  AuoiiXUiiO 


Problems  involving  aspects  of  fatigue  damage  accumulation  are  indicated  by  o 


1 


1 


O  0 


FATIGUE 

LIFE 


CRACK 

PPOPAITATinN 

DATA 


RESIDUAL 

STRENGTH 


y  - 

INFORMATION  FOR  FAIL-SAFE 
QUALITY 


TABLE  6.2  SEVERAL  PHASESOF  ESTIMATING 
FATIGUE  PROPERTIES 


3-70 


Table  6.3  Various  aspect®  of  the  airoraf t  fatigue  environment  (Ref. 78) 


Load-time  history  .  MiBeion  analysis,  flight  profiles 
.  Fatigue  loads 
gusts 
manoeuvres 
GTAC 

ground  loads 
acoustic  loading 
etc. 

.  Statistical  description  of  fatigue  loade 
Counting  of  peaks,  ranges,  etc. 

PSD  approach 

Unstationary  character  of  environment 
Scatter  of  environment-.!  conditions 
•  Sa _f.\en ce  of  fatigue  loads 
.  Loading  rate 

Time-history 
Have  form 
Rest  periods 


Temperature-time  .  Fatigue  at  low  and  high  temperature 

history  .  Thermal  stresses 

.  Interaction  creep-fatigue 


Chemical  .  Corrosion,  influence  on  crack  initiation 

environment  crack  propagation 

.  Interaction  stress  corrosion- fatigue 


Table  6.4 


Basic  Elements  of  iangue  life  estimating 
procedures  in  the  design  stage 


c.  Estimated  service  load-time  hiBtory 
b  Strut ture,  component i  dlneneione  and  material 
c  Available  fatigue  data 
d  Fatigue  life  calculation  theory 
e  Additional  fatigue  teste 


wmmm 


i 


mutmmmm 


A 


Table  6.7  Procedure!  for  estimating  crank  propagation 
rates  in  the  deeigr.  stage 


Starting  point 

Type  of  data 

Available  crack 
propagation  data 

Data  from  constant-amplitude  tssts 

Data  from  flight-simulation  tests 

Experience  from 
previous  design 

Data  from  panel  tests  of  full-ecale 
fatigue  teete 

Testing  of  new 
component  or  l'ull- 
ecale  structure 

Table  7,1  Survey  of  fatigue  epecimene 


Type  of  specimen 

Remarks 

Unnotched  specimen 

Kt  ~1 

Simple  notched  specimen 

EXamlee)  Edge  notched  specimens, 

epecimene  with  central  notch. 

Specimens  mainly  characterized  by 
K^-value  and  notch  root  radius  r. 

Simple  joint  specimen 

Lap  joint,  etrap  joint,  either 

riveted  or  bolted. 

Lug  type  specimens. 

Component 

Part  of  a  structure,  full  size, 

EXamplesi  joint,  skin  panel  with 

fatigue  critical  details,  brackets, 

etc., 

Full-ecale  etructure 

Large  part  of  an  aircraft  etructure. 

EXampleei  wing,  fuselage,  empennage, 

or  large  parts  of  thees  items,  for 

instance  noee  section  of  fueulage, 

tailplane,  etc. 
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Tab 1a  7.2  Survey  of  different  types  of  fatigue  trouble  in  Bervice  (Rsf.195) 


Ttype  of  fatigue  trouble 


Inefficient  fatigue  strength 


Safe-life 


Fail-aafo 


co  up  one  nt 


component 


Possible  consequence 


Catastrophe 


Expensive  repair 


Deficiencies  of  the  detail  design 


Fatigue  cracke  in  components  that  were 
assumed  to  carry  no  cyclic  load 

Fatigue  cracks  in  secondary  structure 


Extra  maintenance 
by  repair,  modification 
or  replacement 


Fatigue  cracks  due  to  incidental  service  damage 


Depends  on  type  of  component 


t 

i 

I 


FIG.  2.1  PERCENTAGE  OF  FATIGUE  LIFE  COVERED  BY  CRACK  PROPAGATION  IN  2024- T3 
SPECIMENS  UNTIL  A  CRACK  LENGTH-? HAS  BEEN  REACHED  (REF.  7). 

TESTS  AT  R  =  0 


FIG.  2.2  THREE  PHASES  IN  THE  FATIGUE  LIFE. 


10  CYCLES 


LOADING  PROGRAM 


NEGATIVE  PEAK  LOAD 


FIG.  2.3  ELECTRON  MICROGRAPH  FROM  A  FRACTURE  SURFACE  OF  A  FATIGUE  CRA^K.(RCF.8) 
PROPAGATION  FROM  LEFT  TO  RIGHT.  MATERIAL  2024  -T  3  ALCLAD  SHEET. 

EACH  STR1ATION  CORRESPONDS  TO  A  SINGLE  LOAD  CYCLE. 


rs*T  -  '***>  Yi  ri 'Sr* “  *,-'Kvr",1r‘,|^’’--it-^a>'  -jl--  -  -'*■  '**•■**  ;v--  .^,  .-* 


DIRECTION  OF 
LOADING 


SUCCESSIVE 
POSITIONS  OF 
CRACK  FRONT 


\  45° 

A~'\  DIRECTION  of 
CRACK  GROWTH 


TENSILE 

MODE 


SHEAR 

LIP 


SHEAR 

MODE 


THICKNESS 


FIG.  2.4  THE  SURFACE  OF  A  FATIGUE  FRACTURE  IN  SHEET  MATERIAL  DURING  THE 

•  uPiTiAki  r-rvr\»i  Tur  TCiifli  C  4iAr>C  /OOO  urvPvC  \  TA  TUC  CUP  A  D  JutnnP 
I  A«noi  i  iwn  i  iwjivi  ihl.  iliwill  i«wml  ^v  /  tv  .*  .w 

(45°  MODE),  SEE  ALSO  FIGURE  3.5. 


2024- T  3  SHEET  SPECIMEN 
WITH  FATIGUE  CRACK 


STRESS  S 


STATIC  MEASUREMENT  OF  CRACK  OPENING 


k 


FIG.  3.2  CRACK  EXTENSION  AS  EFFECTED  BY  THE  LOAD  HISTORY.  INTERACTION  MECHANISMS. 


NUMBER  OF  KILOCYCLES 


FIG.  3.3  THE  DELAYING  EFFECT  OF  PEAK  LOADS  ON  CRACK  PROPAGATION  IN  2024- T3 
ALCLAD  SHEET  SPECIMENS,  WIDTH  160  mm,  THICKNESS  2  mm  (REF.  27). 


3-80 


PLAS 


RESIDUAL 
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FIG. 
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FIG.  3.6  S-N  CURVES  FOR  CONSTANT  AMOUNTS  OF  CRACKING 
( l  IN  MILLIMETERS  )  AND  S  -  N  CURVE  FOR  COMPLETE  FAILURE  . 


CRACK 

LENGTH 


CRACK 

LENGTH 


TTmT 


B  APPARENT  ABSENCE  OF  INTERACTION  EFFECT  IN  TWO- STEP  TEST 


FIG. 4.  1  MACROCRACK  PROPAGATION,  INTERACTION  EFFECTS  IN  TWO- 
STEP  TESTS. 


FIG.4.2  SEVERAL  SIMPLE  TYPES  DF  VAVIABLE  -  AMPLITUDE  LOADING. 


FATIGUE  LOAD  HISTORIES. 


ROTATING 


ALLOY  SPECIMENS. 


FIG.  4.5  RESIDUAL  STRESS  NTRODUCED  BY  PRELOADING  IN  TENSION.  SPECIMEN  NOTCHED  BY  A  CENTRAL  HOLE 


Kt  *  3.5  A  CONSTANT -AMPLITUDE  TESTS  ON  TI-ALLDY  SPECIMENS  (  R  =0.1 ) 

RESULTS  FRDM  BOISSON  AT  (  RE  F.46 ) 


Srms  (  kg/ mm  ^  ) 


PRELDADED 
TD  31.7  kg  /  mm 


CYCLES 


Kt  a  2.96 


B  NARRDW  -  £!ANO  RANDCM  LOAD  TEST  ON  AL-ALLDY  LUG  SPECIMENS 
(Sm  =  10  kg/mm2)  RESULTS  FROM  KIRKBY  AND  EDWARDS  (REF.50) 


FIG.4.6  the  effect  of  a  preload  on  fatigue  curves  for  constant -amplitude 

LOADING  AND  NARROW- BAND  RANDOM  LOADING. 


POSITIVE  PRELOAD 


HUBBlIiSiiiill 

wmmSSmm 


o  SIMPLE  LUG 
•f  CHANNEL  SPECIMEN 
]  X  TRANSVERSE  HOLE  SPECIMEN 
(  BAR  MATERIAL) 

•  WING  JOINTS 

£>  SPAR  failureImetedr 

^7  SKIN  FAILUREJ  TAILPLANE 


MEAN  STRESSES  8.4  -  14.2  kg/mm  " 

STRESS  AMPLITUDES  2.7  -  5.4  kg/mm2 

N  W1THDUT  PRELOAO  80kc  TD  850  kc  EXCEPT  PDR  0  (7700  kc) 
RESULTS  REPDRTEO  BY  HEYWDDD (REF.  47) 


FIG.  4.7  EFFECT  OF  THE  MAGNITUDE  OF  A  PRELOAD  ON  FATIGUE  LIFE  UNDER 
CONSTANT -AMPLITUDE  LOADING. 
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CENTRAL  HOLE,  K,  »  2.S 

'  F 


LOAD  HISTORY  (P> 


STRAIN  HISTORY  MEASUREO 
AT  ROOT  OF  NOTCHEO  ANO 
APPLIEO  TO  UNNOTCHED 
SPECIMEN  (£) 


STRESS  HISTORY 


j  OERIVED 
FROM 

PLASTIC  STRAIN  f UNNOTCHEO 
5PF.CIMEN 
BEHAVIOUR 


FIG.  4.8  DETERMINATION  OF  RESIDUAL  STRESS  AT  THE  ROOT  OF  A  NOTCH  DURING  A 
SIMPLE  FLIGHT-SIMULATION  LOADING 


TEST 

SERIES 


LOADING  SEQUENCE 


REMARKS 


FATIGUE 
LI  Ft 

(PERIDDS) 


EACH  RESULT  IS  THE  MEdUn  OF  7  TESTS. 

■  I 

FIG.  4.9  THE  EFFECT  OF  PERIODIC  HIGH  LOADS  ON  THE  PROGRAM  -  FATIGUE  LIFE  OF 
7075-.T6  RIVETED  LAP  JOINTS.  ' 


TEST 

SERIES 
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SEQUENCE  o 


SEQUENCE  b  (HIGHER  GUST  AT 
ENO  OF  FLIGHT) 


STRESS 


SPECIMEN  :  RIVETEO  LAP  JOINT,  2  ROWS  OF  5  RIVETS,  2024-T3  MATERIAL 


CYCLES  PER  FLIGHT  (X) 

5 

10 

49 

99 

999 

a 

19  740 

m 

S8  400 

S9  8S0 

1 2S 800 

CYCLES  b 

m 

SI  500 

55431 

84600 

LIFE 

0 

3  290 

2762 

■ns 

598 

126 

FLIGHTS  b 

3733 

2S77 

m 

S$4 

85 

mm 

0.44 

l 

/N  b 

HI 

jii 

0.38 

mtm 

ALL  OATA  ARE  THE  MEAN  OF  THREE  TESTS 

FOR  GUSTS  ONLY  N  =  20S300  CYCLES.  FOR  GTAC  ONLY  (S  -  21.7  ANO  S  .  =  2.S  kg/mnt2) 

max  min 

N  ,  7360  CYCLES 

RESULTS  REPORTEO  BY  BAR  ROIS  (REF.  70  ) 

FIG.  4.11  THE  EFFECT  OF  GROUND-TO-AIR  CYCLES  ON  THE  FATIGUE  LIFE  IN  A 
SIMPLIFIED  FLIGHT  SIMULATION  TEST. 


MATERIAL 

S  ■  IN  GTAC 

min 

LIFE 

LG  Au  Sr  cC  i  kum 

(  kg/mm  2 ) 

(FLIGHTS) 

7075- T6 

SEVERE  GUST  SPECTRUM 

0 

-7.0 

2699 

1  334 

FAIRLY  SEVERE  SPECTRUM 

0 

>52000 

Ti-8AI— IMo— 1 V 

REPRESENTATIVE  OF  A  SUPERSONIC 

-10.S 

16600 

TRANSPORT.  TESTS  AT  ROOM  TEMPERA  - 

TURE 

-21.1 

8  500 

707S-T6  SHEET  SPECIMENS,  TWO  EOGE  NOTCHES,  K,  =  4 

Ti— SAl-IMo-l V,  Ti  ALLOY  SHEET  SPECIMENS,  QUASI  ELLIPTICAL  HOLE,  Kf  *  4 
ALL  DATA  ARE  THE  MEAN  OF  5  -  7  TESTS 

RESL  "  S  REPORTEO  BY  NAUMANN  (REF.  67)  ANO  BY  IM!G  ANO  ILLG  (REF.  80). 


FIG,  4.12  THE  EFFECT  OF  THE  MINIMUM  STRESS  OF  THE  GROUND-TO-AIR  CYCLE 
ON  THE  FATIGUE  LIFE  IN  RANDOM  FLIGHT  SIMULATION  TESTS. 
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MATERIAL 

CRACK  PROPAGATION  LIFE  (FLIGHTS) 

RATIO 

WITHOUT  GTAC 

WITH  GTAC 

7075-T6 

7518 

5062 

15 

2024-T3 

20869 

11781 

1.8 

SHEET  SPECIMENS  WITH  A  CENTRAL  CRACK,  SPECIMEN  WIOTH  160  mm. 

CRACK  LIFE  COVERS  P ROPAGATION  FROM  2 1=  20  mm  TO  COMPLETE  FAILURE. 

FLIGHT  SIMULATION  LOAOING  WITH  GUST  SPECTRUM,  Sm  ■  7.0  kj/mn.3,  Smin  IN  GT AC  .  -3.4  kg/mm2 
ALL  OATA  ARE  MEAN  RESULTS  OF  4  TESTS. 

RESULTS  REPORTEO  BY  SCHIJVE,  JACOBS  AND  TROMP  (RFFS.  77,  78) 

FIG.  4.13  EFFECT  OF  THE  GTAC  ON  CRACK  PROPAGATION  LIFE  UNDER  FLIGHT 
SIMULATION  LOADIN''. 


2024-T3  SPECIMENS 
WITH  2  HOLES 


STRESS 


S 

m 


o 


N 


N 


a  0.90 


RESULTS  REPORTEO  BY  Y^LLGREN  (REF.  81),  MEAN  VALUES  OF  9  TESTS 


FIG.  4.14  TWO-STEP  TESTS  WITH  DIFFERENT  WAYS  FOR  CHANGING  THE  AMPLITUDE 
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t 

i 


s 


o,  marc 


75  kg/ 


56  kg/ mm 


2 


Cr-STEEL,  SPECIMEN 
WITH  CENTRAL  HOLE 
LOAOED  IN  PLANE 
BENDING,  Sm  =  0 

SERVICE  LIFE  OBTAINED 
IN  FATIGUE  MACHINE 
MOUNTED  IN  A  VOLKSWAGEN 

RESULTS  FROM 
GASSNER  AND  LIPP  (REFS, 
94,  9S),  MEAN  VALUES 
DF  10  TESTS. 


FIG.  4.15  EFFECT  OF  SIZE  OF  PERIOD  ON  PROGRAM  FATIGUE  LIFE  AND  COMPARISON 
WITH  RANDOM  LOAD  FATIGUE  LIFE 


AL  (REFS,  30,31),  MEAN  VALUES  OF  3  -  4  TESTS, 


AMPLITUDE/SEQUENCE  IN  ONE 
PERIOD 


FIG.  4.17  THE  EFFECT  OF  THE  AMPLITUDE  SEQUENCE  ON  THE  FATIGUE  LIFE  IN  PROGRAM 
TESTS. 
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FIG.  4.18  DIFFERENT  EFFECTS  OF  HIGH-AMPLITUDE  CYCLES  IN  PROGRAM  TESTS. 


RIVETED  JOINT 

S 

$3— VALUES 

LIFE 

RATID 

(kfl/mrr/) 

BELDW  FATIGUE  LIMIT 

PERIDDS 

CYCLES(KC) 

PERIOD/PERIOO 

CYCLE/CYCLE 

20  24 -T  3 

DOUBLE  LAP 

3.5 

3 

IS 

166000 

1.1 

160 

JOINT 

DMITTED 

16 

1040 

Kit 

1 

98 

3  080 

1.3 

3.3 

7075-T6 

tlhlftl  P  tTDAP 

■c 

OMITTED 

129 

900 

JOINT 

4.7 

2 

20 

107000 

1.7 

16 

OMITTED 

34 

6S00 

RESULTS  REPDRTEO  BY  WALLGREN  (REF.  83).  ALL  DATA  ARE  MEAN  VALUES  DF  2-4  TESTS. 


i 


FIG.  4.19  THE  EFFECT  OF  OMITTING  LOW-AMPLITUDE  CYCLES  FROM  A  PROGRAM  TEST  ON  FATIGUE 
LIFE  AND  TESTING  TIME. 
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NORMALIZED  POWER 
SPECTRUM 


a.  POWER  SPECTRA  NORMALIZED  TO  GIVE  UNIT  AREA  UNDER  THE  CURVE. 


NARROW  BAND 
IRREGULARITY  FACTOR 


BROAD  BAND 

IRREGULARITY  FACTOR  0.79 


b.  STRESS-TIME  HISTORY  FOR  NARROW-BAND  AND  BROAD-BAND  LOADING. 

FIG.  4.20  ILLUSTRATION  OF  THE  EFFECT  CF  THE  POWER  SPECTRAL  DENSITY  FUNCTION  ON 
THE  LOAD-TIME  HISTORY  (REF.  1C1 ) 


LOADING  (REFS  77,78) 


CRACK  PROPAGATION  LIFE  (o) 


FIG.  4.23  THE  EFFECT  OF  THE  CYCLE  SEQUENCE  IN  FLIGHT-SIMULA  i  ION  TESTS.  CRACK  PROPAGATION  TESTS  ON  SHEET  MATERIAL. 
(REFS.  77,  78) 


PERCENTAGE  INCREASE  OF  LIFE 

IN  FLIGHTS  CAUSED  BY 

INVESTIGATION  (o) 

OMITTING 

LDW- AMPLITUDE  CYCLES 

- 

DMITTING 

TAXIING  LOADS  (b) 

NAUM ANN 

(  1964,  REF.  67) 

6  %  AND  17  % 

GRASSNER  AND  JACOBY 
(  1964,  1965,  REF.  66,  73) 

150  % 

0 

BRANGER 
(  1967,  REF.  110) 

-  14  % 

-  23  % 

IMIG  AND  ILLG 
(  1969,  REF.  80) 

2  %  TD  12  % 

NL  R 

(SEE  FIG.  4.25) 

18  %  TO  93  % 

-  8  %  AND  +  16  % 

SCH1JVE  AND  DE  RIJK 
(1971,  t'FF.  *3) 

0  -  50  % 

(o)  FDR  MDRE  INFORMATION  SEE  TABLE  4.7 

(b)  Smin  IN  THE  GTAC  HAD  THE  SAME  VALUE  WITH  AND  WITHOUT  TAXIING  LDADS 


FIG.  4,24  THE  EFFECT  OF  OMITTING  LOW- AMPLITUDE  CYCLES  FROM  FLIGHT 
SIMULATION  TESTS. 


THE  EFFECT  OF  OMITTING 
CRACK  PROPAGATION  TES' 


RANDOM  FLIGHT -SIMULATION  TESTS  ON  2024-T3  ALCLAD  SHEET  SPECIMENS  WITH  A  CENTRAL  HOLE. 


o,mox 

(kg/tnm^) 


TAXIING 

LOADS 

gustsequEnse  . 

IN  EACH  FLIGHT 

A  A 

ND 

RANDOM 

O  • 

NO 

PROGRAMMED 

O  • 

YES 

RANDOM 

<ek 


Ml 


A 

/V 

mV 


y* 


CRACK  PROPAGATION  LI  F;  E  (FLIGHTS) 


ALL  DATA  PDINTS  ARE  MEAN  VALUES  OF  4-6  TESTS.  THE  CRACK  LIFE  COVERS  PROPAGATION 
FRDM  21  r  20  mrn  TO  COMPLETE  FAILURE,  SPECIMEN  WIDTH  160  m. 


FIG.  4.27  THE  EFFECT  OF  TRUNCATING  THE  GUST  LOAD  SPECTRUM  ON  THE  CRACK 
PROPAGATION  LIFE  IN  FLIGHT-SIMULATION  TESTS  (REFS.  77,  78) 
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» v-t  a.  ts-ng!'  o**.v  >.wr.<‘  'J.  ^WTT- 


LOG  BINOMIAL  DISTRIBUTION 


STEPPEO  APPROXIMATION 

s  /$ 

a  a,  max 

NUMBER  OF 
EXCEEOINGS 

i 

2 

0.95 

18 

0.85 

298 

0.725 

3018 

0.575 

23000 

0.425 

115000 

0.275 

395000 

0.125 

1000000 

c.  ENOURANCE  CURVE,  RESULTS  FROM  TESTS  WITH  OIFFERENT  S  VALUES,  BUT  SAME 

o ,  max 

S„  maj  Sm  RATIO. 

q,  max  m 

FIG.  4.28  ENDURANCE  CURVE  OBTAINED  IN  STANDARDIZED  PROGRAM  TEST 
ACCORDING  TO  GASSNER 


I— «j>t« 
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7075-T6  BAR 

TWO -HOLES  SPECIMEN,  Kf  .  3.6 
MANEUVER  SPECTRUM 
BRANGER,  1967  (REF.  110) 
(MEAN  RESULTS  OF  SIX  TESTS) 


CrNiMo  STEEL 

TWO-HOLES  SPECIMEN,  K,  *  2.3 
MANEUVER  SPECTRUM 
BRANGER  AND  RONAY  1960  (REF.  1121 
(MEAN  RESULTS  OF  SIX  TESTS) 


B— 1-1  Ti-ALLOY 
ELLIPTICAL  HOLE  SPECIMEN 
SUPERSONIC  TRANSPORT  SPECTRUM 
I  Ml  G  ANO  IKg,  1969  (REF,  BO) 

(MEAN  RESULTS  OF  3-9  TESTS) 


103  104  FLIGHTS  105 


707S-T6 

LUG-TYPE  SPECIMEN 
GUST  SPECTRUM 

n  erui  iT7  imn  /  occ  1 1 

W.  I  4.,  I  *  •  W  .  I  •  1/ 

(INDI VIOUAL  TEST  RESULTS) 


2024-T3  ALCLAO  O 
707S-T6  CLAO  • 

SHEET  SPECIMEN  FOR  CRACK 
PROPAGATION,  LIFE  FOR 
GROWTH  FROM  2 1 «  24  mm  TO 
2 1 1  60  mm 

SCHIJVE,  1971  (REF.  *4) 

(MEAN  RESULTS  OF  2-4  TESTS) 


FIG.  4,29  THE  EFFECT  OF  THE  DESIGN  STRESS  LEVEL  ON  FATIGUE  LIFE  UNDER  FLlGHT- 
SIMUl  ATION  LOADING.  S)  *  CHARACTERISTIC  Ig-STRESS  LEVEL  IN  FLIGHT, 


a  SUPERIMPCSEO 

VIBRATION  (Sa,»  Sa2) 


b.  VARYING  MEAN 
<Sal«Sa2' 

S 

m 


FIG.  4.30  TWD  TYPES  OF  SUPERIMPOSED  CYCLIC  LDADS. 


FIG.  5.1  ADJUSTED  S-N  CURVE  FOR  LIFE  CALCULATIONS  ACCORDING  TO  HA! BACH  (REF, 148) 
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l  (nun) 


o.  EXAMPLES  OF  DIFFERENT  CRACK  PROPAGATION  CURVES  b.  CORRESPONDING  K-VALUES 

d£  m 
d^’ CYCLE 


.01 


0.1 


1.0 


-Ci. 

CO 

I 


dn  CYCLE 

c.  CRACK  RATES  AS  A  FUNCTION  OF  K 


12 


z 

5 


UNIFORMLY  LOADED  PANEL 


t5 


WEOGE-FORCE  PANEL 


2t,  =  0  2  In. 

(9  5  cm) 

2  b  =  12  in 
(30  Cm) 

2  h  m  36  rn . 

(91  cm) 

2  e  0.5  in. 

(1.3  cm) 

2b  a  12'**. 

(30  cm) 

2h  a  5,  8,  12,  17,  23  in. 
(13,  20  ,  30  .  43,  64  cm) 


d  DIMENSIONS  OF  7075-T6  SHEET  SPECIMENS 
•  -  0  09  in,  r  K  INITIAL  CRACK  LENGTH 
TESTS  AT  R  -  0.05 


FIG.  5.4  A  COMPARISON  BETWEEN  THE  CRACK  RATES  IN  UNIFORMLY  LOADED  AND 
WEDGE  -  FORCE  LOADED  SPECIMENS 
RESULTS  FROM  FIGGE  AND  NEWMAN  (REF.  164). 


FIG.  6.2  STRAIN  GAGE  RECORDS  OF  THE  WING  BENDING  MOMENT  OF  2  AIRCRAFT  FLYING 
IN  TURBULENT  AIR  (REF.  174) 
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POSITIVE  RANGERS  r,,  rs,  r7 
NEGATIVE  RANGERS  fj,  r4,  t(>l  rfi 


RANGE  COUNT  METHOD 


O  FIRST  COUNTING  CONDITION,  r>+ 

•  SECOND  COUNTING  CONDITION  |-r|  >  |  r, 


RANGE-PAIR  EXCEEDANCE  COUNT 


FIG.  6.3  SEVERAL  COUNTING  METHODS  FOR  A  STATISTICAL  DESCRIPTION  OF  A  LOAD-TIME 
HISTORY.  NAMES  OF  METHODS  AFTER  VAN  DIJK  (REF.  T76  ) 


FIG.  6.4  DIFFERENCES  BETWEEN  GUST  AND  MANEUVER  SPECTRA 


MAXIMUM 


b.  FIGHTER  AIRCRAFT. 

FIG.  6.5  TWO  SIMPLIFIED  EXAMPLES  OF  ESTIMATED  FLIGHT-LOAD  PROFILES  FOR  THE 
AIRCRAFT  WING  ROOT  STRUCTURE. 


FIG.  7.1  SOME  FATIGUE  TEST  LOAD  SEQUENCES,  MAIN  VARIABLES  AND  TESTING  PURPOSES. 
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THESE  LOADS  ARE  REDUCED,  TO 

LOAD 

AMPLITUDE 


1  10  102  103  104  105  106 

NUMBER  OF  EXCEEDINGS  IN 
IN  THE  TARGET  LIFE  OF  THE 
THE  AIRCRAFT 


FIG.  7.4  EXAMPLE  OF  TRUNCATING  THE  INFREQUENTLY 

OCCURRING  HIGH  AMPLITUDES  OF  A  LOAD  SPECTRUM. 
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A  “  -  -  ■  r~ 


CRACK 

LENGTH 


STRINGER 


200  100 


SPAR  WEB 


OOO R  COAMING 

/ 

s 

r 

\ 

7L.L. 

r 

A  B  C  . 

LIFE  (1000  FLIGHTS) 

R:  ■,  CERTIFICATION  TESTS 

LL  :  :  CRACK  EXTENSION  OUE  TO  LIMIT  LOAD  APPLICATION  AT  END  OF  CERTIFICATION  TESTS 

A,  B,  C  :  PERIOOS  OF  SUBSEQUENT  RESEARCH  PROGRAM 
A  LOW— AMPLITUOE  GUST  CYCLES  OMITTED 

B  LOWER  TRUNCATION  LEVEL 

C  iLOAD  LEVELS  INCREASEO  25  PERCENT 


FIG.  7.5  THE  EFFECT  OF  LIMIT  LOAD  APPLICATION  ON  CRACK  PROPAGATION. 


PERIODS  AND  NUMBERS  OF  SEVERAL  TYPES  OF  AIRCRAFT  FATIGUE  LOADS  (REF.  195).  ORDERS  OF  MAGNITUDE. 
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EFFECTS  OF  TEST  FREQUENCY  ON  FATIGUE  CRACK  PROPAGATION  UNDER  FLIGHT-SIMULATION  LOADING 

J.  Schijve 

National  Aerospace  Laboratory  NLR,  Sloterweg  145i  Amsterdam,  The  Netherlands 

SL'iJtARY 


In  a  recent  test  program,  fatigue  crack  propagation  in 
2024- Tj  and  7075-T6  sheet  material  was  studied  at  three 
test  frequencies,  vis.  10,  1  and  0.1  cycles  per  second. 

The  flight-simulation  loading  was  based  on  a  gust  spectrum. 
The  design  stress  level  was  adopted  as  a  second  variable 
of  the  investigation.  Differences  between  che  crack  propa¬ 
gation  rates  at  the  three  test  frequencies  were  small  and 
unsystematic.  The  propagation  was  much  Blower  than  predict¬ 
ed  from  constant-amplitude  test  data.  Moreover,  ths  macro¬ 
cracking  behaviour  appeared  to  be  different.  In  the  dis¬ 
cussion  attsntion  is  paid  to  interaction  with  environmental 
effects  and  to  implications  for  practical  problems  of 
aircraft  fatigue. 


LIST  OF  SYMBOLS 


CTAC 

K 

^Ibcc 

di/dn 

N 

•’30  '  N12 
Sa 

S 

a, max 


ground-to-air  cycle 
stress  intensity  factor 

threshold  X  value  for  stress  corrosion  cracking 
half  cracit  length,  see  figure  1 
cracK  propagation  rate 
life 

cracK  propagation  life  covered  by  crack  growth  from  -P  =  12  mm  to  £=  30  mm 
stress  amplitude 

maximum  stress  amplitude,  applied  in  flight-simulation  test  (truncation  level) 
mean  stress  in  constant-amplitude  test,  or  (particularly  in  this  paper) 
mean  stress  in  flight  during  flight-simulation  test 


UNITS 

cps  cycles  per  second 

2  2 
stress  1  Kg/mm  ■  1.422  /;si  &  9*31  Ml/m 

crack  length  1  mm  -  0.0394  inch,  1  inch  *  29.4  mm 

crack  propagation  rate  1 /x /f 1  -  1  micron  per  flight  -  0.001  mm  per  flight 


1  INTRODUCTION 


A  comparison  between  fatigue  in  an  aircraft  structure  ir*  service  and  fatigue  in  a  laboratory  specimen 
reveals  significant  differences.  The  more  important  ones  a'-c  to  be  related  to: 
a  uoad  sequences 
b  Teat  article 
c  I nadinf  rates 
d  Environment 

A  survey  o*  the  effect  of  the  loud  sequence  on  fatigue  life  end  erucx  propagation  was  re.mily  given  in 
reference  !.  It  turned  out  that  there  was  no  unique  relation  betwen  fatigue  under  different  load 
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sequences.  As  an  example,  the  fatigue  lives  and  the  crack  propagation  curves  obtained  in  a  program  tsst 
with  a  long  period  and  in  a  random  load  tsst  with  the  same  peak  load  distribution  function  could  bs 
considerably  different.  i.Ven  the  cracking  mechanism  could  be  different  (Ref. 2).  Tbs  apparently  trivial 
conclusion  is  that  quantitatively  realistic  information  on  fatigue  properties  should  be  drawn  from  tests 
with  realistic  load  sequences.  For  many  parts  cf  an  aircraft  structurs  this  implies  a  mixture  of  stochastic 
loads  and  deterministic  loads,  that  means  a  flight-simulstion  test.  Fortunately,  the  present  time  fatigue 
machines  are  capable  of  applying  complex  load-time  histories. 

With  respect  to  the  test  article,  it  ie  now  generally  recognized  that  a  tset  on  a  full-scale  component  or 
structure  will  give  more  relevant  information  than  a  test  on  a  simple  specimen.  As  a  consequsncs,  it  is 
fairly  common  to  carry  out  a  flight-simulation  teBt  on  a  full-scale  structure  (Ref. 3),  Unfortunately,  it 
is  impracticable  to  carry  out  a  flight-simulation  test  at  the  loading  rates  occurring  in  service,  in  view 
of  unacceptably  long  testing  times. 

In  order  to  explore  the  effect  of  the  loading  rate,  flight-simulation  tests  were  carried  out  on  aluminium 
alloy  sheet  specimens  at  three  different  load  frequencies,  Crscic  propagation  was  investigated  only.  This 
aspect  is  a  significant  one  for  establishing  safe  inspection  periods  for  service  use  as  part  of  the  fail¬ 
safe  concept.  If  the  losd  frequency  is  decreased,  the  time  available  for  environmentally  assisted  crack 
growth  increases.  In  principle  a  frequency  effect  may  always  be  related  to  an  environmental  effect.  Ths 
present  paper  summarizes  the  results  of  ths  test  program,  including  a  brief  discussion  of  several  aspects 
involved.  Fully  detailed  results  were  presented  in  an  NLR  report  (Ref. 4). 

2  TEST  FhOCKAM 

2.1  The  variables 

Crack  propagation  in  sheet  specimens  ( Fig. 1 )  was  studied  under  flight-simulation  loading  (Fig.2). 

The  variables  adopted  are  shown  in  the  table  below. 


Materials 

frequencies 

(cycles  per  second) 

Design  stress  levels  as 

Characterized  by  ths  mesn 

stress  in  flight 

2 

kg/mm  icsi 

2024-T3  Ale  lad 

10 

10  14.2 

7075-1(5  Clad 

1 

3.5  12.1 

0.1 

7.0  10.0 

6.5  7.3 

4.0  5.7 

2.2  The  fatigue  load*,  in  the  flight  simulation  tests 

The  design  stress  level  is  characterized  by  the  mean  stress  in  flight  (Sffl)  and  ths  values  adopted  cover 
a  wide  range.  The  amplitudes  of  the  vanouB  gust  cycles  are  all  proportional  to  as  illustrated  by  the 

gust  load  spectrum  in  figure  3.  This  spectrum  applies  to  all  test  series  with  different  S^,  values, 
tor  empirical  reasons,  the  gust  load  spectrum  was  approximated  by  a  stepped  function,  sss  figure  3,  The 
truncation  level  (Ref. 5)  “as  chosen  to  be  3&  =  1.1  Sm,  that  means  that  all  higher  amplitudes  were 

reduced  to  this  level.  A  higher  truncation  level  might  have  led  to  unrealistically  slow  crack  propagation 
(fief-5),  but  it  should  be  said  that  the  present  choice  to  some  extent  was  arbitrarily  made. 

Taxiing  loads  were  not  applied  since  a  previous  investigation  had  shown  (Fsf.5)  that  these  loads  do  not 
contribute  to  crack  growth  if  they  occur  in  compression.  However,  since  taxiing  loads  increase  the  stress 
range  of  the  ground-to-air  cycle  (C7AC),  thp  minimum  stress  during  the  GTAC  was  chosen  st  a  relatively 
mere  severe  level  than  would  appaientlv  be  required  from  a  static  point  of  view.  The  minimum  stress  in 
all  GTAO  was  -  ''.433  3^. 
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The  load  epectrum  was  distributed  over  ten  different  flighte  (A-K),  each  characterised  by  its  own  spectrum 
varying  from  "good  weather"  to  "stornC  conditione.  The  procedure  for  doing  so  was  previously  adopted  in 
reference  5  and  is  described  tbere  in  more  detail.  The  aim  wae  to  have  a  more  or  leee  eimilar  shape  of  the 
load  spectrum  for  all  typee  of  weather  conditions.  The  severity,  however,  was  different  for  each  type  of 
weather.  Quantitative  data  on  the  lo-d  epectra  are  given  in  table  1. 

The  sequence  of  the  flights  (types  A-K)  wae  selected  at  random  by  a  computer,  with  the  exception  of  the 
raoet  severe  flighte.  Ae  theee  flighte  may  have  a  predominant  effect  on  crack  growth,  they  were  uniformly 
distributed  over  the  total  sequence  of  flighte  in  order  to  avoid  that  the  severe  flights  had  a  chance  to 
cluster  together. 

A  sample  of  the  load  history  applied  in  the  tests  is  shown  in  figure  2.  In  each  flight  guet  loads  are 
applied  in  a  random  sequence.  Each  up  gust  is  followed  by  a  down  guet  and  vies  versa.  However,  the 
amplitudes  of  successive  up  and  down  guete  are  not  necessarily  equal.  A  computer  has  randomly  selected 
half  cyclee  from  the  required  load  spectrum  (random  half  cycles  " restrained"  ,  after  Neumann)  (fief.6). 

All  flighte  of  the  same  type  have  the  earns  load  epectrum,  but  in  general  they  will  have  a  different  guet 
load  sequence.  After  5000  flighte  being  applied,  the  earns  block  of  flights  was  repeated  periodically.  In 
view  of  the  random  sequence  of  the  flightB  and  the  gust  loads  in  each  flight,  the  repetition  of  euch  a 
large  block  of  flighte  is  thought  to  be  irrelevant  with  reepect  to  the  random  character  of  the  load  time 
history. 

2.3  Experimental  details 

The  aluminium  alloys  adopted  are  representing  the  two  moet  widely  used  eheet  materials  in  present  day 
aircraft.  The  specimens  were  cut  from  sheets  with  a  nominal  thickness  of  2  mm.  The  static  properties 
(rolling  direction)  are  given  below. 


Material 

S0.2 

2 

(kg/mm  )  (ksi ) 

IS 

u 

(kg/mm  ) 

(kei) 

Elongation  ( %) 

(50  mm  gage  length) 

2024-T3  Alclad 

35.6 

50.6 

47.3 

6  7.3 

13 

7C75-T6  Clad 

50.2 

71.4 

56.4 

30.2 

14 

The  dimensions  of  the  specimens  are  shown  in  figure  1.  Each  specimen  wae  provided  witn  a  central  crack 
starter  and  a  number  of  line  markings  for  rscording  of  the  crack  growth.  Originally,  the  specimens  were 

2  ft 

pre-cracksd  under  conetant-amplltude  loading  (£>m  +  =*  5+5  Kg/mm  )  from  £  -  1.5  mm  to  -C  »  10  mm. 

Later  on  the  specimens  were  provided  with  longer  saw  cuts,  corresponding  to  {»  3  im  and  flight-simulation 
loading  started  without  fatigue  pre-cracking. 

All  teete  were  carried  out  in  an  NTS  fatigue  machine  with  a  maximum  capacity  of  25  tons.  The  electro- 
hydraulic  closed  loop  system  for  controlling  the  fatigue  load  is  fed  by  a  special  device,  called  PACE 
(Programmed  Amplitude  GQierator)  developed  at  if  lit.  The  sequence  of  amplitudes  and  the  CIAC  arc  represented 
by  a  series  of  digital  code  numbers  on  a  magnetic  tape  containing  sufficient  information  for  40C0C  flighte. 
In  all  flight-simulation  tests  two  specimens  were  tested  in  series,  which  almost  halved  the  testing  time, 
scatter  between  similar  teete  wae  low  as  ie  usual  for  crack  propagation.  In  some  tests  the  fully  cracked 
specimen  wae  replaced  by  a  dumrqy  specimen  for  completing  the  test  on  the  6ecor.d  one. 

In  order  to  prevent  buckling  of  the  Bpecimene  two  felt  covered  aluminium  alloy  piates  were  used  a3  anti- 
buckiing  guides,  ae  described  in  reference  5*  The  platee  were  provided  with  windows  for  observing  the 
crack  growth  (Fig. 4).  Ths  specimens  were  provided  with  fine  line  markings.  If  the  tip  of  a  crack  reached 
euch  a  line  the  corresponding  number  of  flights  waB  recorded.  In  the  majority  of  the  teete  these  numbers 
were  ueed  for  the  evaluation  of  the  crack  propagation  data. 

Teete  carried  out  at  a  low  stress  level  or  at  a  low  frequency  consumed  much  testing  time.  Theee  tests  were 
run  overnight  or  during  the  weekend  without  supervision.  Crack  growth  ■ bservations  were  made  by  two  Nikon 
cameras  with  teleleneee.  Pictures  of  ths  cracKs  were  automatically  taken  during  the  more  severe  flights 
at  the  moment  that  the  specimens  were  st  maximum  load  (bm  +  b&  maJ()i  8ec  figure  4. 

A  third  method,  adopted  for  Borne  special  cases,  is  based  on  determining  the  positions  of  growth  bande  on 
the  fracture  surface  (Sec. 3). 
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Ths  tests  were  carried  jut  in  the  laboratory  without  any  special  means  to  control  the  temperature  and  the 
humidity.  These  two  quintitiee,  however,  were  conetantly  recorded.  It  turned  out  that  the  mean  temperature 
usually  was  in  the  range  of  22  to  25°  C,  while  the  mean  value  of  the  humidity  was  40  to  45  percent. 

2.4  Constant-amplitude  teets 

In  addition  to  the  flight-simulation  teets  a  small  number  of  constant-amplitude  teets  wae  carried  out. 

The  results  of  theee  tests  were  used  for  damage  ca.lculatione,  for  checking  the  validity  of  the  streee 
intensity  factor  conception  and  for  comparing  fracture  surfaces  with  thoee  obtained  in  the  flight-eimula- 
tion  teete. 

3  TEST  RESULTS 

Detailed  results  of  70  flight-simulation  teete  and  27  conetant- amplitude  teets  are  presented  in  reference  4. 

Here  only  a  summary  will  bB  given.  In  figure  5  the  crack  propagation  rate  in  microns  per  flight  is  plotted 

2 

ae  a  function  of  the  crack  length.  This  has  been  done  for  Sm  »  10  and  Sm  =■  3, 5  kg/mm  .  The  results  for  the 

three  frequencies  applied  (10,  1  and  0.1  cps)  are  quitB  erratically  distributed  in  a  narrow  scatter  band, 

without  noticeably  systematical  trends.  The  same  can  be  obeervsd  in  table  2,  where  the  crack  propagation 

lives  covering  two  crack  growth  intervals  (.{  from  12  mm  to  20  mm  and  l  from  20  mm  to  3^  mm)  are  compared. 

The  life  ratios  are  fairly  cloee  to  1,  and  do  not  show  a  systematic  trend. 

2 

For  Sm  »  7.0  and  5.5  kg/mm  a  test  at  0.1  cyclee  par  second  would  have  required  about  1300  and  4500  hours 
for  the  2024-T3  alley  and  about  900  and  1300  houre  for  the  7075-T6  alloy.  This  wae  considered  to  be  pro¬ 
hibitive  and  it  was  decided  to  determine  only  smaller  parts  of  thB  crack  propagation  curves  for  these 
conditions.  In  a  test  at  10  cps  a  period  of  595  flights  was  carried  out  at  1  ops,  followed  by  a  similar 
psriod  at  0.1  epe,  after  which  the  test  was  completed  at  10  epa.  The  crack  extension  during  thB  two  lower- 
frequency  periods  was  deduced  from  fractographic  observations.  The  moat  sevt re  flights  with  the  maximum 
amplitude  (S&  max  »  truncation  level)  were  applied  at  regular  intervals,  see  section  2,2,  that  means  after 
each  119  flights,  Theee  severe  flighte  produced  a  dark  band  on  thB  fracture  surfaces  ae  shown  by  the 
pictures  in  figure  6,  measuring  the  spacing  between  the  bands,  crack  rates  were  derived  from  such 
pictures. 

The  results  were  plotted  in  figure  7  with  the  data  from  the  visual  crack  growth  observations  as  a  standard 

for  comparison.  The  accuracy  of  the  fractographic  observations  ie  oometimee  limited  due  to  ill-defined 

growth  bands.  Nevertheless,  it  appears  to  be  justified  that  the  data  in  figure  7  do  not  indicate  any 

2 

frequency  effect  at  all.  For  L'm  »  4.0  kg/mm  teets  were  carried  out  at  10  epe  only. 

The  effect  of  the  design  stress  level  ie  not  a  subject  of  this  paper  and  therefore  a  few  comments  will  be 
made  only.  Figure  5  already  illustrates  a  significant  effect  of  the  stress  level.  Crack  propagation  lives 
obtained  at  10  epa  at  all  five  stress  levels  employed  are  given  in  1  igure  3.  This  figure  umo«b  that  the 
effect  is  different  for  the  two  alloye. 

It  was  hoped  that  the  crack  rates  for  different  etrese  levels  could  be  correlated  by  the  stress  intensity 
factor  which  for  the  flight- simulation  teste  may  be  written  as  S  *  t  Sm V n {  ,  Unfortunately,  coinciding 
d{/dn  -  K  curvee  for  the  five  stress  levels  were  not  obtained,  on  the  contrary,  the  curvee  were  signific¬ 
antly  different.  For  the  constant-amplitude  teste,  however,  the  relation  di/dn  «  f-  (4K)  wae  clearly  con¬ 
firmed  once  again.  The  different  behaviour  for  the  two  types  of  teste  ie  further  analysed  in  reference  4, 

4  DISCUSSION 

4.1  The  frequency  effect 

The  results  shown  in  figures  5  and  ^  and  table  2  indicate  small  and  unsystematic  differences  between 
the  results  for  the  three  frequencies.  Two  questions  should  be  asked  nowi 
a  Is  the  absence  of  a  frequency  effect  in  the  flight-simulation  tests  a  logical  result? 
b  What  are  the  consequences  of  the  present  findings? 

Investigations  on  the  frequency  effect  as  reported  in  the  literature  (surveys  in  references  7,8)  were 
almost  exclusively  constant-amplitude  tests.  4n  exception  are  flight-simulation  teete  performed  by 
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Branger  (Ref.9)  on  light-alloy  specimens  notched  hy  two  holes.  He  found  a  slightly  lower  life  at  1,6  cpe 
as  compared  to  2,9  cpe.  Surprisingly  enough  he  found  a  reversed  frequency  effect  in  another  teet  series 
with  frequencies  of  3*5*  0.7  and  0.09  cps  respectively.  The  longer  life  was  obtained  at  the  lower  frequency. 
Trends  of  investigations  with  constant-amplitude  loading  will  be  summarized  below.  A  frequency  effect  may 
be  caused  by  environmental  effects  or  by  time  dependent  mechanisms  in  the  material  iteelf,  Moreover,  co¬ 
operation  of  different  mechanisms  appears  to  be  possible.  Considering  first  the  material  itself,  time 
dependent  raechaniems  could  be  associated  with  activities  of  dislocations,  changing  precipitated  zonee  and 
interactions  of  both.  Such  mechanisms  should  be  promoted  by  higher  temperatures  and  should  be  active  in 
oreep  as  well.  However,  the  present  alloys  at  room  temperature  appear  to  bs  well  below  the  creep  range. 

If  a  time  dependent  mechanism  i„  <hs  material  itself  would  be  active  it  should  be  so  especially  at  high 
stress  levels.  Data  from  constant-amplitude  teets  at  room  temperature  revealsd  a  small  frequency  effect 
only,  whereas  the  sffect  was  somewhat  larger  at  elevated  temperature  (eee  the  survey  given  by  Earrois  in 
reference  8).  In  the  present  investigation  there  is  no  tendency  for  longer  crack  propagation  in  the  tests 
with  the  highest  stress  level  (Sm  =  10  kg/mm  )  and  the  lowest  frequency  (0.1  cps). 

The  environmental  effect  on  crack  propagation  in  aluminium  alloys  was  studied  in  several  investigations 
(Refs  10-20).  Environments  employed  may  be  divided  in  four  groups; 

1 .  Aqueoue  NaCl  solutions 

2.  Distilled  water 

Humid  gaseous  environments  (air,  oxygsn,  inert  gas) 

3.  Dry  gaseous  environments 

4.  Vacuum. 

Maximum  crack  rates  were  found  in  the  fir 't  and  minimum  crack  rates  in  the  last  group.  Three  different 
types  of  mechanisms  may  be  indicated,  which  could  affect  fatigue  crack  growth. 

a.  Corrosion  fatigue 

b.  Stress  corrosion 

c.  Rewelding  of  the  crack  surfaces  (vacuum). 

Whereas  the  latter  one  will  delay  crack  growth,  the  former  two  mechanisms  are  deleterious.  In  a  particular 
case  it  may  be  difficult  to  separate  the  activitiee  of  corrosion  fatigue  and  strses  corrosion.  The 
corrosion  fatigue  is  understood  to  be  a  resolving  of  the  material  from  the  anodic  crack  tip  material, 
which  requires  an  aqueoue  solution.  This  will  occur  at  any  stress  level  and  it  will  be  time  dependent. 

In  general  terme  the  contribution  of  etreee  corrosion  to  crack  growth  ie  supposed  to  be  a  lowering  of  the 
strength  of  metallic  bonds.  Hence  it  Bbould  be  dependent  on  the  stress  intensity  at  the  tip  of  the  crack. 

If  the  intensity  iB  below  '^iocc*  crack  growth  will  not  be  assisted  by  stress  corrosion.  If  K  >^Iaoci 
accelerated  crack  growth  should  be  expected  at  lower  frequencies.  For  Al-alloy  sheet  material  Kjbcc  will 
be  large  enough  to  avoid  a  contribution  of  etre' s  corrosion.  However,  for  forgings  of  Al-al3oyB  if  ioaded 
in  ths  unfavourable  short-transverse  direction  a  contribution  will  be  possible  and  it  might  even  predomi¬ 
nate  fatigue, 

A  frequency  effect  should  also  be  expected  if  it  requires  some  time  for  ths  environment  to  reach  the  tip 
of  the  growing  crack  (Ref. 21),  or  if  diffusion  ie  involved.  In  thiB  respect  the  predominating  effect  of 
water  vapour  in  gaseous  environments  is  relevant,  as  shown  by  the  worit  of  Hartman  et  al.  (Refs  10-12)  and 
Bradshaw  and  Wheeler  (Refs  13-15).  It  should  be  said  that  the  mechanism  of  the  water  vapour  effect  is  not 
yet  fully  understood.  It  might  even  be  labelled  as  corrosion  fatigue.  Nevertheless,  crack  rates  in  dry 
sir  were  found  to  be  much  lower  than  those  in  humid  air.  The  effect  of  the  water  vapour  contents  of  the 
air  on  crack  propagation  was  frequency  dependent,  indicating  some  time  dependent  mechanism  to  be  active. 

For  the  preeent  investigation  it  may  be  deduced  from  references  11,  12  and  14  that  the  condit  ms  (room 
temperature,  4O-45  percent  relative  humidity,  frequency  range  0.1-10  cpe)  are  beyond  the  range  where  an 
important  frequency  effect  should  be  expected.  That  means  that  there  is  sufficient  water  vapour  available 
and  alec  sufficient  time,  even  at  10  cps,  for  an  almost  maximum  harmful  effect  of  the  water  vapour. 
Consequently,  the  constant-amplitude  test  data  predict  a  Bmall  effect  only,  if  any  at  all.  This  is  in 
agreement  with  the  resulte  of  the  flight-simulation  tests. 

There  wers  eome  reasons  why  it  was  desirable  to  check  empirically  the  frequency  effect  under  flight- 
simulation  loading. 


(1)  The  accumulation  of  fatigue  damage  under  such  a  complex  load  hietogy  may  be  different  from  what  it  ie 
under  constant-amplitude  loading.  Actually  it  is  different  as  will  be  diecuseed  later, 

{2)  A  previous  investigation  (Ref.22)  on  sheet  specimens  of  ths  sams  alloys  loaded  by  a  very  severe  flight 
simulation  loading  indicated  an  environmental  effect  for  the  7075  alloy.  Comparative  teets  were  carried 
out  indoore  and  outdoors.  Crack,  ratss  wbts  practically  tha  same  for  the  2024  alloy  ,  but  those  obtained 
outdoors  for  the  7075  alloy  were  about  1.5-2  times  faster  than  ths  indoors  rs6ulte.  The  outdoors  specimens 
were  subjected  to  rain  and  dew, 

(3)  The  a»sessmBnt  of  eafe  inspection  periods  for  an  aircraft  in  service  requires  that  safety  factors  are 
applied  to  crack  propagation  data  obtained  in  laboratory  teste  or  in  a  full-scale  fatigue  test,  A  meaning¬ 
ful  selection  cf  such  factors  cannot  be  made  without  some  direct  empirical  evidence. 

Orders  of  magnitude  of  the  duration  of  a  single  load  cycle  and  the  corresponding  frequencies  are  given  in 
figure  9*  Frequencies  employed  in  the  present  investigation  are  conforming  to  guete,  short-duration 
manoeuvres  and  taxiing  loads,  "^or  these  types  of  loads  tha  prBsent  investigation  suggests  that  a  frequency 
effect  in  a  gaseous  environment  may  be  expected  to  be  email  and  safety  factors  should  mainly  serve  for 
covering  scatter  in  material  properties  and  aircraft  load  apsctra. 

For  a  fuselage,  the  preesuneation  may  be  the  predominating  load  cycle.  This  cycle  has  a  veiy  long  period 
while  tha  variability  of  the  load  amplitude  is  much  smaller  than  for  a  wing  structure.  In  this  cass  some 
more  empirical  evidence  seems  desirable.  Unfortunately  testing  times  for  relevant  frequencies  are  extremely 
long. 

The  problem  ie  much  more  difficult  for  an  aqueous  environment,  Tha  empirical  evidence,  available  from 
constant -amplitude  teata  only,  indicates  that  crack  rates  in  diatilled  water  and  in  humid  air  are  quite 
similar,  whereas  crack  growth  in  salt  water  is  generally  faster.  The  problem  ie  to  find  out  whether  salt 
water  could  be  present  in  fatigue  cracks  in  an  aircraft  in  eervics,  Moreover,  it  ehould  be  there  for  a 
long  time  in  order  to  affect  the  crack  propagation.  Although  it  is  known  that  severe  corrosion  may  occur 
in  aircraft  flying  in  a  marine  environment  (Refa  13,23),  this  does  not  imply  that  salt  water  will  generally 
ba  preeent  in  fatigue  cracks,  especially  if  the  aircraft  is  not  flying  in  a  marine  environment,  Buch  as  a 
civil  transport.  Nevertheless,  it  appears  worthwhile  to  perform  some  f light-eimulation  tests  in  order  to 
check  what  the  magnitude  of  the  effect  of  a  salt  water  environment  on  crack  propagation  may  be  for  this 
type  of  loading.  Such  a  test  aeries  should  include  low  frequencies. 

4,2  Damage  accumulation 

It  is  well  recognized  by  now  that  the  Palmgren-Kiner  rule  will  not  produce  accurate  l'^e  estimates.  This 
ie  largely  a  consequence  of  interaction  effects  associated  with  load  cycles  of  different  magnitudes,  as 
explained  once  again  in  a  recent  survey  (Ref.1).  Nevertheless,  a  calculation  of  n/l?  may  give  a  qualita¬ 

tive  indication  of  tha  presence  of  such  interaction  effects.  The  results  of  damage  calculations  baeed  on 
ths  cracx  propagation  life  are  given  in  table  3  for  om  *  3.5  and  5-5  kg/mm'.  Constant-amplitude  data  were 
determined  for  these  Sn-valuee  only.  The  ground-to-air  cycle  for  each  flight  wae  aesumed  to  be  a  cycle 

between  of  the  CTAU  and  S. _ »  £  +3  pertaining  to  that  flight.  In  table  3  tha  damage  increments 

mm  max  m  a, max  coo  -o 

of  the  gust  cycles  and  the  CTAC  are  given  separately.  The  total  damage  values  n/ii  are  far  in  excess  of  1 
which  indicates  that  the  damage  accumulation  was  much  slower  than  predicted  by  the  Palmgren-Kiner  rule. 
('.tblCtL  propagation  rates  were  aleo  calculated,  employing  the  formula: 


(it) 
\ 37/ 


d? 

3?4sT1J-  i 


v  n  m 


In  this  equation  rST  and  CA  refer  to  f light-eimulation  teet  and  constant-amplitude  test  respectively.  The 
calculations  were  made  for  eeverai  valuer  of  the  cracx  length  {  -  The  number  of  individual  cycles  of 
each  magnitude  (n^  was  drown  from  table  1.  The  equation  implies  that  the  Falmgren-Mlner  rule  is  applied 
to  the  fatigue  life  increment  required  for  »  small  cracx  growth  increment  -  In  agreement  with  table  3 
it  wae  found  that  the  actual  crack  rotes  were  2-15  times  lower  than  predicted,  depending  on  .2  and 
The  low  cracc.  rates  should  per  definition  be  attributed  to  interaction  mechanisms.  In  reference  1  eeverai 
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mechtni©me  wars  mentioned,  namely  reiidual  atreaa,  cyclic  ©train-hardening,  crack  blunting,  crack  cloaure 
and  mismatch  of  crack  front  orientation.  It  ie  difficult  to  indicate  the  mechanism©  that  ware  most  active. 

It  i©  thought  that  reeidual  Btraaee©  dua  to  the  higher-amplitude  cycle©  certainly  hav©  delayed  crack  growth 
during  the  lower-amplitude  cycle©.  The  preference  for  the  plane -©train  situation,  as  diecueeed  hereafter, 
i©  pointing  to  lower  amounts  of  plaetic  deformation.  Thie  could  be  a  consequence  of  cyclic  strain  hardening 
by  the  higher-amplitude  cycles,  while  crack  closure  could  also  be  responsible.  The  latter  mechanism  might 
be  associated  with  the  dark  growth  bends  in  the  2024  epecimene.  The  miematch  of  crack  front  orientation 
should  also  have  some  significance,  anyhow  for  the  larger  amplitude  cycles.  It  might  even  be  essential  for 
the  dark  growth  bande  in  the  7075  epecimens, 

A  second  important  difference  between  damage  accumulation  in  flight-simulation  tests  and  conetant-amplitude 
teste  was  offered  by  macro- fractographi cal  observations.  Theee  observations  indicated  that  the  fatigue  crack 
in  the  flight-simulation  teBt  is  propagating  in  the  90°-mode  to  a  much  larger  crack  length  than  expected 
on  the  basis  of  corresponding  conetant-amplitude  teete.  In  other  worde  flight -simulation  loading  appears 
to  emphasize  plane-strein  conditions.  Consequently  one  hardly  can  expect  thet  the  damage  accumuletion  in 
a  flight-simulation  test  can  be  Bimply  derived  from  the  results  of  constant-amplitude  teBtB, 

The  conclusion  to  be  drawn  from  the  ebove  arguments  ie  that  empirical  trends  as  observed  in  constant- 
amplitude  tests,  need  not  receeearily  be  valid  for  flight-simulation  tests.  Actually  for  that  reason  the 
frequency  effect  was  Btudied  under  f light-simuletion  loading.  In  this  reepect  reference  may  be  made  once 
egain  to  the  different  types  of  growth  bande  exhibited  by  the  two  alloys  (Fig, 6),  Another  difference  ob¬ 
served  in  conetant-amplitude  tests  on  a  micro  Beale  (fief. 24)  is  the  tendency  to  brittle  striatione  which 
may  occur  in  the  7075  alloy  whereee  ductile  striatione  are  predominant  in  the  2024  alloy.  Brittle  otria- 
tions  are  frequently  associated  with  a  larger  environmental  effect  (Refe  19,20).  Fortunately  thie  effect 
did  not  emerge  from  the  present  flight-simulation  tests.  However,  it  ie  somewhat  disturbing  that  it  might 
be  present  in  more  aggressive  environments  (Ref.  18).  Consequently,  the  need  for  flight-simulation  teste 
in  more  aggressive  environments  may  he  repeated  here. 

5  CONCLUSIONS 

Fatigue  crack  propagation  was  studied  in  random  flight-simulation  tests  on  2024-T3  Alclad  and  7075-7^  Clad 
epecimens.  The  main  variables  were  the  load  frequency  (10,  1  tnd  0.1  cps)  and  the  design  stress  level.  The 
design  stress  level  was  characterized  by  the  mean  stress  in  flight,  for  which  five  velues  were  adopted 
(10.0,  8.5,  7.0,  5.5  and  4*0  kg/mm  ).  The  ratios  between  the  amplitudes  of  the  gust  cycles,  the  GTAC  and 
the  mean  stress  in  flight  were  the  same  in  all  teste.  A  small  number  of  constant-amplitude  tests  waB 
carried  out  for  supporting  the  flight-simulation  test  results.  The  results  and  the  discueeion  are 
summarized  below. 

1.  difference?  between  the  crack  propagation  ratio  <xi  the  three  best  froquenciee  (10,  1  and  0.1  cps)  were 
email  and  unsyetematic.  From  a  discussion  on  the  effect®  of  frequency  and  environment  it  was  concluded 
that  safety  factors  on  inspection  periods  in  service  should  hs  applied  mainly  to  cover  scatter  in 
material  properties  end  aircraft  load  spectra.  This  conclusion  only  holds  if  the  environment  of  the 
aircraft  is  not  particularly  aggreeeive.  If  a  more  aggressive  environment,  for  instance  salt  water, 

is  continuously  present  in  the  crack,  faster  crack  rates  may  occur  and  the  loading  rate  may  become 
important.  Thie  should  be  verified  by  teste. 

2.  The  damage  accumulation  in  the  flight-simulation  tests  could  not  be  predicted  from  the  data  obtained 
in  conetant-amplitude  tests.  The  values  of  X  n/N  varied  from  4  to  8.  Moreover,  the  cracking  behaviour 
was  different  for  the  two  typee  of  testing.  Flight-simulation  loading  is  emphasizing  plane-strain 
conditions  at  the  tip  of  the  cracx.  As  a  consequence  trends  observed  in  constant-amplitude  tests  need 
not  be  valid  for  flight-eimulation  loading.  This  should  be  checked  empirically. 
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Table  1  Guet  load  occurrences  in  the  10  different  types  of  flights 


Number  of 


Numbers  of  gust  cycles  with  amplitude  S&/Sm 


Flight  flights  in  .  _ _ _ 

typo  5000  flights  1.729  1.571  |l.414  1.257  1.10C  0.943 


Total  number  of 
cycles  in  all 


f,umb  t  of 
exceedinge, 
see  figure  3 
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of  cycles 
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Table  2  Tie  effect  of  frequency  on  the  crucii  propagation  life  for  two 
crack  growth  intervals  ({  »  12  -*20  mm  and  X-  20  -»30  mm) 


f.aterial 


(ag/mm*)  (cps)  Ii„0  -  K12 


2.024  1 0 
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NUMBER  OF  EXCEEDANCES 
IN  5000  FLIGHTS 


Figure  3  Stepped  approximation  of  the  ;piet  load  spectrum 


Figure  4  Picture  taken  with  the  Nikor.  camera  for  cracn  growth  recording 
overnight.  Flight  counter  at  right.  ( ilagnifici  non  O.a  li 
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SPECIMEN  C  3,  2024  —  T 3 
f  •  19  (wn  TO  i  w  30  nun 


SPECIMEN  0  3,  7075 -  T  6 , 
t  s  18  mm  TO  £  -t  30  mm 


Figure  6  Macro  growth  bands  caused  fc y  the  most  severe  flights. 

Crack,  growth  from  right  to  left.  (F'agnif  lcatinn  7  *) 
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Figure  5  The  effect  of  the  Loading  frequency  on  the  crack  propagation  rat« 
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’igure  3  The  effect  of  stress  level  on  the  crank  propagat 


ligt.re  9  Periods,  frequencies  and  numbers  of  several  types  of  aircraft 
fatigue  loads  (hef.l).  Orders  of  magnitude 


5-1 


CORRELATION  BETWEEN  LABORATORY  TESTS  ANO  SERVICE  EXPERIENCE 


W.  B.  MILLER 
Technical  Director 

Directorate  of  Airframe  Subsystems  Engineering 
Aeronautical  Systems  Oivision 
U.  S.  Air  Force  Systems  Command 
Wrlght-Patterson  Air  Force  Base,  Ohio 


HOLLAND  B.  LOWNOES 

Assistant  for  Experimental  Simulation 

Structures  Oivision 

Air  Force  Flight  Oynamics  Laboratory 

U.  S.  Air  Force  Systems  Command 

Wright-Patterson  Air  Force  Base,  Ohio  ^5^33 


SUMHARY 


Oirect  comparisons  are  made  between  full  scale  fatigue  test  failures  and  actual  service  failures 
for  several  military  aircraft.  The  correlations  are  discussed  in  relation  to  the  basic  fatigue  test 
procedures  nnd  spectra  used.  Some  methods  used  to  force  correlation  where  apparent  correlation  is 
lacking  are  discussed.  The  paper  concludes  with  a  historical  summary  of  the  improvements  in  fatigue 
testing  evolved  over  the  past  25  years. 


LIST  OF  ABBREVIATIONS 

VGH  -  Velocity,  load  factor,  altitude 
K I  AS  -  Knots,  indicated  air  speed 
GAG  -  Ground  air  ground  cycle 

ASD  -  U.  S.  Air  Force  Aeronautical  Systems  Division 
TAC  -  U,  S.  Air  Force  Tactical  Air  Command 
SS  -  Stabllator  station 
WS  -  Wing  stat ion 
FS  -  Fuselage  station 
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I.  INTRODUCTION 

Since  1958  when  a  number  of  serious  fatigue  problems  In  military  airplanes  confronted  the 
military  services  in  the  United  States,  the  Air  Force  and  the  Navy  have  been  working  toward  programs 
to  Identify  and  cope  with  potential  service  fatigue  problems.  The  very  large  costs  of  these  programs 
drive  us  toward  a  continual  assessment  of  the  level  of  success  we  have  had  In  Implementing  the 
procedures  evolving  from  these  programs. 

The  U.  S.  Air  Force  continues  to  be  perplexed  by  the  problem  of  correlation  of  critical  full  scale 
fatigue  test  results  from  our  aircraft  systems  and  their  actual  fatigue  damage  experience  once  they 
are  In  operational  service. 

We  have  continued  to  try  to  develop  as  extensive  a  data  base  as  possible  to  assist  in  our  under¬ 
standing  of  this  problem.  References  1  and  2  present  previous  data  and  analysis  we  have  assembled. 

We  will  make  frequent  reference  to  these  two  papers  as  this  presentation  is  developed. 

Again,  as  was  stated  in  Reference  2,  it  Is  strongly  felt  that  in  considering  the  information  of 
this  nature  it  should  be  kept  In  mind  that,  while  each  of  the  structural  certification  programs  studied 
were  conducted  In  essentially  the  same  manner  -  around  the  same  general  criteria  requirements,  they 
each  varied  to  some  degree  from  each  other  due  to  particular  circumstances  of  that  specific  aircraft 
program.  In  other  words,  the  results  from  these  programs  cannot  be  compared  to  each  other  in  the 
same  sense  -  and  with  the  same  accuracy  -  as  test  results  from  Identical  specimens  tested  and  evaluated 
to  the  same  identical  criteria  and  with  Identical  test  methods.  However,  it  is  felt  that  general  trends 
established  from  comparing  these  results  are  valid  trends.  The  understanding  of  these  limitations 
cannot  be  over-emphasized.  In  fact,  perhaps  the  technical  community  has  erred  In  the  way  we  have 
"expressed  our  concern"  over  this  test-to-serv Ice  correlation  -  or  lack  of  correlation  -  problem. 

II.  WHAT  SS  THE  PROBLEM? 

The  major  problem  encountered  as  stated  In  Reference  2  by  Lowndes  has  been  the  lack  of  correlation 
between  our  predicted  time  to  failure  based  upon  the  fatigue  analysis  and  full  scale  test  program  as 
compared  to  the  actual  time  to  failure  In  the  fleet  operation,  Unfortunately,  this  continues  to  be 

the  same  problem.  In  Reference  1,  Miller  and  Lowndes  attempted  to  add  some  data  to  that  previously 

presented  by  Ralthby  in  an  effort  to  shed  more  light  on  the  scatter  In  the  data  correlation.  In 
Reference  2,  Lowndes  looked  at  some  ways  of  forcing  correlation  and  the  thesis  advanced  appears  to 
offer  some  hope  that  correlation  can  be  Improved  If  a  good  data  base  on  usage  can  be  obtained. 

In  trying  to  cope  with  the  scatter  encountered  in  fatigue  life  prediction,  two  theses  have  been 
proposed  in  the  U.  S.  In  one  case,  loads  are  applied  representing  the  high  side  of  the  loads  scatter 

band  and  test  results  divided  by  a  factor  of  two.  In  the  other  case,  loads  are  applied  representing 

average  conditions  and  the  test  results  divided  by  a  factor  of  four.  While  these  approaches  are  used 
to  establish  the  Initial  life  estimates,  a  true  correlation  of  test  life  to  service  life  is  ultimately 
dependent  on  val idation  of  the  actual  usage. 

III.  DISCUSSION 

Medium  Transport  A 

For  transport  type  aircraft,  the  best  correlation  study  information  is  still  that  presented 
In  Reference  2  for  the  airplane  referred  to  as  "Medium  Transport  A".  This  transport  was  tested  to  a 
spectrum  representing  taxi,  ground-air-ground  and  gust  loads.  Within  each  type  of  loading,  3  different 
mean  loads  were  employed  and  2  to  3  different  load  levels  about  each  mean.  The  loads  were  applied  in 
1000  hour  blocks  of  16021  Individual  load  cycles  using  a  negat ive-low-hlgh-Jow-nega t ive  truncation. 

As  is  pointed  out  in  Reference  2,  service  aircraft  exhibited  a  wide  spread  in  time  of  occurrence  of 
failure.  In  this  case,  a  good  multi-channel  service  loads  data  recording  program  coupled  with  aircraft 
usage  data  forms  enabled  us  to  obtain  much  better  correlation  and  to  do  tail  number  tracking,  The 
rerr>r,l»H  H»r3  w.r.  consolidated  into  3  mission  profiles.  Col' lei  a  l  ion  was  d l templed  using  a  suinpie  of 
42  aircraft.  The  first  correlation  using  these  data  assumed  all  42  aircraft  flew  the  same  mission  mix. 
The  test-to-servlce  correlation  is  shown  by  the  upper  curves  In  Figure  I.  A  second  correlation,  using 
the  individual  aircraft  service  records  plus  the  recorded  loads  data,  on  a  tail  number  basis,  was 
attempted  and  this  correlation  Is  shown  by  the  lower  curve  In  Figure  I. 

Fighter  Bomber  A 

Th's  aircraft  is  referred  to  as  "Fighter  Bomber  A"  In  Reference  2.  Since  the  full  scale  wing 
fatigue  test  was  conducted  late  In  Its  service  life,  the  spectrum  was  developed  from  a  limited  amount 
of  service  load  data  measured  during  squadron  training  correlated  with  actual  load  data  from  a 
structural  loads  measurement  flight  vehicle.  The  test  spectrum  was  a  random  load  flight  by  flight 
spectrum  Including  positive  and  negative  flight  loads  plus  landing  gear  loads.  Thirty  load  levels 
were  applied  each  flight,  a  load  equal  to  121. 5%  limit  load  was  applied  each  10th  flight,  and  a  toad 
equal  to  137-5%  limit  load  was  applied  each  100th  flight.  In  this  case,  a  good  correlation  was 
obtained  using  a  factor  of  2  as  shown  in  Figure  2,  In  pursuing  this  correlation  further,  one  can 
review  the  test  load  exceedance  data  used  in  this  test  and  Its  correlation  with  flight  loads  exceedance 
data  as  presented  In  Figure  10.  In  this  case,  It  can  be  seen  that  the  original  estimated  usage  (the 
test  spectra)  was  not  very  different  from  the  measured  fleet  usage  -  particularly  the  actual  operational 
usage  to  which  a  large  percentage  pf  the  fleet  had  been  subjected.  The  fact  that  this  test  program 
was  conducted  late  In  the  airplane's  life  as  a  re-evaluat ion/ I ife  extension  program  undoubtedly 
provided  us  with  better  visibility  as  to  how  we  were  flying  the  aircraft  than  would  normally  be  the 
case  for  a  new  aircraft  just  being  Introduced  into  the  Inventory.  However,  in  this  instance  the  test 
spectrum  was  still  more  severe  than  any  of  the  measured  operational  usage,  a  fact  which  to  S'ime  extent 
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Influences  the  fact  that  our  test-to-servlce  scatter  was  only  In  the  neighborhood  of  2  -  quite  consis¬ 
tently  so  for  all  four  critical  areas.  The  fact  that  this  is  the  only  example  which  utilized  a 
f I lght-by-f I Ight  approach  -  Introducing  landing  loads  alternately  with  the  wing  loads,  and  also 
utilized  a  random  application  of  the  flight  loads  -  may  *Ko  be  an  Influencing  effect  on  the  small 
scatter  factor. 

Fighter  Bomber  B 

As  explained  in  Reference  2,  the  full  scale  test  was  started  early,  before  a  significant 
number  of  these  aircraft  were  In  service  and  before  any  measured  service  loads  were  available.  The 
early  tests  were  made  using  a  block  spectrum;  each  block  representing  200  hours  and  consisting  of 
1000  load  cycles.  After  a  very  early  failure,  the  structure  was  revised  and  the  test  spectrum  revised 
to  reflect  400  hours  of  recorded  VGH  data  -  both  training  and  operational  readiness  flying.  Figure  3 
presents  a  summary  of  predicted  life  from  the  test,  calculated  life  using  data  from  training  operations, 
and  calculated  life  using  data  from  actual  service.  It  may  be  seei.  that  the  calculated  life  at  all 
of  the  critical  areas  decreased.  However,  at  the  fuselage  station  442  -  main  wing  attach  frame  this 
reduction  is  quite  small  -  approximately  I5$i  whereas  the  remainder  of  the  areas  showed  life  reductions 
of  approximately  40  to  60$. 

In  reviewing  why  this  one  area  showed  only  a  small  reduction  In  life  for  apparently  a 
significantly  more  severe  operational  environment  one  must  look  beyond  the  generalized  maneuver 
exceedance  data  from  the  VGH  -ecords  and  review  the  additional  aspects  of  gross  weight  and  stores 
configuration.  It  was  determined  that  this  main  wing  frame  at  fuselage  station  442  -  which  is 
Influenced  primarily  by  wing  root  bending  moment  -  was  experiencing  the  approximate  same  wing  bending 
moment  from  higher  load  factor  operational  maneuver  experience  as  that  determined  from  the  peace  time 
usage  because  the  operational  missions  were  being  flown  over  the  target  with  full  inboard  wing  tanks  - 
which  had  been  empty  in  simulated  operational  exercises. 

Two  fuselage  failures  in  this  airplane  provide  us  with  an  example  of  the  need  to  faithfully 
duplicate  the  production  structure  in  the  test  article.  The  full  scale  fatigue  test  was  performed  on 
a  specimen  In  which  a  cutout  In  the  fuselage  station  350  cover  splice  on  the  top  centerline  was 
rectangular  In  shape.  In  production,  It  was  changed  to  a  trapezoidal  shape.  At  the  time, the  change 
was  reviewed  as  an  engineering  deviation,  but  was  not  considered  a  Fatigue  critical  Item.  After 
about  500  flight  hours,  one  of  these  aircraft  crashed  in  Hay  1964  as  a  result  of  the  failure  of 
F.S.  350  at  the  top  centerline.  Another  crashed  in  June  1965  for  the  same  reason.  Subsequent  to  the 
first  failure,  a  tensile  test  and  a  fatigue  test  of  the  fuselage  components  in  the  production  configura¬ 
tion  were  conducted.  The  fatigue  test  confirmed  the  mode  and  location  of  the  failure.  What  was 
determined  to  be  a  "non-fatigue  critical  item",  was  thus  shown  to  be  critical  in  fleet  use.  The 
test  article  must  be  representative  of  the  production  (fleet)  configuration.  Fatigue  testing  and 
analysis  focus  attention  on  structural  details  because  that  Is  where  the  service  problems  will  be  found. 
Since  the  emphasis  Is  on  details,  It  Is  essential  that  the  test  article  and  analyses  reflect  those 
details.  If  this  is  not  accomplished,  the  test  results  (as  this  example  shows)  will  not  correlate 
with  service  experience. 

Fighter  Bomber  C 

The  test  spectrum  for  the  first  6000  test  hours  represented  one  maneuvering  flight  condition 
(40,000  lbs  gross  weight  at  1.14  Mach  at  25,000  ft  altitude,  positive  loads  only,  clean  wing  aircraft). 
This  a  1 1 i tude/a i rspoed  represented  the  maximum  load  condition  for  any  given  maneuver.  No  negative  loads, 
external  store  loads,  gust  loads,  or  grour.d-a I r-ground  (take-off,  landing  etc)  loads  were  included  in 
the  test  spectrum.  Testing  beyond  6000  test  hours  was  performed  to  a  modified  spectrum  in  which  all 
loads  below  65  percent  of  design  limit  load  were  eliminated  in  order  to  reduce  the  testing  time  required. 
See  Figure  4  for  a  representation  of  the  test  spectrum.  Loads  were  applied  in  blocks  representing 
100  hours  per  block. 

From  Oecember  1968  to  December  1970  approximately  5640  valid  flight  hours  of  VGH  (velocity, 
load  factor,  altitude)  data  were  recorded  on  ooerational  aircraft.  The  mission  distribution  Is  as 
fol lows: 


a. 

Recon 

15.5  percent 

b. 

Test 

0.6  percent 

c. 

Instruments 

9-9  percent 

d. 

Air  Intercept 

3.7  percent 

e. 

Air  to  Ground 

70.3  percent 

The  average  airspeed  flown  during  the  maneuver  phase  of  the  air-to-ground  mission  Is  367  K i AS  while  the 
average  altitude  is  10,800  ft.  s I > f i cantly  different  from  the  condition  simulated  in  tout.  Figure  4 
shows  the  full  usage  spectrum  (positive  and  negative  loads)  for  the  air-to-ground  mission.  The  load 
spectrum  curves  are  corrected  to  a  mission  average  gross  weight  of  45,800  lbs.  This  high  average 
gross  weight  is  Indicative  of  the  heavy  external  store  loads  carried  during  this  operational  mission 
(empty  weight  approximately  23,000  lbs;  maximum  take  off  gross  weight  58,000  'bs). 

During  calendar  year  1965,  2956  flight  hours  of  VGH  data  were  recorded  on  this  type  aircraft 
at  two  bases.  The  mission  distribution  is  as  follows: 
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a. 

Special  Weapons  Oelivery 

8.3  percent 

be 

Conventional  Weapons  Oelivery 

32.7  percent 

c* 

Air  Intercept 

13.7  percent 

d. 

Air  Tactics 

27.7  percent 

e. 

instruments  and  Navigation 

15.2  percent 

f. 

Test 

2.4  percent 

The  load  spectrum  curve  for  mission  6  (cnty  the  positive  load  portion  Is  available)  corrected  for  a 
gross  weight  of  40,300  lbs  is  shown  ni  Figure  4.  Comparison  of  the  operational  data  with  the  earlier 
TAC  data  demonstrates  the  significant  changes  in  mission  distribution  and  flight  loads. 

Eight  special  mission  aircraft  began  operation  in  July  1 969 -  Each  aircraft  is  equipped  with 
a  VGH  recorder  and  a  substantial  amount  of  flight  loads  data  has  been  gathered  on  these  aircraft. 

Figure  4  shows  the  usage  spectrum  (positive  and  negative  portions)  for  the  one  roost  severely  used 
special  mission  aircraft.  Its  usage  Is  much  more  severe  than  any  other  usage  spectrum  including 
spectrum  "A"  of  Specification  MIL-A-8866.  The  other  special  aircraft  usage  is  about  as  severe  as 
WE-A-8865.  The  MIL-A-8866  spectrum  and  th  special  mission  spectrum  for  other  than  the  severely  used 
one  have  not  been  shown  on  Figure  4  in  ordei  to  prevent  confusion. 

To  date  there  have  been  three  major  structural  components  that  have  failed  in-service  where 
the  failure  has  been  attributed  to  metal  fatigue.  Each  will  be  discussed  separately: 

A.  Stabilator: 

The  Fighter  Bomber  "C"  fleet  has  experienced  three  In-flight  failures  of  the  stabilator  where 
the  outer  portion  of  the  stabilator  separated  at  the  SS  51.85  splice  rib  (see  Figure  5).  The  crack 
begins  at  the  aft  edge  of  the  aluminum  skin  and  progresses  forward  along  SS  51.85.  The  crack  cannot 
be  detected  visually  due  to  Its  being  hidden  by  the  overlap  of  the  inner  skin.  The  crack  progresses 
forward  at  least  halfway  then  turns  outboard  towards  the  forward  edge  of  the  skin.  Total  crack  length 
Is  15  Inches  to  18  Inches.  In  each  case,  the  aircraft  was  recovered  safely.  The  cause  of  failure 
the  first  two  cases  could  not  be  positively  determined  since  the  crack  was  present  for  a  period  of 
time  before  complete  failure  occurred.  Evidence  of  fatigue  was  destroyed  by  the  fractured  surfaces 
rubbing  against  each  other.  In  addition,  about  fifteen  stabilators  have  sustained  upper  skin  failures 
without  the  outer  portion  of  the  stabilator  being  lost.  Flying  hours  on  the  stabilator  at  the  time  of 
failure  range  from  500  to  1540.  Without  exception,  those  failures  that  could  be  positively  diagnosed 
as  fatigue  started  at  or  near  the  aft  edge  of  the  upper  outboard  torque  box  skin.  Some  failures  were 
accelerated  by  the  presence  of  tool  marks  in  the  skin  as  a  result  of  the  machining  operation.  The 
manufacturer's  current  recommendation  Is  to  remove  and  replace  the  upper  aluminum  skin  with  a  titanium 
skin.  Since  no  previous  fatigue  testing  has  been  accomplished  on  the  stabilator,  no  realistic  service 
life  estimates  exist  for  it.  As  a  matter  of  interest,  the  high  time  aircraft  has  accumulated  over 
3,400  flight  hours,  far  in  excess  of  the  figure  at  which  any  failures  have  occurred. 

B.  Outer  Wing: 

The  outer  wing  was  fatigue  tested  as  part  of  the  full  scale  airframe  cyclic  test  program. 
Design  and  fabrication  deficiencies  caused  knife  edge  fastener  noles  in  the  lower  torque  box  skin 
resulting  In  a  fatigue  sensitive  member  (See  Figure  6  for  the  genera)  locatlcn  of  the  cracks).  On 
16  December  1969,  on*  aircraft  experienced  a  failure  of  the  left  outer  wing.  The  location  of  the 
failure  is  shown  in  Figure  7(A) .  On  26  February  1970,  a  second  aircraft  experienced  a  failure  of 
the  left  outer  wing  (See  Figure  7(C)  for  crack  location).  On  1C  March  1970,  a  third  aircraft  sustained 
a  failure  and  loss  of  the  right  outer  wing.  This  failure  Is  also  shown  in  Figure  7(E).  Two  typical 
cases  of  skin  cracking  that  did  not  result  In  complete  failure  are  also  shown  in  Figure  7(B)  and  (D) 

The  flight  hours  on  each  aircraft,  respectively,  were  1,700  hours,  t , 259  hours,  and  464  hours.  The 
fatigue  tests  demonstrated  the  outboard  lower  wing  skin  to  be  fatigue  sensitive.  However,  during  the 
test  programs  repair  straps  were  Installed  as  soon  as  cracks  were  observed.  For  this  reason,  little 
is  known  about  the  crack  propagation  rate  and  residual  life  of  tha  part  once  a  crack  begins.  Assuming 
complete  failure  of  the  part  at  the  time  of  crack  discovery  a  very  limited  correlation  is  possible. 

The  cracks  began,  on  the  average,  at  20  spectrum  test  blocks  (2000  hours).  The  baseline  life  is 
related  to  the  27  spectrum  test  block  failure  of  the  lower  skin  of  the  center  wing  section.  VGH  data 
gathered  in  1965  in  TAC  indicate  a  service  life  of  4,800  hours  (including  a  scatter  factor  -  4.0). 

VGH  data  gathered  In  operational  aircraft  during  1969  resulted  In  service  life  estimates  of  1,740  hours 
(with  the  same  scatter  factor),  ftatioing  these  figures  by  20/27  gives  life  estimates  for  the  outer 
wing  of  3,560  hours  for  operational  training  and  1,290  hours  for  actual  operation.  From  this  we 
conclude  that,  while  the  second  aircraft  failure  correlates  rather  well  with  test  data,  the  other  two 
failures  were  each  highly  premature.  The  poor  correlation  Is  further  demonstrated  by  the  fact  that 
some  of  these  aircraft  had  accrued  over  2,200  operational  hours  with  nc  sign  of  failure,  in  order  to 
prevent  additional  failures  of  this  type  all  outer  wings  have  been  reinforced  as  shown  in  Figure  8. 

C.  Fuselage  Station  303.62  Bulkhead: 

This  bulkhead  (Fig.-**  2'  •’’■ovides  the  means  Tor  tying  the  fuselage  to  the  wing  at  tne  main 
spar.  A  sheet  metal  seal  is  attache*  .  ».  '..'khcad  hy  a  series  of  5/32  inch  rivets.  The  lower  most 

fastener  hole  has  been  demonstrated  in  cyctic  test  to  be  I  at  igucSenji  t  ive.  In  June  1970,  one  of  the 
special  mission  aircraft  experienced  a  crack  through  the  critical  fastener  hole.  This  aircraft  had 
accumulated  501.1  hours  prior  to  modification  and  had  flown  320.3  hours  in  the  spccUl  mission  squadron. 
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it  had  been  used  in  the  most  damaging  special  mission  role  and  had  been  subjected  to  the  severe 
special  mission  flight  profile  shown  In  Figure  4.  Following  the  grounding  of  this  aircraft  for 
repair,  another  aircraft  was  moved  Into  that  role.  By  the  close  of  1970,  this  second  aircraft  had 
accumulated  446,7  previous  general  usage  hours,  179.8  hours  of  normal  special  mission  usage  and  280.0 
hours  of  most  severe  usage.  During  the  January  1971  maintenance  Inspection  of  these  special  mission 
aircraft,  all  were  Inspected  at  the  FS  303.62  bulkhead.  An  eddy  current  Inspection  revealed  that  the 
two  severely  used  aircraft  were  cracked  in  exactly  the  same  manner,  although  one  was  not  as  extensively 
damaged.  As  previously  mentioned,  the  fatigue  tests  demonstrated  the  fatigue  sensitivity  of  this 
bulkhead.  On  one  test  article  a  failure  occurred  at  52  spectrum  test  blocks  (5200  hours).  A  second 
test  article  failed  at  73  spectrum  test  blocks  (7300  hours).  As  a  conservative  measure  the  manufacturer's 
analysis  's  presently  related  to  the  52  spectrum  test  block  failure.  Some  very  brief  element  tests 
were  also  conducted  to  develop  factors  for  analytical  adjustments  to  the  basic  fatigue  analysis  to 
account  for  the  negative  loads  experienced  and  not  simulated  in  test.  Ouring  the  early  part  of  1970, 
one  of  these  aircraft  had  had  a  faulty  VCH  recorder  a-.d,  as  a  result,  only  a  limited  amount  of  VGH  data 
was  gathered.  At  the  time  of  crack  discovery,  the  n/fj  fatigue  damage  was  estimated  at  .  -91.  By  applying 
all  factors  to  the  analysis  of  the  second  airplane,  a  fatigue  damage  level  of  .227  was  computed  in  the 
bulkhead.  When  these  aircraft  came  In  for  inspection  In  Oecember  1971,  ail  FS  303.62  bulkheads  were 
modified  in  order  to  reduce  the  fatigue  sensitivity  of  that  member.  All  fleet  aircraft  will  receive 
rework  of  the  bulkhead.  This  after-the-fact  analysis  Indicates  that,  applying  a  scatter  factor  of  4  to 
these  damage  calculations,  one  could  have  expected  failure. 

While  the  airframe  has  received  substantial  cyclic  testing  and  possibly  all  major  fatigue 
sensitive  areas  have  been  identified,  It  is  evident  that  the  testing  to  date  and  the  present  analysis 
are  not  adequate  to  accurately  predict  service  life  of  the  aircraft.  A  large  contributing  factor  could 
be  the  lack  of  negative  load  cycles  in  the  test  spectrum  used.  This  statement  is  substantiated  by  work 
done  at  the  US  Naval  Air  Engineering  Center  at  Philadelphia,  Pa.  in  their  report  NAEC-ASL-1 1 07 
(A0  816653),  3  April  1967  (Reference  3),  the  effects  of  Including  negative  loading  In  the  flight 
spectrum  for  a  typical  fighter  wing  are  evaluated.  The  report  shows  that  including  negative  ioads  in 
the  test  spectrum  has  a  very  significant  effect  on  the  life  of  the  test  article  (reduction  In  life  by 
a  factor  of  about  six).  Additional  information  supporting  this  position  may  be  found  in  Reference  4, 
ASO-TR-61-434,  dated  March  1962,  "An  Engineering  Evaluation  of  Methods  for  the  Prediction  of  Fatigue 
Life  in  Airframe  Structures".  This  document  cites  the  necessity  of  testing  a  representative  airframe 
to  a  representative  spectrum  if  the  results  are  to  be  meaningful  in  helping  to  predict  airframe  service 
life. 


Fatigue  Test  Techniques 

in  reviewing  the  correlation  of  test-to-service  fatigue  fa. lures,  it  is  appropriate  to  also 
review  the  full  scale  fatigue  test  techniques  that  have  developed  a'ong  with  the  other  aspects  of  the 
total  service  life  evaluation  program. 

A  brief  historical  look  at  the  USAF  fatigue  evaluation  program  reveals  the  following  trend 
mi  I estones. 

a.  The  first  full  scale  wing  fatigue  test  conducted  by  the  USAF  was  on  an  AT-60  air¬ 
craft  In  1947.  it  employed  a  single  load  level  test  technique,  automatically  cycling  from  1G  to 
limit  load  for  one  wing  primary  bending  condition.  The  prime  purpose  of  this  test  was  to  develop  the 
concept  and  test  techniques,  it  never  played  a  significant  part  In  the  fatigue  evaluation  of  this 
aircraft  in  that  the  aircraft  did  not  experience  service  fatigue  problems  of  any  consequence. 

b.  The  first  USAF  full  scale  wing  fatigue  test  program  conducted  to  resolve  service 

incurred  fatigue  failures  was  conducted  on  the  F-840  aircraft  In  1948.  Again,  a  single  load  level 

cycling  technique  was  utilized  automatically  cycling  from  1G  to  limit  load  for  or.e  wing  primary  bending 
condition.  This  test  was  successful  in  duplicating  all  of  the  service  incurred  failures,  and  suitable 
reinforcements  were  developed  to  preclude  further  serTTce  problems  in  this  instance  a  rather  simple 
relationship  was  established,  relating  test  cycles  to  actual  service  hours  and  projections  of  failure 
made  upon  this  basis. 

c.  Utilizing  these  same  techniques  and  the  same  test  cycle  service  hour  relationship, 

all  of  the  remainder  of  this  series  of  aircraft  (F-84E,  G,  and  F  series)  were  fatigue  tested  to  (1) 

preclude  service  failures,  and  (2)  project  a  service  life.  These  programs  were  successful  even  though 
crude  by  today's  standards. 

d.  in  addition,  these  single  load  level  techniques  were  utilized  In  fatigue  test 

programs  for  the  F-86,  F-89,  and  F-101  aircraft  either  to  predict  fatigue  life  or  to  develop  corrective 

measures  for  In-service  failures. 

e.  in  1958,  the  three  simultaneous  full  scale  fatigue  tests  of  8-47  aircraft  represented 
the  USAFS  first  series  of  full  scale  tests  utilizing  a  "spectrum"  type  test  loading,  in  this  case,  an 
average  or  "typical"  mission  was  developed,  each  aircraft  In  the  fleet  was  assumed  to  fly  this  "average" 
mission,  and  the  test  loads  developed  as  a  representative  blocked  spectrum  of  various  load  exceedances, 
two  gust  levels,  and  GAG.  Test  loads  were  "layered"  or  applied  in  sequences  of  repeated  layers 
representing  some  percentage  of  the  total  service  life  being  simulated.  These  tests,  closely  followed 

by  similar  tests  on  the  B-52  series  aircraft  ushered  In  the  first  formal  USAF  requirements  for  specific 

service  life  in  Its  aircraft,  and  a  suitab!  structural  Integrity  program  of  analysis,  test,  and 

service  leads  monitoring  to  assure  expected  service  life  (Reference  1). 

f.  From  this  foundation,  and  the  requirement  as  discussed  In  Reference  1,  along  with 
the  requirements  of  US  military  specifications  series  M I L— A— 8860 ,  dated  May  I960,  the  majority  of 
recent  Air  Force  aircraft  have  been  evaluated  (full  scale  fatigve  test  wise)  on  the  basis  of  blocked 
spectrum  load  tests,  Including  appropriate  negative  and  positive  loads,  utilizing  typical  mission 


spectra  made  up  from  "historical"  load  exceedance  data.  It  Is  from  this  basis  that  most  of  our 
correlation  of  test-to-servlce  has  to  be  made. 


9.  In  the  mid  1960's,  It  became  more  apparent  that  the  capability  of  a  wide  variety 
of  mission  usage  In  the  higher  performance  military  aircraft  could  result  in  significant  variations 
In  experimental  life  determinations,  depending  upon  the  selection  of  mission  mix  used  in  the  evaluation. 
Reference  2  in  discussing  the  transport  "A"  example  makes  this  extremely  clear.  In  addition  to  the 
efforts  to  establish  our  historical  load  exceedance  data  on  a  mission  segment  basis,  improvement  in 
full  scale  test  techniques,  primarily  In  the  ready  availability  of  off-the-shelf  equipments  for 
extensive  variability  In  load  programming  has  led  the  USAF  to  now  require  that  our  full  scale  fatigue 
tests  be  conducted  on  a  f 1 Ight-by-fl Ight  basis,  utilizing  a  "best  estimate"  usage  built  from  estimated 
fleet  operation  In  the  various  mission  segment  profiles.  (Reference  USAF  Specification  M i L-A-008866 
(USAF),  dated  31  March  1971). 

With  the  exception  of  the  examples  discussed  In  Reference  2,  the  USAF  Is  just  now  completing 
some  aircraft  test  programs  utilizing  these  newer  procedures  and  we  yet  do  not  have  the  service  experience 
to  gather  any  service  data.  Perhaps  these  latter  tests  will  exhibit  a  "better"  test-to-servlce  corre¬ 
lation. 


In  reviewing  this  historical  sequence,  and  considering  our  past  successes  and  failures,  the 
authors  feel  some  test  trends  are  being  established.  These  are  as  follows: 

a.  The  capability  exists,  with  currently  avallaole  test  techniques  and  equipments, 
to  very  accurately  simulate  In  full  scale  test  the  loads  representation  of  the  selected  aircraft  usage 
(l.e,,  flight-by-flight,  random  loads,  including  proper  sequence  of  pertinent  damage  segments  such  as 
GAG). 


b.  There  will  always  be  economic  problems  to  contend  with  in  terms  of  test  cost  and 
duration,  and  In  making  the  trades  associated  with  these  economics  one  should  roughly  consider  aircraft 
as  falling  into  two  general  classes:  (I)  those  maneuver  critical  such  as  fighter  and  attack,  and 

(2)  those  gust  critical  or  GAG  critical  such  as  the  large  bomber  and  cargo  aircraft.  Perhaps  more 
leeway  can  be  taken  In  extensive  test  load  complexity  on  the  fighter  type  aircraft,  but  here  again 
the  most  "sensitive"  features  must  remain. 

c.  The  secret  of  success,  In  our  opinion,  Is  the  validity  of  the  input  usage  load 
history  —  particularly,  how  will  It  reflect  the  significant  variation  in  specific  mission  segment 
usage  for  the  particular  aircraft  in  question? 

d.  Because  of  the  ready  availability  of  the  advanced  test  techniques  mentioned  above, 
maximum  advantage  should  be  taken  of  these  techniques  and  equipment.  There  is  enough  evidence,  both 
in  our  own  USAF  experience  and  associated  RtD  programs,  along  with  substantial  similar  information 
from  the  many  NATO  nations,  that  one  can  encounter  significant  undesirable  effects  of  test  simplifica¬ 
tion  and  load  truncation.  While  these  effects  can,  in  some  instances,  be  accounted  for  there  are 
always  "nagging  unknowns"  and  some  loss  of  credibility  in  the  results.  We  do  not  feel  that  there,  is 
the  general  justification  now  for  these  short  cuts. 

IV.  CONCLUSIONS 

1.  The  new  data  on  Fighter  Bomber  C  is  added  statistical  Information  toward  the  continuing 
attempts  to  study  the  problem  of  correlation  of  test  results  to  service  experience.  The  data  does  not 
appear,  in  Itself,  to  provide  anything  new.  it  exhibits  the  same  highly  inconsistent  initial 
correlation,  yet  in  certain  Instances  where  actual  usage  data  were  available,  reasonable  correlation 
could  be  obtained. 

2.  The  authors  are  convinced  that  the  lack  of  ability  to  Initially  forecast  the  aircraft  usage 
can  prevent  good  correlation  between  initial  fatique  test  results  and  eventual  service  life.  For  this 
reason,  the  fatigue  test  must  serve  as  a  damage  index  and  the  eventual  life  predictions  must  be  based 
on  a  good  knowledge  of  actual  fleet  operation. 

3.  The  accuracy  of  correlations  can  be  improved  by  assuring  that  tests  are  made  to  realistic 
spectra,  on  a  representative  specimen,  using  the  best  test  techniques  available  (flight-by-flight 
loading  using  random  load  spect-a) . 

4.  farly  acquisition  of  measured  operational  usage  dnta  is  necessary  to  provide  the  basis  for 
early  fleet  life  prediction  to  minimize  operational  fleet  problems. 
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ON  RESIDUAL  STRESSES  DURING  RANDOM  LOAD  FATIGUE 


By 

FIND  ROTVEL 

The  Technical  University 
of  Denmark 

Dept,  of  Solid  Mechanics 
Building  404 
Lyngby,  Denmark 

ABSTRACT.  The  effect  of  some  techniques  used  to  increase  the  fatigue  strength  is  due  to  the  favourable 
residual  stresses  that  are  /rested  in  locations  with  high  fatigue  stresses.  The  purpose  of  the  present 
paper  is  to  discuss  the  significance  of  these  techniques  when  the  loads  vary  randomly.  Data  are  presented 
from  random  fatigue  tests  on  normalized  carbon  steel  with  0."?  t  carbon.  In  notched  specimens  a  preload 
beyond  the  yield  stress  induced  residual  stresses  around  .ne  notch.  The  residual  stresses  were  measured 
with  an  X-ray  measuring  technique  at  intervals  during  the  fatigue  loading.  Results  from  broad-bard  and 
narrow-band  stochastic  loading  tests  are  compared  with  constant-amplitude  sinusoidal  tests. 


LIST  OF  SYMBOLS 

C 

e 


F 

KtY 

l^=E/e 

K  =o/s 
m'fx) 

m  as  subscript 
n 

rms  as  subscript 
s 

s  (x) 
e 

EP 

o 

°R 

°R0 


Clipping  ratio 
Nominal  strain 
Yield  stress  (0.2%) 

Elastic  stress  concentration  factor  based  on  net  area 

Plastic  strain  concentration  factor 

Plastic  stress  concentration  factor 

Mean  value  of  x 

Mean  value 

Number  of  maxima 

Root-mean-square  value 

Nominal  stress 

Standard  deviation  of  x 

Strain  in  notch 

Plastic  strain 

Stress  in  notch 

Residual  stress 

Residual  stress  before  fatigue  loading 


Compressive  residual  stresses  have  often  been  shown  to  increase  fatigue  strength. 

To  make  practical  use  of  this  several  technological  processes  (e.g.  cold  rolling,  shot 
peening,  grit  blast,  stretching  of  notched  details)  have  been  developed,  that  induce 
favorable  residual  stresses  in  areas  with  high  fatigue  stresses.  The  processes  mentioned 
have  in  common  that  residual  stresses  are  created  by  locally  loading  the  material  over 
the  yield  stress.  Generally  the  processes  can  only  be  used  in  the  high  cycle  (low  stress) 
range,  where  the  width  of  hysteresis  loops  is  small.  In  the  low-cycle  range  the  large 
plastic  strains  quickly  relax  the  residual  stresses. 

Local  yielding  may  affect  the  fatigue  strength  in  two  ways: 

1)  Compressive  residual  stresses  are  created,  which  increases  the  fatigue  strength  in  the 
sam>.  way  as  mean  loading  stresses. 

2)  The  plastic  deformation  may  strain  harden  the  material,  which  also  may  increase  the 
fatigue  strength. 

Of  primary  importance  for  the  application  of  these  methods  is  the  stability  of  the 
residual  stresses.  The  stability  depends  on  many  factors  the  most  important  of  which  are: 
The  static  and  dynamic  stress-strain  curves,  stress  gradients  for  loading  stress  and 
residual  stress,  mean  value  and  amplitude  of  loadinc  stress,  tri-axialitv  of  loading 
stress  and  residual  stress.  The  effect  of  and  the  r  jolems  related  to  the  application  of 
local  yield  methods  of  increasin  i  fatigue  strength  have  been  investigated  by  many  authors, 
e.g.  ESQUIVEL  and  EVANS  1|,  M’TN.’.  |  2  |  ,  NELSON  et  al.  ( 3  |  ,  MATTSON  and  ROBERTS  |  4  j  .  All 
these  authors  used  sinusoidal  loading. 

Stochastic  loadings  are  expected  to  be  more  dangerous  to  the  stability  of  induced 
residual  stresses,  because  one  single  high  or  low  peak  may  drastically  change  the  residual 
stress  distribution.  Tests  reported  by  IMPELLIZERI  ]S|  and  KIRKBY  and  EDWARDS  |6] 
demonstrated  how  omission  of  high  '  ositive  peaks  in  variable  amplitude  loadings  resulted 
in  lower  life.  The  results  were  explained  by  assuming  the  high  peaks  to  maintain  the 
residual  stress  at  a  high  level.  Jmission  of  the  high  peaks  should  result  in  fading  of 
residual  stresses.  Stochastic  leadings  were  therefore  included  in  the  present  tests. 

To  obtain  a  well  defined  residual  stress  distribution  notched  specimens  were 
preloo.ded  axially  beyond  the  j  ield  stress. 


TESTING  APPARATUS 

All  fatigue  tests  were  carried  out  on  a  MTS  closed-loop  testing  machine  with  170  kN 
load  capacity. 

The  stochastic  command  signal  for  the  testing  machine  was  taken  from  a  pseudo-random 
noise  generator  through  a  set  of  parallel  1/3  octave  filters  made  according  to  IEC  225 
standard.  The  signal  from  the  noise  generator  varied  in  apparently  stochastic,  but  in 
reality  pre-programmed  manner.  After  a  certain  period  of  time  the  same  signal  was  repeated. 


a 
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The  length  of  the  period  could  be  varied  by  changing  the  frequency  in  an  external  signal 
generator.  The  noise  generator  signal  was  approximately  yaussian  distributed,  and  its 
PSD-shape  (power  spectrum  density  distribution)  was  flat  down  to  DC.  The  upper  cut-off 
frequency  (3  dB)  was  270  Hz. 

The  1/3  octave  filters  shaped  the  noise  generator  PSD-distribution  to  the  two 
shapes  used  tor  the  loadings  in  the  tests:  narrow-band  and  broad-band.  Some  data  for 
these  PSD-shapes  are  collected  in  table  I. 


TABLE  X.  Data  for  stochastic  command  signals. 


Narrow-band 

Broad-band 

Frequency  of  maxima 

25 

46 

Frequency  of  zero-crossings 

25 

38 

Lower  cut-off  frequency 

22.3 

4.5 

Upper  cut-off  frequency 

28.  1 

56.1 

Clipping  ratio  cj^max^ms 
^min'  rms 

4.3 

4.  3 

4.5 

4.0 

Fig.  1.  Probability  uensity  distribution  of 
broad-band  command  signal  normalized  to  give 
unit  area  under  curve. 


Fig.  2  Power  spectrum  density  distribution 
for  broad-band  loading  measured  through  1/3 
octave  filters.  Normalized  at  maximum.  Out¬ 
side  the  shown  frequency  range  the  power 
spectrum  was  less  than  1G-4. 


a)  Narrow-band  ^ _ 1  second _ b)  Broad-bar.d 

Fig.  3.  r samples  of  waveforms  for  narrow-band  and  broad-band  command  signals. 


When  investigating  random  load  fatigue  material  properties,  programmed  loading  is 
an  advantage,  firstly,  because  the  spread  in  the  test  results  only  is  due  to  a  spread  in 
material  properties,  and,  secondly,  because  a  loading  may  be  reproduced  at  a  later  time. 
Also  it  is  possible  to  stop  the  fatigue  loading  in  a  certain  place  in  the  signal  pattern 
to  do  some  investigations  on  the  material,  and  later  on  continue  the  fatigue  loading  from 
the  same  place  in  the  pattern. 

Rms-values  of  load  was  measured  on  a  true  rms-voltmeter  with  DC-output  using  a  time 
constant  of  approximately  300  seconds.  Measuring  time  was  20  to  30  minutes. 


X-RAY  MEASUREMENT  OR  RES [DUAL  STRESS 


Residual  stresses  were  measured  by  an  X-ray  method,  because  this  is  a  non-destruc 
tive  and  absolute  measurement  of  elastic  strains  from  which,  assuming  Hookes  law  to  be 
valid  on  the  microscopic  level,  the  elastic  stresses  may  be  '-/mouted.  As  the  method  of 
X-ray  stress  measurement  is  well  treated  in  the  litterature  (e.g.  I7  ,  8  ,  ,91  licl) 
only  a  short  introduction  will  be  given  here.  ’  I  '  '  ° 

A  set  of  crystal  lattice  planes  reflects  X-rays  only  if  the  Bragg  equation 

n*A  =  2-d-sin  0  q 

f?  f eq'  ,(1)  ,n  if  an  integer,  X  is  the  wavelength  of  the  X-rays,  d  is 
the  distance  between  lattice  planes  and  a  is  the  reflection  angle  (see  fig.  4) . 


v  .  v2 .  0 


ffflecti°n  of  X-rays  from  polycrystalline  material  at  two  angles  of  incidence  «. 
♦~valuestly  orlentfca  crystals  contributes  to  the  reflected  intensity  at  different 

.  Astat®  ?f,stresf  changcs  the  value  ot  d  in  different  directions  t  in  -he 

?9aln  C*anges'  the  an9le  of  reflection  as  seen  from  eq.  (1).  The  stress 
parallel  to  the  surface  and  in  the  plane  of  the  paper  on  fig.  4  can  be  computed  hy 


s2  (sin^s-sin5!),,) 


/•JO  la  ,COte*  J  1*2  •  cot  9 1 

- ( 28j-29  t ) - <■  ( 20  2 -2e 1 )  - 

2  8 


*®2  *s  9  c°nstant  **  Proportionality,  which  for  some  combinations  of  material  and  wave¬ 
length  can  be  approximated  by  the  macroscopic  constants  of  elasticity 


1.  _  1+v 

*S2  -  -- 


Th e  f/alueaof  s^eGS  ™e^urements  «s s  has  to  be  measured  by  using  known  loadina  stresses 
tatra  nf?  t  sensitive  to  plastic  deformation  as  shown  by  FANINGER  [  1 1  ,  and 

1AJ.RA  et  a  1  .  I  W  .  T  n  f  ho  nroconf  _ . . ..  i  . . .  I.  .  _  ,  ,  1 

_  ,,  ■  1  """  r  — - -  w — ■  *cuul  ua*  beeji  ubeu  iur  dll  med surfrr.pnf o 

Tabu.e  II  summarizes  data  for  the  X-ray  stress  ir.easurements  • 


table  ii.  x-rav  iata. 
X-ray  tube 


Detection 

^-angles 
Intensity  line 

Constant  of  proportionality 


Target:  Cr 
Voltage:  30  kV 
Current:  40  inA 
Filter:  Va 

Detector:  Proportional 
Pulse-heigth  discrimination 
0  and  4$° 

(211)  at  29=156° 

Ss2=5.0-10~6  m2/MN 


fu63  of  the  sPeclmen  Wfls  approximately  1  mm  times  the  width  of  the 
specimen  (6  mm),  and  the  measuring  accuracy  of  notch  stresses  was  «.*  20  MN/m* 

"Jicroscopically  heterogeneous  materials  a  plastic  strain  creates  microstresses, 
even  if  the  loading  stress  is  uniform.  Microstresses  arc  stresses  that  are  in  emilHhi inn 
over  distances  of  the  order  of  grain  diameters.  X-ray  measurements  bf-  KOLB  113?  TA^ 

hroaS^triitli^rn^™  f  J1*  |1S|  and  have  sh^wn/tha^  m^cLstre^s  “th 

hroad„n  the  intensity  lines  and  shirt  the  whole  line  on  the  2o-scale  in  the  same  wav  as 

toCdist??aS?=A  £h®never  P-lastic  strains  are  involved  it  is  therefore  not  always  possible 
to  distinguish  between  macro-  and  microstress  in  an  X-ray  stress  measurement/ 


. . >*  -. 
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The  broadening  effect  of  microstresses  is  due  to  the  microscopically  inhomogeneous 
deformation.  Some  crystal  areas  have  large  strains,  while  others  have  small.  Each  crystal 
area  contributes  a  small  intensity  that  is  shifted  ar*  angle  according  to  the  strains  in 
the  area.  When  summing  all  the  small  intensities  to  the  total  reflected  intensity,  the 
result  is  an  increase  in  line  breadth. 

Since  microstresses  are  in  equilibrium  over  smell  distances  compared  with  the 
irradiated  area,  the  line  shifts  from  all  small  areas  might  be  expected  to  annihilate 
each  other.  MACHERAUCH  J 16 |  explained  the  shift  to  be  due  to  the  selectivity  of  the  X-ray 
measurements.  Only  crystal  planes  oriented  near  the  correct  reflection  position  as 
determined  from  the  Bragg  eq.  (1)  contributes  to  the  reflected  intensity.  Therefore,  all 
reflecting  planes  have  nearly  the  same  orientation  in  relation  to  planes  of  maximum  shear 
stress  in  the  material,  where  dislocation  movements  are  most  intensive. 

Fig.  5  shows  microstresses  measured  on  the  surface  after  plastic  deformation  with¬ 
out  stress  gradient  on  the  material  used  in  these  tests.  That  the  stresses  really  are 
microstresses  is  evident  from  fig.  6,  which  shows  residual  stress  versus  depth.  A  macro 
residual  stress  would  have  caused  the  measured  stress  to  decrease  with  increasing 
distance  from  the  original  surface.  The  result  in  fig.  6  disagrees  with  results  from 
KOLB  1 13 1  ,  who  found  a  steep  stress  gradient  at  the  surface.  Possibly  a  difference  in 
specimen  shape  explains  the  disagreement,  the  cross  section  being  rectangular  6x20  mm  in 
these  tests  and  cylindrical  in  the  tests  by  Kolb.  The  stresses  in  fig.  6  were  measured 
on  the  narrow  side  of  the  specimen. 


Fig.  5.  Residual  stresses  measured  on  the 
surface  after  plastic  loading. 


Fig.  6.  Stress  distribution  in 
depth  measured  after  removing 
surface  layers  by  electro 
polishing. 


MATERIAL  AND  SPECIMEN 

The  material  was  a  Swedish  carbon  steel  B14  {appr.  SAE  1064)  for  which  appropriate 
data  are  given  in  table  III.  After  a  softening  heat  treatment,  ’the  specimens  were 
machined  according  to  fig.  7  with  exception  of  the  notch.  The  specimens  were  then  given 
a  normalizing  heat  treatment  in  protective  atmosphere  to  avoid  decarburizing,  and  the 
notches  were  milled.  Finally,  an  electropolishing  removed  200  ym  of  surface  material 
with  stresses  from  the  milling.  The  resulting  roughness  depth  was  appr.  1  ym  in  the 
notch. 


TABLE  III.  Material  data. 


Chemical  composition 

0 . 7%C ,  0,25%Si,  0.3C%Mn,  <0.035%  P  and  S 

Macro  yield  stress 

440  MN/m, 

Engineering  breaking  strength 
True  fracture  stress 

870  MN/m, 
1100  MN/nT 

average  of  two  specimens 

Area  reduction 

18  % 

Vickers  hardness 

24C  i  15 

The  notch  factor  had  to  be  kept  relatively  small  to  minimize  stress  variation  over  the 
irradiated  area. 

The  specimens  were  milled  and  electropc! ished  in  randomized  sequence.  Also  the 
allocation  of  specimens  tc  different  fatigue  load  combinations  were  randomized  to  avoid 
bias  in  the  results. 

As  nearly  always  in  these  kinds  of  tests  the  purpose  of  heat  treatment,  machining, 
and  electropolishing  was  to  make  identical  specimen*  free  from  residual  stresses.  This 
was  not  quite  succeeded  as  seen  on  fig.  3a,  which  shows  residual  stresses  on  specimens  , 
after  fabrication.  Before  electropolishing  residual  stresses  were  greater  than  500  MN/m  . 
Thus  the  electropolishing  removed  most  of  the  residual  stresses  from  the  machining. 

Reversing  the  order  of  machining  the  notch  and  normalizing  might  be  expected  to 
give  smaller  residual  stresses,  but  some  tests  with  reversed  order  doubled  the  mean  value 
and  the  spread  of  residual  stress.  The  reason  for  this  is  ascribed  uneven  cooling  rates 
in  the  specimens  in  normalizing  treatment. 


WjaJ/iMUWJ  !W..l»".uWPJWWIW 


EPJW! 


6-5 


Fig.  7.  Specimen  used  in  fatigue  tests.  K  =  1‘.  69  computed  from  EETERSON  |17|.  All 
measures  in  mm.  1 


RESIDUAL  STRESS  AFTER  PRELOAD  OF  NOTCH 

To  have  any  effect  the  preload  had  to  be:  higher  than  the  highest  peak  -in  the 
loading  in  fatigue  tests  in  the  high  cycle  range.  A.  preload  of  K_*s  =  810  MN/ni  was 
chosen.  Table  IV  tabulates  nominal  rms-Values  of  stress  in  the  notch,  >  for 

which  the  maximum  load  is  equal  to  the  preload.  Preload  can  only  increase  fatigue 
strength  for  rms-vUues  below  the  figures  ^n  table  IV.  On  account  of  the  relatively 
small  notch  factor  necessitated  by  the  X-ray  measurements  the  nominal  stress  s  became 
higher  that,  the  yield  stress. 

TABLE  IV.  Nominal  notch  stress  KT,snns  giving  the  same  maximum  load  as  preload. 

Stress  in  MN/m^  Broad-band  Narrow-band  Constant-amplitude  sinusoidal 
s  -0  180  i  188  573 

KT.Sm=255  123  129  _ ?90 _ 


Fig.  8  shows  histograms  of  residual  stresses  uR  before  and  after  preload. 
Comparing  fig.  8a  with  8b  it  is  seen,  that  preload  does  not  decrease  the  spread  in 
residual  stress  though  material  yielding  is  generally  expected  to  have  a  Smoothing 
effect  on  residual  stresses.  A  plot  of  o_  before  preload  against  o  after  preload 
showed  no  correlation  at  all.  R  R 
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Fig.  8.  Residual  stresses  measured  after  electropolishing  and  after  preload. 
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TOPPER  et  al.  | 18 |  proposed  a  theory  for  computing  local  stresses  in  a  notch.  They 
started  from  a  formula  given  by  NEUBER  | 19 |  for  local  stress  strain  behaviour  in  a  notch 


*£  "  VKe 


8  *e 


(4) 


where  K_  is  the  theoretically  elastic  stress  concentration  factor,  K  «o/s  is  the  plastic 
stress  concentration  factcr,  c  is  the  local  stress  and  s  is  a  nominal  stress  based  on 
the  net  area,  K  «e/e  is  the  plastic  strain  concentration  factor,  where  analogously  e 
is  the  local  strain  and  e  is  a  strain  corresponding  to  s  . 

According  to  Neuber  eq.  (4)  is  valid  for  an  arbitrary  stress  strain  curve. 

Rearranging  eq.  (4)  gives 

(a •£>  05  (s-e)  (5) 


The  right  hand  side  of  eq.  (5)  is  supposed  to  be  known.  By  trial  and  error  a  point  on  the 
stress  strain  curve  is  sought  where  the  product  of  stress  and  strain  equals  the  right 
hand  side. 

IMPELLIZERI  | 5 |  proposed  a  graphical  method  of  solution  to  eq.  (5).  In  equally 
spaced  points  on  the  stress  strain  curve  of  the  mateial,  corresponding  values  of  stress 
o  and  strain  e  is  read.  The  product  o*e  is  computed  and  drawn  as  function  of  a 
(see  fig.  9  which  also  shows  the  stress  strain  curve  for  strains  less  than  4%).  In  a 
notched  specimen  with  giver  K_  and  given  s  ,  s-e  may  be  found  on  the  a* e-curve, 
whereafter  o»e  in  eq.  (5)  ma<j>  be  computed.  By  again  using  the  o- e-curve  the  local 
stress  o  may  be  determined. 

The  residua)  stress  o  in  the  notch  after  unloading  to  s=0  is 


oR  =  o-Kt*s  ((>) 

if  the  unloading  stress-strain  curve  is  linear.  If  not,  the  same  procedure  as  outlined 
above  should  be  carried  out  for  the  unloading  curve. 

Fig.  10  shows  residual  stress  as  function  of  nominal  maximum  preload  stress,  as 
predicted  by  the  theory  above.  Due  regard  has  been  taken  to  nonlinearity  in  unloading. 
The  theory  implies  that  preloading  with  a  nominal  stress  s  just  beneath  the  yield 
stress  gives  the  largest  residual  stress  attainable. 
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Fig.  9.  Part  of  stress-strain  and  stress  times  strain  curves. 

The  use  of  local  overloading  of  notched  details  may  thus  be  expected  to  have  the 
greatest  effect  for  large  values  of  K_  and  for  materials  with  linear  unloading  curves 
both  these  conditions  giving  larger  residual  stresses. 

Residual  stresses  measured  after  preloading  to  various  nominal  notch  stresses  are 
plotted  for  comparison  with  the  theory  on  fig.  10.  The  agreement  is  reasonable  for 
nominal  stresses  below  the  yield  stress,  but  higher  nominal  stresses  give  large  deviations 
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Fig.  10.  Residual  stress  after  preload  computed  from  Neuber  theory  and  compared  with 
measured  residual  stresses.  Each  measured  cR-value  Is  an  average  of  1  measurements, 
i  being  the  number  besides  the  points. 

from  theory  because  microstresses  are  created.  It  is  not  possible  to  determine  the  size 
of  microstress  from  fig.  5  using  the  maximum  local  notch  stress,  because  the  reversed 
plastic  deformation  during  unloading  is  greater  in  the  notch  than  on  the  notch  free 
specimen  used  on  fig.  5. 


RESIDUAL  STRESSES  DURING  FATIGUE  LOADING 

Residual  stresses  measured  during  fatigue  loading  are  shown  in  fig.  11.  Each  point 
on  the  curves  is  the  average  of  the  stresses  in  the  two  notches  of  the  specimens. 

An  arrow  at  the  end  of  a  line  indicates  a  crackfree  specimen  at  the  Instant  of 
measurement.  The  line  stops  either  because  the  specimen  later  on  fractured  totally  or 
because  the  fatigue  testing  time  became  prohibitively  long.  A  c  at  the  end  of  a  line 
indicates  that  one  or  more  cracks  had  developed.  The  abscissa  is  the  number  of  maxima. 

In  th  stochastic  loading  this  number  was  computed  as  time  in  seconds  times  the 
frequency  of  maxima  taken  from  table  I. 

The  stresses  lr.  fig.  11a,  b  and  c  were  all  measured  after  1,  10,  100  or  1000 
periods  of  noise,  each  period  equalling  200  seconds.  Thus  the  loading  stopped  in  the  same 
place  in  the  signal  pattern,  causing  the  material  to  be  in  the  same  place  in  the  hysteresis 
loop.  These  measurements  are  therefore  representative  for  the  variation  of  the  mean  value 
of  the  residual  stress. 

In  fig.  11a,  b  and  d  representing  tests  with  preload  the  measured  residual  stresses 
are  constant  on  the  average  through  the  fatigue  life.  Remembering  that  what  Is  measured 
is  the  sum  of  macrostress  and  microstress,  the  residual  stress  variations  during  fatigue 
loading  become  more  complicated.  The  X-ray  measurements  showed  that  the  breadth  of  the 
intensity  lines  decreased  with  increasing  number  of  cycles,  i.e.  the  spread  of  micro¬ 
stress  decreased.  The  decrease  of  the  spread  is  accompanied  by  a  decrease  or  the  mean 
value  of  microstress,  which  i  ,  easured  together  with  the  macrostress,  but  how  fast  and 
to  what  extent  is  not  yet  known.  If  the  Neuber  theory  correctly  describes  the  stress- 
strain  behaviour  in  the.notch,  the  macro  residual  stress  can  be  taken  from  fig.  10  to  be 
approximately  -120  MN/n/  after  preload.  Macrostress  plus  microstress  being  constant  and 
microstress  decreasing  during  fatigue  loading  means  that  the  tnacj.  ustress  Is  increasing. 

It  is  not  possible  co  Indicate  significant  differences  for  the  three  kinds  of  loadings, 
either  in  mean  values  or  in  standard  deviations. 

Fig.  11c  shows  the  variations  in  residual  stress  for  the  case  of  narrow-band 
stochastic  loading  v>lth  no  preload.  Here  one  observes  a  steady  increase  in  residual 
stress  which  finally  becomes  numerically  equal  tc  the  mean  stress  in  the  notch  with 
opposite  sign. 

Residual  stresses  measured  within  10  seconds  from  high  peaks  of  the  loading  in  the 
first  period  of  noise  on  fig.  lie  confirm  the  following  observations: 

1)  In  preloaded  specimens  loaded  with  zero  mean  stress  the  residual  Stress  drops  quickly 
to  zero. 

2)  In  snecimens  with  no  preload,  the  residual  stress  quickly  changes  to  the  applied  mean 
stress  with  opposite  sign. 
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Fig.  11.  Residual  stresses  measured  during  fatigue  loading.  All  stresses  in  MN/m^. 

This  means  that  independent  of  the  applied  mean  stress  the  notch  material  will  be  loaded 
with  a  resulting  mean  stress  (i.e.  sum  of  residual  stress  and  applied  mean  stress)  near 
zero  duriny  the  main  part  of  fatigue  life. 

The  rms-levels  used  In  fig.  lie  are  in  the  high-cycle  range  as  seen  on  the  s-n- 
curves  on  fig.  17. 


VARIATION  OF  RESIDUAL  STRESS  IN  THE  HYSTERESIS  LOOP 

When  discussing  changes  in  residual  stresses  cyclic  stress-strain  curves  are  very 
convenient.  The  curves  were  here  measured  according  to  a  method  demonstrated  by  LANDGRAF 
et  al.  -20  .  A  specimen  was  loaded  with  ten  blotKS  of  strain-controlled  cycles,  each 
block  containing  10  cycles  with  increasing  or  decreasing  amplitudes.  Fig.  12  shows  the 
stress-str.lin  behaviour  in  the  10th  b’oek. 
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Fig.  12.  Hysteresis  loops  measured  on  notch 
free  specimen  under  strain  control. 


Fig.  13.  Single  stable  hysteresis  loop  for 
notch  material  showing  residual  stresses 
after  unloading. 


When  fatigue  stresses  are  high  enough  to  open  the  hysteresis  loops,  the  residual 
stress  In  the  notch  found  upon  unloading  depends  on  how  the  loading  stopped. 

Let  the  hysteresis  loop  in  fig.  13  represent  a  stabilized  loop  for  the  notch 
material  loaded  with  constant-amplitude  and  zero  mean  stress.  The  loop  tip  curve  is  a 
curve  through  the  tip  of  loops  in  fig.  12.  Depending  on  the  last  peak  being  a  maximum  or 
a  minimum  the  residual  stress  measured  after  unloading  will  be  either  or  .  The 

point  is  found  by  trial  and  error  such  that 


(cb  ,ai),<cd‘cai) 
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according  to  the  Neuber  theory.  Point  B.  is  found  analogously.  If  the  loading  stops 
before  the  stress  reaches  a  maximum  or  minimum,  the  residual  stress  may  attain  any  value 
between  o  ,  and  j_,  . 

A  loading  meanJstress  narrows  tne  range  of  possible  residual  stress  values.  The 
X-ray  measurements  showed,  that  for  the  material  used  here,  the  notch  material  stabilizes 
such  that  the  resulting  mean  st.ess  is  zero  during  fatigue  loading,  i.e,  the  same  loop  as 
shown  on  fig.  13  is  applicable.  VJhen  stopping  the  amplitudes,  the  sum  of  residual  stress 
end  mean  loading  stress  in  the  notch  therefore  aga  n  may  be  anywhere  on  the  curve  A.0.6.  . 
Unloading  the  mean  stress  moves  this  curve  down  over  AjO-B,  to  C  depending  on  the  size 
of  mean  stress  and  thus  decreases  the  range  • 

To  evaluate  the  range  for  a  stochastic  loadjX  specimen  was  first  loaded  for  200 
seconds  with  broad-band  loading  (i<T-s  =106  MN/m  )  to  stabilize  the  material.  Residual 
stresses  were  then  measured  before  and  after  static  loading  to  the  maximum  and  minimum 
of  the  fatigue  load.  Table  V  summarizes  the  results.  Each  measured  value  is  the  mean  of 
the  stresses  in  the  two  notches  of  a  specimen. 

In  spite  of  the  large  possible  variations  in  n  as  seen  in  table  V  the  fluctua¬ 
tions  in  the  measured  ?  values  in  fig.  lie  are  very  small  even  if  these  measurements 
were  taken  within  10  seconds  from  the  largest  peaks. 

It  is  therefore  concluded  that  the  material  always  stops  near  the  center  of  the 
loops  because  the  material  in  random  load  fatigue  continuously  shifts  from  one  nearly 
concentric  hysteresis  loop  to  another.  This  again  implies,  that  all  X-ray  stresses  are 
measured  near  the  center  of  the  loops  and  therefore  Indicate  the  mean  value  of  residual 
stress . 
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TABLE  V.  Residual  stresses  alter  peaks.  KT’S 

Stresses  in  MN/m2  KT*sm“® 

o.  after  200  sec.  fatigue  -14 

loading 

°A  after  Vamax  "88 

ofi  after  KT.smin  101 

Range  fioR=oB~oA  189 


relaxation  of  residual  stress  after  preload  due  to  negative  peaks 

After  preload  the  material  in  the  notch  may  be  in  a  state  corresponding  to  point 
A _  on  fig.  13,  only  the  hysteresis  loop  corresponding  to  the  preload  is  much  larger.  A 
positive  loading  stress  is  not  dangerous,  i.e.  it  will  not  make  the  residual  stress  more 
positive,  but  a  negative  loading  stress  is  very  harmful  to  the  residual  stresses  because 
the  notch  material  comes  into  a  more  horizontal  part  of  the  loop  curve. 

The  relaxation  of  residual  stress  due  to  negative  peaks  after  a  preload  of 
K*s=810  MN/tn  was  determined  theoretically  again  using  Neuber  theory  and  the  actual  loop 
cQrve  as  is  shown  on  fig.  14.  The  curve  on  fig.  14  explains  the  rapid  changes  of  residual 
stress  measured  on  fig.  l^e  in  the  two  cases  with  K—'S^O  .  The  minimum  nominal  notch 
stress  was  here  -420  MN/tn  giving  a  complete  relaxation  of  macro  residual  stress  accord¬ 
ing  to  fig.  14. 
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Fig.  14.  Relaxation  of  residual  stress  after  preload  due  to  negative  loading  stress. 

RELAXATION  OF  RESIDUAL  STRESS  DUE  TO  CYCLIC  CREEP 

In  fatigue  tests  wit.,  non 'tero  mean  slicoses  on  ujuiotuiieu  specimens,  it  often 
observed  that  the  mean  strains  change  with  an  increasing  number  of  cycles.  This  change 
is  called  cyclic  creep.  In  notched  specimens  cyclic  creep  alters  the  residual  stresses, 
because  the  creep  relieves  the  stresses  in  the  notch. 

To  describe  the  relaxation  of  residual  stress  due  to  cyclic  creep  in  sinusoidal 
loading  IMPELLIZERI  |5|  proposed  a  relation  which  using  the  notation  from  the  present 
paper  is  written 

"55  *  a,<V’*t/Fty  <8) 

where  n  is  the  number  of  cycles,  a  is  an  empirical  constant  and  F  is  the  yield 
stress  (0.2%  proof  stress).  Integrating  eq.  (8)  from  n=0  yields  y 

^R 

-  '  exp(-a*n* -•i/F  )  (9) 

°Ro  ty 

where  aRc  is  the  value  of  <;R  at  n=0  . 

The  X-ray  measurements  have  shown  that  the  driving  force  behind  changes  in  residual 
stress  is  the  sum 

JR  +  VSm  <10) 

The  residual  stress  stop  changing  when  this  sum  becomes  zero.  When  using  the  sum  instead 
of  just  oR  eg.  (9)  becomes 
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The  curves  on  fig.  11c  and  two  curves  on  fig.  lie  show  how  the  mean  value  of 
residual  stress  build  up  in  originally  almost  stress  free  specimens  during  fatigue 
loading.  In  all  but  one  (the  one  which  had  K  *s  =122  MN/m  j  of  these  curves,  the 
maximum  nominal  stress  did  not  exceed  the  yield  5¥fess.  The  plastic  strains  were  then 
small,  making  the  microstresses  small.  The  four  curves  thus  show  the  relaxation  of  macro 
residual  stress. 

To  facilitate  comparison  the  curves  were  replotted  on  fig.  15  using  the  left  hand 
side  of  eq.  (11)  as  ordinate  and  log(n)  as  abscissa. 

All  parameters  In  the  exponent  in  eq.  (11)  being  approximately  equal  for  all  'our 
curves  they  were  gathered  in  a  single  parameter 

K  =  a-o-c/Fty  i 12) 

To  check  the  validity  of  eq.  (11)  for  random  loads,  K  was.computed  such  that  the 
theoretical  curve  fitted  the  experimental  average  at  n=104  .  The  theoretical  curve  was 
then  plotted  on  fig.  15  (the  dotted  curve),  and  it  is  seen  that  the  agreement  i:;  bad. 


Fig.  15.  Normalized  relaxation  of  residual  stress. 

The  measured  relaxations  suggest  another  empirical  relationship 
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where 


(13) 


K 

The  function  on  the  right  hand  side  of 

1)  It  is  equal  to  unity  for  n=l  . 

2)  It  approaches  zero  as  n  approaches  infinity.  . 

To  test  eq.  (13)  K  was  computed  to  fit  the  experimental  average  at  n=104  .  When 
plotted  on  fig.  15  (the  dot-and-dash  line)  good  agreement  was  obtained.  More  tests  are 
needed  to  estimate  •'he  function  K  in  eq.  (14). 
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eq.  (13)  has  the  following  desirable  properties: 


STRAIN  GAGE  MEASUREMENTS 

The  variations  in  residual  stress  in  fig.  11  may  be  divided  into  two  parts.  The 
first  part  is  due  to  the  highest  peaks  exceeding  the  compressive  or  tensile  yield  strength. 
Every  time  a  peak  arrives  that  is  higher  than  the  previous  peaks  there  will  be  a  jump  in 
the  residual  stress.  The  second  part  is  due  to  cyclic  creep. 

To  illustrate  this  fig.  16  shows  continuous  strain  gage  recordings  from  the  notch 
material  in  narrow-band  loading. 

The  measuring  length  of  the  strain  gage  was  0.75  mm.  At  four  different  rms-levels 
the  specimen  was  first  loaded  with  sm=0  ,  thereafter  with  lOs  =255  MN/m  .  Each  loading 
lasted  ^  hour,  luring  this  time,  the  mean  value  of  strain  was  plotted  by  placing  a  low- 
pass  filter  with  time  constant  of  appr.  1  second  between  strain  gage  apparatus  and 
plotter . 
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At  the  first  loading  (i.e.  KT‘srme“®3  and  s  =0)  the  change  in  mean  strain  is  small, 
because  the  residual  stress  before  the  test  was  near  zero. 

In  the  beginning  of  all  other  curves  a  very  characteristic  pattern  appears.  Each 
time  a  large  peak  arrives,  the  strain  increases  stepwise.  Between  the  peaks  the  strain 
changes  smoothly.  The  rate  of  change  decreases  with  increasing  number  of  cycles. 

The  symmetric  appearance  of  curves  measured  with  the  same  rms-value  but  different 
mean-value  is  due  to  narrow-band  loading  being  used.  The  steps  in  the  curves  are  caused 
by  positive  peaks  for  the  case  of  K_*s  =255  MN/ni  and  negative  peaks  for  the  case  of 
K_>s  =0  .  But  in  narrow-band  loading  positive  peaks  and  negative  peaks  of  nearly  the 
samemsize  are  neighbours  as  may  be  seen  on  fig.  3.  The  time  difference  between  a  positive 
and  negative  peak  is  therefore  too  small  to  be  detected  on  fig.  16. 

At  large  rms-values  the  larger  cyclic  creep  is  observed  for  positive  mean  stress. 
This  indicates,  that  larger  material  volumes  are  loaded  high  enough  to  creep. 

Measurements  of  the  kind  shown  on  fig.  16  involving  both  creep  and  fatigue  loading 
is  a  critical  application  for  strain  gages.  There  should  therefore  not  be  placed  too 
much  confidence  in  the  exactness  of  the  strains,  although  it  is  believed  that  thoy  give 
correct  trends.  The  change  in  mean  strain  cannot  be  used  to  determine  change  in  residual 
stresses  because  the  strain  variations  increase  with  increasing  rms-level  whereas  the 
change  in  residual  stress  is  nearly  the  same  and  equal  to  the  change  in  local  mean 
loading  stress  for  all  loadings  as  shown  by  the  X-ray  measurements. 


0  106  200  100  1800  sec 


Fig.  16.  Strain  gage  measurements  of  mean  strain  variation  of  notch  material  during 
narrow-band  loading. 


FATIGUE  TEST  RESULTS 

The  results  from  thn  fatigue  tests  are  shown  on  fig.  17.  The  build-in  error 
detectors  in  the  MTS-machine  were  not  sensitive  enough  to  avoid  complete  rupture  of  the 
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specimens.  This  was  undesirable  because  X*ray  measurements  were  impossible  on  ruptured 
specimens.  The  fatigue  tests  were  therefore  stopped  by  a  crack  detector  working  on  the 
Eddy-current  principle.  The  sensitivity  of  the  instrument  was  adjusted  to  stop  the 
fatigue  loading  when  cracks  of  appr.  3  inro  length  on  the  surface  had  developed.  The  time 
from  a  crack  of  this  size  had  developed  and  until  final  fracture,  was  only  a  small 
percentage  of  the  total  life  time.  Therefore,  variations  in  crack  length  on  stopped 
specimens  did  not  increase  the  spread  in  lifetime  significantly. 

All  tests  marked  with  an  arrow  on  fig.  17  indicate  that  no  cracks  were  observed. 
These  tests  were  retested  at  a  higher  stress-level,  but  all  retests  had  a  lower  life 
than  corresponding  tests  that  were  not  retested.  Therefore,  the  retests  were  not  plotted 
on  fig.  17. 

The  spread  in  lifetime  were  estimated  by  computing  the  variance,  where  two  or  more 
specimens  were  tes'-.ed  with  the  same  loading  conditions  and  same  rms-value.  Except  for 
one  pair  in  fig.  16c  near  the  fatigue  limit,  all  variances  were  pooled  and  a  standard 
deviation  of  s(n)=20%  was  obtained. 
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Fig.  17.  K  ■ s  versus  number  of  maxima  for  notched  specimens  with  K  =1.69  on  steel 
B14 .  1  T 


The  X-ray  measurements  done,  preload  was  no  more  expected  to  have  any  influr  ice  on 
the  fatigue  strength  of  the  heterogeneous  steel  used  here,  because  the  resulting  me.'n 
stress  (i.e.  the  sum  of  loading  mean  stress  and  residual  stress)  was  near  zero  during 
the  main  part  of  fatigue  life.  Test  results  in  fig.  17a  and  b  indicate  that  preload 
decreases  fatigue  life  at  low  stress  levels  in  contrast  to  what  is  normally  expected. 
This  may  be  explained  by  assuming  the  dislocation  mechanisms,  which  creates  the  micro¬ 
stresses,  to  have  detrimental  effect  on  fatigue  strength.  Following  this  conception, 
the  microstresses  created  during  the  preload  are  a  mesure  of  the  detrimental  effect  of 
plastic  strains.  Tht  microstresses  themselves  cannot  explain  the  shorter  fatigue  life 
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because  they  fade  during  fatigue  life. 


CONCLUSIONS 

The  highest  residual  stresses  after  static  preload  of  a  notch  are  attained  when 
K_  is  large  and  when  the  plastic  deformation  in  the  notch  is  small. 

In  high-carbon  normalized  steels  the  residual  stress  in  a  notch  changes  fast 
during  fatigue  loading.  The  change  is  such  that  the  sum  of  residual  stress  plus  mean 
loading  stress  is  zero  during  the  main  part  of  fatigue  life  independent  of  the  residual 
stress  prior  to  fatigue  loading.  This  conclusion  applies  probably  also  for  other  soft 
materials  such  as  low-carbon  steels. 

Cyclic  creep  may  change  the  residual  stress  more  than  a  single  preload. 

Residual  stress  relaxation  in  a  notch  during  stochastic  loading  caused  by  cyclic 
creep  could  be  describee,  by  eg .  (13). 

Microstresses  in  high'-carbon  normalized  steels  created  by  plastic  strains  decrease 
during  fatigue  loading. 

Plastic  strains  of  a  few  per  cent  have  detrimental  effect  on  the  fatigue  strength 
of  normalized  high-carbon  steels. 
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One  of  the  more  urgent  problems  in  the  fatigue  life  prediction  of  military  airplanes 
is  caused  by  the  difference  between  the  load  spectrum  used  in  the  full  scale  fatigue 
test  and  the  load  spectrum  in  service.  This  may  have  various  reaaons: 

-  The  same  aircraft  is  used  for  different  pui’poses  l.e.  groiuni  attack,  interception 
(composite  spectrum) 

-  Diffarent  squadrons  have  different  squadron  duties 

-  The  spectrum  changes  during  the  life  of  the  individual  aircraft  because  the  military 
requirements  have  been  altered. 

Complex  flight-by-flight  tests  with  two  types  of  notched  specimens  and  a  bolted  Joint 
simulating  a  skin-fitting  Joint  v/ere  carried  out  under  three  different  load  spectra 
occurring  in  service  of  a  German  military  airplane. 

It  is  shown  that  Miner' s-Rule  can  be  used  as  a  transfer-function  ("relative"  Miner  Rule) 
to  calculate  the  lives  with  high  accuracy  for  the  notched  specimens  and  with  less  accu¬ 
racy  for  the  bolted  specimens. 


1 .  Introduction 

Military  and  civilian  aircraft  are  often  flown  in  service  under  load  spectra  different 
from  those  for  which  they  were  designed  and  to  which  they  were  tested.  There  may  be 
various  reasons  for  this: 

-  The  same  aircraft  type  is  used  for  different  purposes,  i.e.  ground  attack,  inter¬ 
ception  etc. 

-  The  spectrum  changes  at  aome  point  during  the  life  of  the  individual  aircraft  -  for 
example,  because  the  military  requirements  have  been  altered.  Civilian  transport 
aircraft  may  also  fall  into  this  category:  For  instance  the  "Super  Constellation", 
a  type  originally  designed  for  high  altitude,  long  range  flight,  was  used  as  an 
"airbus"  for  short  range  flights  at  low  altitude  in  Germany  during  the  latter  part 
of  its  service  life. 

-  The  service  load  spectrum  was  not  estimated  correctly  in  the  first  place;  the  life 
calculations  and  the  full  scale  fatigue  test  were  therefore  carried  out  with  the 
wrong  spectrum. 

It  is  obviously  not  possible  to  do  a  new  ful]  scale  fatigue  test  in  all  these  cases, 
but  it  is  necessary  to  calculate  the  lives  under  the  different  load  spectra.  For  this 
calculation,  at  oest  the  fatigue  life  under  one  spectrum  is  approximately  known  from  a 
full  acale  fatigue  test  or  from  service  experience.  Using  Miner’s  rule  or  a  similar 
cumulative  damaga  hypothesis  as  a  "transfer  function",  the  life  under  the  different 
spectra  can  then  be  calculatedj^it  is  net  necessary  in  this  case  that  the  damage  sum  is 
ao  jjuoiuloUu  uy  Miner  £ \~! ,  but  only  +"n*t  the  damage  sum  is  similar  lor  tne  var¬ 
ious  spectra  ("relative"  Miner“rule).  As  long  as  the  spectra  si't?  i mju  too  ^ iff 6r 6nt f 
this  assumption  might  be  Justified.  However  it  is  hard  to  decide  when ^tHe  difference 
hecomes  too  large. 

One  way  out  of  these  difficulties  would  be  to  use  a  more  severe  spectrum  in  the  full 
scale  fatigue  test  than  can  possibly  occur  in  service,  resulting,  hopefully,  in  a  con¬ 
servative  life  estimation.  However,  this  will  penalize  the  structure  weight  unduly; 
furthermore  the  question  "what  is  a  more  severe  load  spectrum?"  is  sometimes  not  easy 
to  decide.  Truncating  the  high  amplitudes  in  a  fllght-by- flight  gust  load  spectrum  has 
been  shown  to  decrease  the  life  during  the  crack  propagation  phase  for  the  aluminum 
alloys  2024-T3  and  7075-T6  [TJ  and  for  the  titanium  alloy  Ti6Al4v  /37-  But  will  it  also 
decrease  the  life  before  macroscopic  cracks  are  present?  On  the  other  hand  proof  testing 
surface  flawed  specimens  made  of  D  6  A  C  did  not  influence  crack  propagation  under 
a  programmed  maneuver  load  spectrum  without  ground-to-air  cycles,  while  a  similar  spec¬ 
trum  containing  several  higher  peak3  did  have  a  slightly  retarding  effect  on  crack  pro¬ 
pagation  life  [J£! .  Again  contrary  to  these  results,  some  Air  Forces  limit  the  load  fac¬ 
tors  of  fighter”airplanes  to  extend  the  fatigue  life  of  their  structure,  if  it  is  in¬ 
sufficient. 

2.  Test  Program 

A  certain  German  military  airplane  > «  flnwn  under  two  distinct  load  spectra.  A  number 
of  aircraft  is  used  for  pilot  training  exclusively,  resulting  in  the  relatively  severe 
load  spectrum  A.  see  Fig.  1.  The  remaining  airplanes  are  flown  to  spectrum  B  according 
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to  flight  load  measurements.  Spectrum  C  waa  flown  during  tha  first  years  aftar  tha  in¬ 
troduction  of  thia  airplana  into  the  German  Air  Force.  Some  cracks  ha\e  occured  in  air¬ 
planes  flown  to  apectrum  A  in  the  region  of  the  jo jut  betwaen  wing  skin  ana  the  wing- 
to-fuselage  fitting.  The  full  acale  fatigua  test  waa  carried  out  at  the  IABG  to  spec¬ 
trum  C  for  about  1000  flying  hour a,  aftarward'  changing  over  to  tha  more  severe  spec¬ 
trum  B.  Similar  cracks  hava  been  found  at  the  identical  poaition  as  in  the  aervica  air¬ 
craft. 

The  specimen  tests  described  in  the  present  paper  were  performed  to  detarmine  the  affect 
of  tha  three  different  load  spectra  A,  B  and  C  on  fatigue  Ufa.  The  raaults  were  to  be 
uaed  far  an  improved  fatigue  life  eatimation  of  the  aircraft  under  apectrum  B,  starting 
from  the  known  fatigue  cracks  in  service  unde  spectrum  A  and  from  tha  resulta  of  the 
full  scale  fatigue  test  under  the  composite  spectrum  mentioned  above. 

Three  specimen  types,  shown  in  Fig.  2,  were  used;  two  of  them  are  notched,  with  atresa 
concentration  factors  of  2.5  and  3.6  respectively;  the  third  is  a  bolted  joint  simula¬ 
ting  the  region  where  fatigua  cracks  were  observed  in  sarvice  with  regard  to  type  and 
torque  moment  of  bolts,  distance  between  the  bolt  holes,  and  material  thicknesses.  The 
material  for  the  notched  specimens  was  7075-T6,  as  in  the  aircraft.  For  the  bolted 
joint  this  material  was  not  available;  instead  Fuchs  AZ  74  waa  used,  which  is  similar 
to  7075  except  for  the  addition  of  silver.  It  ia  not  thought  that  this  change  in  mate¬ 
rial  specifications  would  have  affected  the  results.  Earlier  tests  by  the  author  /3,  6, 
7/  have  shown  both  matarials  to  have  very  similar  fatigue  properties. 

The  program  for  the  specimen  tests  was  analogous  to  the  full  scale  fatigue  test,  i.e. 
it  was  a  complex  flight  by  flight  program  of  803  different  flights  averaging  100  cycles 
each  and  consisting  of  143  load  distributions,  taking  into  account  positive  and  negati¬ 
ve  maneuver  and  gust  loads,  symmetrical  and  unsymmerrical  maneuvers  with  and  without 
aileron  and  flaps,  three  Mach  numbers,  three  configurations,  the  change  in  waight  due 
to  fuel  bumoff,  and  taxi  loads.  The  program  was  repeated  after  every  803  flights.  An 
example  of  wing  root  bending  moment  versus  time  during  flight  No  11  is  shown  in  Fig.  3. 

The  nominal  stress  in  the  Kt  -  2.5  specimens  simulated  exactly  (with  regard  to  sequence 
and  magnitude)  the  local  nominal  stress  at  the  surface  of  the  wing  skin  at  fitting  No  3 
at  the  wing  station  in  question,  as  determined  by  a  strain  gauge  calibration  of  the  full 
scale  test  article.  The  stresses  were  reduced  proportionately  for  the  =  3.6  specimen 
and  for  the  bolted  joint  to  give  about  one  thousand  flights  to  failure  Under  spectrum  A, 
Fig.  4  shows  the  stress  sequence  of  two  flights.  The  differences  between  the  load  spec¬ 
tra  A,  B  and  C  were  obtained  by  increasing  the  frequency  and  the  magnitude  of  certain 
load  cases  for  spectra  A  and  B  as  compared  to  C. 

The  test  machine,  see  Fig.  5,  was  built  by  the  I AEG,  using  a  25  ton  Schenck  servohydrau- 
lic  cylinder.  It  is  controlled  by  a  digital  computer  (PDP-8L),  Fig.  6.  Details  of  this 
highly  successful  system  were  reported  to  the  S/M  Panel  during  the  31st.  meeting  in 
Tonsberg,  Norway  (of  and  have  also  been  published  elsewhere  /97-  The  testing  frequency 
was  about  25  cycles  per  second,  resulting  in  a  testing  time  oT  about  50  minutes  for  one 
program  of  803  flights.  As  the  specimens  failed  between  about  800  and  8000  flights,  see 
Fig.  8,  the  tests  took  from  50  minutes  to  8  hours  each.  Buckling  of  the  specimens  under 
comprassion  loads  waa  prevented  by  steel  antibuckling  guides  with  Teflcn  liners. 


3.  Results  and  Discussion 


The  results  of  the  specimen  tests  are  summarized  in  Fig.  7;  for  a  statistical  evaluation 
see  Fig.  8;  for  individual  results  see  Tables  1,  2  and  3,  which  also  contain  a  number 
of  tests  at  stresses  different  from  the  main  test  series  shown  in  Figs,  7  and  8. 
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The  number  of  flights  to  failure  under  spectrum  A  was  about  1100  for  the  K+  =  2.5  speci¬ 
mens,  which  is  very  similar  to  the  number  of  flights  at  which  the  cracks  were  observed 
in  service  aircraft.  The  ratio  of  th  ■  geometric  mean  of  the  lives  under  the  3  spectra 
was 


0.7  (A):  1.0  (B):  1.7  (C)  for  the  =  2.5  specimens  and 

0.5  (A):  1.0  (B):  1.5  (C)  for  the  Kt  =  3.6  specimens. 

Next,  the  life  was  calculated  by  a  computer  program  using  Miner's  rule.  The  necessary 
SN-curves*  were  determined  in  the  following  way:  For  the  Kt  =  2.5  specimens  they  were 
linearly  interpolated  using  the  well-known  NASA  data  with  atress  concentration  factors 
of  1.0,  1.5,  2.0,  4.0  and  5.0  /TO  ▼  137,  for  the  K^.  =  3.6  specimen  data  of  the  author 
for  the  same  material  and  Kt  /57  were“employed.  The  g.t.a.c.  was  considered  to  extend 
from  the  minimum  stress  during- taxiing  to  the  maximum  stress  in  the  individual  flight. 
The  following  damage  sums  Zni/N^  at  failure  were  obtained: 

0.56,  0.47  and  0.48  for  spectra  A,  B  and  C  respectively,  for  Kt  =  2.5  and 

0.28,  0.30  and  0,25  for  =  3.6, 

*  In  fact  complete  Goodman  diagrams  were  required  because  of  the  many  different  mean 
stresses  of  the  stress  spectra. 
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These  data  confirm  the  well  known  experience  that  flight-by-flight  tests  will  usually 
give  Tni/NjL<1.0  at  laast  for  maneuver  load  spectrs  7’^7;  besides,  tha  results  suggest 
that  Miner's  rule  can  be  uaed  aa  a  "transfer  function'’; “that  is,  given  the  life  under 
ona  spectrum,  determined  in  a  flight-by- flight  test,  the  life  urder  not  too  different 
apactra  can  ba  calculated,  using  Miner,  with  high  accuracy.  Thus  the  assumption  mentio¬ 
ned  in  the  Introduction  ("relative"  Miner  rule)  was  verified  for  the  notched  specimens. 
The  results  also  show  that  spectrum  A  was  indeed  the  most  severe  one,  giving  the  lowest 
life,  followed  by  B  and  C. 

However  this  is  true  only  for  the  nominal  stresses  chosen.  Three  tests,  one  under  Spec¬ 
trum  C,  two  under  spectrum  B,  were  performed  with  K*  =  3.6  specimens  at  about  25  per 
cent  higher  stresses  (i.e.  all  stresses,  including  the  1  g  stress,  were  increased  by 
25  per  cent).  Surprisingly  TFe  Ufa  under  apectrum  B  was  slightly  longer  than  under 
spectrum  C,  see  Table  2.  The  reason  is  not  clear:  Although  the  failures  happened  at 
about  400  flights,  before  one  complete  program  of  803  flights  had  been  applied,  this 
is  not  the  cause  for  this  unexpected  result;  all  igh  loads  above  SO  per  cent  of  the 
maximum  load  had  occured  in  the  corract  fraction,  i.e.  about  0,5  times  as  often  as  they 
occur  in  a  complete  program.  Rather  it  seems  that  Just  using  higher  stresses  can  yield 
a  quantitatively  and  even  qualitatively  different  result. 

This  points  to  the  importance  of  doing  even  a  flight.-by-flight  test  on  a  simple  notched 
specimen  at  the  correct  stresses.  Increasing  the  stresses  in  order  to  shorten  the  tes¬ 
ting  time  can  give  completely  misleading  results.  This  topic  will  again  be  discuased 
in  the  next  section. 

The  fatigue  performance  of  the  bolted  Joints  is  summarized  in  Figs.  7  and  8,  individual 
results  are  shown  in  Table  3.  The  ratio  of  the  geometric  mean  of  the  numbers  of  flighta 
to  failure  was  0.4  :  1.0  :  2.3  for  spectra  A,  B  and  C  respectively,  provided  that  only 
specimens  where  the  critical  fatigue  crack  had  started  in  the  cylindrical  part  of  the 
bolt  hole,  or  at  the  intersection  between  the  countersink  and  the  cylindrical  part  are 
considered  for  spectrum  C.  Otherwise  the  ratio  was  0.4  :  1.0  :  2.7,  as  several  fatigue 
cracks  also  originated  in  the  countersink  portion,  under  the  bolt  head,  aee  Fig.  10. 

A  cumulative  damage  calculation  waa  again  carried  out,  using  the  SN-curves  for  the 
Kfc  =  2.5  specimens,  as  no  SN-curves  for  the  bolted  Joint  were  available.  The  damage 
sums  Xn*/N<  at  failure  were  0.43,  0.55  and  0.76.  Thus  the  "relative"  Miner  rule  is 
less  accurate  for  the  bolted  Joint.  There  may  be  two  reasons  for  this; 

-  The  SN-curves  used  ara  not  correct.  A  shortage  of  funds  unfortunately  prevented  an¬ 
other  cumulative  damage  calculation  to  be  carried  out  with  appropriately  estimated 
SN-curves,  i.e.  SN-curves  with  a  lower  fatigue  limit.  However,  it  ia  thought  that 
thia  was  not  the  main  reason,  as  the  "relative"  Miner  rule  is  relatively  insenai- 
t.ive  to  changes  in  the  SN-curves,  as  long  as  the  spectra  are  similar  and  there  are 
that  many  load  cases. 

-  The  atracs  amplitudes  of  medium  size  cause  tha  two  parts  of  the  Joint  to  slip,  thus 
transmitting  the  loads  not  by  friction  but  by  bearing  of  the  bolt  shank  against  the 
hole,  which  gives  a  low  fatigue  performance.  As  spectra  A  and  B  contain  a  larger 
number  of  such  medium  sized  amplitudes,  this  Is  thought  to  have  caused  the  relative¬ 
ly  lower  life  under  spectra  A  and  B. 

Two  bolted  Joints  were  tested  at  about  17  per  cent  lower  stresses,  giving  about  14  000 
flights  to  failure,  see  Table  3.  The  fatigue  cracks  did  not  originate  in  the  bolt  hole 
any  longer,  but  from  fretting  between  the  faying  surfaces.  This  again  pointsto  the 
importance  of  the  selection  of  a  con  act  ollesa  in  a  faligut;  Itisi,,  when  conclusions 
regarding  aircraft  fatigue  life  are  to  be  drawn.  As  the  bolted  Jtii't  has  two  critical 
sections,  at  the  first  and  at  the  last  bolt  row,  the  specimens  were  inspected  at  the 
unbroken  critical  section  after  the  fatigue  test.  In  every  case  fr "irue  cracks  were 
present. 

Scatter 

The  scatter  was  extremely  low  in  most  test  series,  the  average  standard  deviation  of 
number  of  flights  to  failure  being  below  0.07  aven  for  the  bolted  Joint,  see  Fig.  8. 
This  confirms  the  well  known  experience  that  flight-by-flight  tests  usually  will  have 
low  scatter.  One  notable  exception  was  the  bolted  Joint  under  spectrum  E,  giving 
<S-  0.22  approximately.  No  explanation  can  be  given  for  this,  except  the  one  mentioned 
In  the  preceding  paragraph:  Slipping  between  the  two  parts  Joined  together  under  medium 
sized  amplitudes  may  occur  in  one  specimen  (under  spectrum  B  and  not  in  another,  due  to 
different  clamping  forces.  In  another  test  series  carried  out  elsewhere  /T57  tha  scat¬ 
ter  for  the  bolted  Joint  under  a  programmed  constant  amplitude  test  (8-step  LBF-pro- 
gram)  waa  also  quite  low  (s  =  0.1  approximately). 

Fracture .Surfaces 

Some  typical  fracture  surfaces  of  notched  specimens  are  shown  in  Fig.  9  and  of  bolted 
Joints  in  Fig.  10.  The  spectra,  the  nominal  stresses  and  the  corresponding  numbers  of 
flighta  to  failure  are  also  shown.  The  macroscopic  crack  propagation  phase  was  quite 
short  in  comparison  to  the  crack  initiation  phase,  Judging  from  visual  obsarvation  of 
the  hole  surfaces  during  the  testa  and  from  tne  indication  of  one  "crack  wire"  bonded 
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to  the  hola  surfaces:  it  broke  after  1076  flights,  the  specimen  failing  completely  on 
the  1205th  flight.  This  short  interval  between  the  appaarance  of  a  macroscopic  crack 
and  complate  failura  is  probably  due  to  two  reasons: 

-  The  relatively  large  numbar  of  high  maximum  atrr«?CL.'f  typical  for  maneuver  load 
apectra 

-  The  unfavourable  crack  propagation  and  residual  static  strength  properties  of  the 
materials  used 

Fig.  11  ahowa  the  fracture  surfaca  of  a  wing  box  for  the  aircraft  in  question  which 
failad  after  3351  flights  under  spectrum  B  at  identical  nominal  stresses.  The  similar¬ 
ity  of  the  number  of  flight.’  to  failure  to  the  number  for  the  bolted  Joint  (see  Tabel  3), 
and  of  tha  crack  aurfacea,  ia  quite  good. 


4.  Summary  and  Conclusions 

The  results  presented  in  this  paper,  together  with  aome  othar  results  obtained  at  the 

IABG,  support  the  following  conclusions: 

-  Using  Minar's  rula  as  a  transfer  function  and  a  flight-by-flight  test  as  a  basis 
from  which  to  "read  across"  to  other,  not  too  different  spectra,  can  yield  a  con¬ 
siderably  improved  life  astimation  compared  to  the  normal  cumulative  damage  proce¬ 
dure,  using  SN-curves  as  a  basia.  For  the  time  being  this  can  only  be  stated  for 
maneuver  spectra.  In  view  of  tha  modem  test  equipment  available  it  is  not  a  disad¬ 
vantage  any  longer  that  the  method  proposed  requires  a  complex  flight-by-flight  test. 

-  To  obtain  meaningful  results  in  a  fatigue  test,  it  ia  necessary  to  simulate  the 
streasea  occuring  in  service  as  closely  as  possible  with  regard  to  sequence  and  mag¬ 
nitude. 

If  a  test  must  be  accelerated,  this  should  not  be  done  by  increasing  the  stresses 
but  by  leaving  out  some  small  stress  amplitudes. 

Futher  research  along  the  following  lines  is  considered  necessary: 

-  How  far  can  we  "read  across",  in  other  words,  how  different  can  the  spectra  be  and 
still  yield  satisfactory  results? 

-  Can  the  method  alao  be  employed  for  gust  load  spectra'7 

How  sensitive  is  the  method  to.  the  SN-curves  employed,  with  regard  to  the  slope  of 
the  finite  life  portion  and  to  the  magnitude  of  the  fatigue  limit  i.e.  is  it  really 
..o-ctsary  to  have  actual  SN-curves  or  would  it  be  enough  to  make  an  "educated  guess" 
of  the  SN-curves? 
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Fig.  7:  Results  of  Flight-by-Flight  Tests 
under  Three  Different  Load  Spectra 


Fig.  Q:  Statistical  Evaluation  of  Test  Results 
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Fig.  9:  Fracture  Surfaces  of  the  Notched  Specimens 


Fig.  11:  Fracture  Surfaces  of  the  Wing  Skin  in  a 
Wing  Box  Test 
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SUMMARY 

An  engineering  solution  is  presenfed  for  correlating  two  different  random  loads  time  histories, 
based  on  measure  men  is  of  C.G.  vertical  accelerations  and  loads  at  the  tailplane  of  an  aircraft.  The 
choice  of  instrumentation  for  a  fleet  airplane  is  described  and  the  measurements  of  operational  loads 
are  related  to  C.G.  acceleration  countings. 
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SUMMARY 

TKe  common  equipment  for  recording  operational  flight  leadings  on  airplanes,  the  fotigue  lives  of  which  are  to  be  controlled. 

Is  still  the  so-called  counting  accelerometer  becouse  of  its  reliability  and  low  costs.  Probloms,  however,  may  arise,  if  the 
accelerations  as  counted  e.g.  vertically  in  the  center  of  gravity  of  an  airplane  have  to  be  transformed  into  stresses  or  strains, 
as  the  respective  relations  are  generally  complicated.  In  some  cases  such  a  relation  cannot  be  found  even  by  correlating 
simultaneously  recorded  in-flight  measurements.  There  exists,  nevertheless,  a  possibility  which  allows  to  derive  the  relation 
in  question  with  certain  assumptions  from  the  respective  cumulative  frequency  distributions.  How  that  can  be  achieved,  is 
demonstrated  on  bond  of  the  results  of  in-fl'ght  measurements  carried  out  on  the  tailplone  of  a  military  airplane  under  normal 
operational  conditions. 

1.  INTRODUCTION 

If  the  fotigue  life  of  individual  airplanes  out  of  a  fleet  is  to  be  controlled,  the  amounts  of  damage  must  be  known,  which 
have  been  accumulated  in  the  structures  during  the  respective  periods  of  usoge.  Since  there  is  ot  this  time  no  general,  reliable 
method  available  by  which  the  increase  of  damage  in  a  structure  can  be  measured  directly,  usually  the  couses  of  damage  are 
recorded,  i.e.  histories  af  strains,  stresses,  or  of  any  other  parameter,  from  which  they  can  be  derived.  The  measured  values 
hove  to  be  anolyied  such,  e.g.  by  counting  the  .tumber  of  crossings  of  given  levels  (  Refs.  1,  2),  that  the  results  allow  to 
define  the  corresponding  damage  and  the  remaining  life. 

This  report  does  not  claim  fo  present  a  complete  solution  for  the  complicoted  subject  of  fotigue  life  control  of  airplones.  It 
merely  tries  ta  summarize  the  considerations  and  experiences  arisen  during  such  a  program  for  a  military  airplane  and  to 
demonstrate  the  results  obtained  on  hand  of  the  exomple  of  leads  acting  at  the  tailplane. 

2.  INSTRUMENTATION  OF  FLEET  AIRPLANES  AND  EXAMPLES  OF  RESULTS 

2. 1  Some  Considerations  about  the  Choice  of  the  Recording  System  for  Fleet  Airplanes. 

The  stress  or  strain  histories  recorded  at  an  airplane  structure  during  a  period  of  operation  will  differ  on  the  location,  where 
they  have  been  measured.  This  foct  made  it  at  First  sight  appearing  desirable  ta  record  strains  at  oil  airplanes.  But  beside  the 
difficulty  of  defining  the  locotions  of  measurement,  which  have  ta  be  found  by  a  detailed  fotigue  life  analysis  supported  by 
foli-scale  tests,  and  the  significance  and  order  of  which  may  vary  from  one  squadron  ta  the  other  depending  on  duties  and 
configurations  of  the  airplones,  mainly  economical  reasons  have  been  opposing  tf.jt  solution,  like  costs  for  suitable  recording 
equipment,  for  strain  gage  irotol lotion,  for  periodical  calibrations  of  the  structures,  for  dato  reduction  and  anolysis,  etc. 

Since  also  from  the  engineering  paint  of  view  it  seemed  ta  be  justified  to  relinquish  strain  gages  at  oil  oirplones  of  the  fleet, 
if  one  or  two  airplanes  were  instrumented  ta  measure  leads  in  all  sections  of  the  structure  which  could  be  critical  with  respect 
to  fotigue,  if  has  been  decided  to  count  only  e.g.  accelerations  ot  the  fleet  airplanes.  From  competitive  counting  systems, 
which  have  been  carefully  evaluated  (  Ref.  3),  finolly  the  so-colled  Fatigue-Meter  has  been  choosen  for  that  purpose  (Ref.  4). 

2.2.  Results  of  C.G.  Ve’  ticol  Acceleration  Countings  t.om  Fleet  Airplanes. 

The  counters  of  the  Fatigue-Meters  ore  read  after  each  flight  and  the  results  are  written  dawn  into  a  form-sheet  together  with 
pilot's  remarks  about  airplane  configuration,  type  of  miss’on,  duration  of  flight,  etc.  The  sheets  ore  analyzed  by  Messer- 
schmitt-Belkow-Blohm  GmbH,  Unternehniensbereich  Flug.-euge  (Ref.  5). 

As  an  example  of  the  results  the  average  cumulative  frequency  distributions  of  (  gust-  ond  manoeuver-  )  load  factors  as 
experienced  by  several  airplanes  in  b;r  squadrons  are  shown,  see  Figure  1.  The  numbers  of  exceedances  per  1,000  flight 
hours  differ  at  n  =2  between  5. 5  x  10^  ( ;-uadron  D  )  and  3. 8  x  10^  { squadron  C  )  depending  on  the  type  of  missions 
flown.  The  effect  of  extsrnol  stores  on  the  wing  con  also  be  observed,  if  e.g.  the  number  of  exceedances  per  1,000  flight 
hours  at  n  =5  are  compared;  In  squadron  B,  where  airplanes  are  flown  mainly  in  clean  configuration,  that  level  is  reached 
or  exceeded  about  ten  times  mare  than  in  the  other  three  squadrons. 

Beside  the  differences  between  cumulative  frequency  distributions  belonging  to  different  squadrons  also  the  variations  have  to 
be  taken  into  account  existing  between  those  of  individial  airplanes  within  o  squadron.  As  an  example  for  ttie  latter  variation 
the  distributions  of  six  airplanes  of  squadron  A  are  shown,  see  Figure  2,  where  a  ratio  of  about  1  :  1.5  between  the  lowest 
and  highest  number  of  exceedances  can  be  observed.  If  it  is  assumed,  that  the  load  factors  encountered  by  the  Individual 
airplanes  belong  to  the  some  population,  a  statistical  onolysis  can  be  performed  by  plotting  the  relativa  number  of  exceedances 
into  a  Gaussian  probability  paper  with  logarithmic  grid  for  the  variate,  see  Figure  3.  From  thot  graph  cumulative  frequency 
distributions  can  be  derived,  which  are  reached  or  exceeded  with  a  certain  probability. 
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If  informotion  of  Fatigue-Meter  readings  of  the  kind  as  presented  above  are  to  be  used  for  fotigue  life  control,  regard  has 
to  be  payed  to  the  fact,  that  the  data  have  been  abtoined  olready  in  form  of  cumulative  frequency  distributions,  i.e.  the 
original  acceleration  history  has  been  lost,  Therefore  a  requested  relation  between  c.g.  vertical  occeleratians  and  the 
corresponding  strains  ot  a  paint  af  the  structure  has  to  be  based  probably  on  the  respective  cumulative  frequency  distributions 
instead  of  the  original  time  histories. 

3.  MEASUREMENT  OF  OPERATIONAL  LOADS  FOR  INTERPRETATION  OF  C.G.  COUNTINGS 

3. 1  Aims  of  the  Measurement  Program 

At  the  present  time  it  seems  to  be  almost  impossible  to  predici  theoretically  o  relotion  between  c.g.  vertical  accelerations 
due  to  monoeuvers  and  the  corresponding  loads  ot  the  toilplane.  That,  of  course,  does  not  refer  to  a  loading  condition  os 
used  for  the  static  design,  where  all  parameters  like  airplane  weight,  configuration,  c.g.  position,  airspeed,  flight o I titude, 
monoeuver  flap  position,  angles  ond  rates  of  deflections  of  elevator,  oileron,  and  rudder,  etc,  are  given  but  to  load-time 
histories  under  operational  conditions,  where  all  the  mentioned  parameters  can  vary  mare  or  less  independently  of  each  other, 
or  with  other  words,  where  o  peak  acceleration  of  given  magnitude  can  be  caused  by  several  possible  combinations  of  the 
parameters,  each  combination  of  which  may  result  in  o  different  load  distribution  ond  load  history  at  the  toilplane. 

The  in-flight  measurement  of  all  mentioned  parameters  may  help  to  define  the  boundary  conditions  for  the  calculation  of 
individual  loads  ond  accelerations,  but  that  does  not  look  very  promising  either,  because  o  general  relation  between  loads 
ond  accelerations  can  be  obtained  in  this  case  only  by  means  of  o  multi-dimensianal  analysis.  In  order  to  avoir*  that 
complicated  procedure  it  seems  to  be  the  easiest  way  to  measure  loads  at  the  toilplone  ond  c.g.  accelerations  directly  ond  to 
try  to  derive  the  requested  relation  between  them  empirically. 

When  doeing  so,  the  main  problem  may  be  expected  to  orise  from  the  foot,  that  the  vertical  accelerations  in  the  c.g.  describe 
only  the  incremental  loads  resulting  from  the  tronslatorica!  movement  of  theoirplone  in  vertical  direction,  whereas  the  loads 
ot  the  toilplane  are  caused  generally  from  movements  in  several  degrees  of  freedom.  Therefore,  the  results  of  such  a  measure¬ 
ment  program  can  be  generalized  only,  if  it  will  be  ossumed  that  the  ratio  of  movements  of  the  oirplarte  in  the  vertical  to 
those  in  other  directions  will  remain  in  the  overage  the  some.  This  requirement  can  be  possibly  met  for  the  measurement 
program  by  distinguishing  between  flights  performed  under  equal  conditions,  i.e.  flights,  for  which  the  parameters  as 
mentioned  above  ore  either  constant  (  like  airplane  configuration  )  or  -  if  o  parameter  varies  within  given  limits  -  for  which 
the  statistical  moments  of  o  parameter  ore  the  same  {  like  e.g.  airplone  weight ).  That  can  be  expected  ta  happen,  if  for 
each  squadron  o  relotion  between  c.g.  accelerations  and  loads  ot  the  toilplane  will  be  derived  separately,  because  it  is  very 
likely  that  a  change  of  missions  or  duties  will  result  in  a  change  of  the  average  ratio  of  vertical  airplane  movements  to  those 
in  other  directions. 

3.2  Instrumentation  of  an  Airplone  with  Strain  Gages  and  Transducers, 

For  the  measurement  of  loads  at  the  toilplane  on  oirplane  has  been  instrumented  with  combinations  of  calibrated  strain  goge 
bridges  (  Ref.  6 ),  the  outputs  of  which  were  proportional  to  bending  ond  torsion  moments  in  different  sections  of  the  toilplane. 
These  were  in  detoil,  see  Figure  4, 

-  bending  moments  of  R/H  and  L/H  sides  of  stabilizer,  B-  and  B-  .  ,  respectively 

-  torsion  moment  at  stobilizer,  Tj  ™ 

-  bending  moment  near  root  of  fin.  Bp 

-  torsion  moment  af  fin,  Tp  . 

The  direction  of  orrows  in  Figure  4  corresponds  with  positive  sign  os  used  in  this  report. 

Stiiida  c  ironiducer  for  the  measurement  of  c.g.  vertical  acceleration:  alio  transducers  for  indicated  airspeed,  pressure  altitude, 
ongle  of  attack,  flap  position,  stabilizer  deflectian,  angular  velocities  about  X-  and  Z-axes  of  the  airplane,  ond  vertical 
accelerations  in  the  rear  part  of  the  fuseloge  have  been  installed  in  the  airplane. 

The  data  were  commutated  ond  recorded  on  1-inch  wide,  14-track  magnetic  tope  together  with  a  time  code  and  the  voice  of 
the  pi  lot, 

4.  ANALYSIS  AND  DISCUSSION  OF  RESULTS 

4.  I  Selection  of  two  Squadrons  with  Different  Missions. 

In  order  ta  demonstrate  the  validity  of  the  assumption,  which  was  made  in  paragraph  3.1  for  the  reloMon  to  be  derived 
empirically  from  measured  c.g.  vertical  accelerations  and  bending  moments  at  the  stabilizer,  the  instrumented  airplone  was 
given  ta  two  squackons,  called  A  ond  B.  The  airplane  was  flown  by  several  pilots  of  the  two  sauodrons  in  typical  routine 
missions. 

But  there  were  differences  between  the  two  squadrons  not  only  with  regard  ta  missions  but  olsa  e.g.  ta  the  duration  of  flights, 
see  the  statistical  analysis  in  Figure  5,  which  shows  o  significant  difference  between  the  two  squadrans.  Further,  in  squadron 
A  the  oirplanes  are  flown  with  and  in  squadron  B  without  external  stores. 
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The  different  mage  of  airplanes  in  the  two  squadrons  shows  up  also  in  the  respective  cumulative  frequency  distributions  of 
c.'j.  vertical  accelerations  per  flight,  see  Figure  6,  and  that  not  only  in  the  region  of  high  accelerations,  where  again  the 
effect  of  external  stores  can  be  observed,  compare  with  Figure  1,  but  also  for  the  number  of  crossings  of  A  nz  =  0,  which 
corresponds  ta  the  lg-candition;  ti*e  latter  difference  does  nut  only  result  from  the  above  mentioned  difference  in  flight- 
times  but  moinly  from  turbulence  encountered  by  airplanes  af  squadan  A  when  flying  in  lower  a'titudes.  +) 

Similar  trends  as  having  been  observed  for  the  cumulative  frequency  distributions  of  incremental  load  factors  can  also  be 
read  from  those  af  angles  af  attack,  see  Figure  7,  with  the  exception,  that  the  distribution  for  squadron  8  seems  to  be 
clipped  at  13  degrees.  This  is  he  result  of  the  interaction  af  a  stall  warning  system. 

The  cumulative  frequency  distributions  af  stabilizer  deflections  per  flight,  see  Figure  8,  are  almost  identical  without  regard 
ta  a  peak  value  af  -16  degrees,  which  has  occurred  once  during  flights  af  squadron  B.  this  result  is  at  first  sight  somewhat 
surprising  in  view  rot  only  af  the  differences  as  explained  before  but  nlso  af  the  distributions  of  bending  moments  at  the 
stabilizer,  which  are  not  conformable  atoll,  see  Figure  9. 

4.2  Relations  Between  Stabilizer  Bending  Moments  and  C.G.  Vertical  Accelerations. 

Before  conclusions  are  drawn,  from  the  cumulative  frequency  distributions  of  bending  moments  measured  at  the  R/H  side  of 
the  stabilizer  during  flights  performed  in  two  squadrons,  attention  has  to  be  payed  to  the  foct,  that  the  distributions  in 
Figure  9  have  been  obtained  by  taunting  level  crossings  about  the  bending  moment  of  zero,  which  designates  the  loading 
condition  "airplane  on  ground",  i  e.  changes  of  the  tg-bending  moment  due  to  different  trim  conditions,  flap  positions, 
etc,  have  ;rot  been  treated  separately.  It  only  can  be  noted  that,  contrary  to  the  previous  results  for  other  measured 
parameters,  the  cumulative  frequency  distributions  of  stabilizer  bending  moments  for  squadron  B  is  covered  by  that  for 
squadron  A. 

In  order  to  gain  as  much  information  from  the  dato  as  passible,  the  two  bending  moment  outputs  as  measured  at  the  R/H  and 
L/H  sides  of  stabilizer,  see  Figure  4,  have  been  combined  for  the  following  onolysls  ta  get  the  symmetrical  bending  moment, 
which  is  defined  os  0,5  (Bg^  R/H  +  ®s  l/h^'  and  the  so-called  cntimetrical  bending  moment  (  Bj  |_/H^  ' 

After  having  applied  a  time  consuming  procedure  for  separating  incremental  and  Ig-bending  moments,  it  appeared,  that  the 
cumulative  frequoncy  distributions  of  symmetrical  Ig-bending  moments  are  almost  identical  except  that  they  seem  to  be 
shifted  parallel  to  each  other,  see  Figure  10.  The  difference  In  bending  moment  between  these  two  distributions  can  be 
exploined  by  the  effect  of  tip-tonks,  which  lead  theoretically  to  an  increase  of  the  (  negative  )  Ig-bending  moment  at  the 
section  af  the  stabilizer  in  question  of  about  -0.07  Mpm  ( squadron  A  )  ‘f  compared  with  that  for  the  airplane  in  clean 
configuration  ( squadron  B).  This  effect,  however,  does  not  explain  the  difference  of  the  cumulative  frequency  distributions 
shown  '  Figure  9,  5ince  it  cannot  be  explained  either  by  variations  af  the  respective  distributions  of  incremental  bending 
moments,  as  it  will  be  demonstrated  loter  on,  see  Figures  11  and  12,  the  originol  time -hi stories  have  been  investigated. 

The  solution  of  the  problem  was,  that  about  90  percent  of  all  monaeuvers  exceeding  a  load  foctar  of  3.0  were  flown  in 
squadron  A  with  manoeuver  flaps  down,  whereas  in  squadron  B  it  were  only  about  40  percent. 

The  procedure  for  manoeuver  flap  setting  in  squadron  A  is  such,  that  the  flaps  are  put  down  for  periods  af  time  up  ta  15 
minutes  whi  le  the  periods  in  squadron  B  are  much  shorter.  Since  a  cumulative  frequency  distribution  af  countings  of  a  given 
characteristic  occurrence  of  the  respective  load  time  history  can  give  information  only  about  the  number,  haw  often  the  flaps 
were  moved,  and  not  about  the  periods,  during  which  they  were  up  or  down,  the  two  distributions  in  Figure  10  show  acci¬ 
dentally  the  some  cumulative  number  af  occurrences  per  flight.  Fora  fatigue  life  estimotion,  however,  also  the  time  has  ta 
be  taken  into  account,  during  which  the  Ig-bending  moment  was  at  a  given  level,  because  the  incremental  bending  moments 
have  to  be  superimposed  to  them  again  in  an  order  similar  to  the  actual  sequence  in  flight. 

For  the  presentation  of  incremental  stabilizer  bending  moments  the  unsymmetrical  ( i.e.  measured  at  one  side  of  the  stabilizer ), 
symmetrical,  and  antimetriccl  parts  have  been  choosen,  seethe  results  of  the  statistical  anolysis  for  squadron  A  in  Figu'e  11. 
The  three  distributions  a.e  almost  symmetrical  about  the  bending  moment  zero.  As  it  has  been  expected,  the  largest  devia¬ 
tions  from  zero  occur  at  a  given  relative  frequency  for  the  increments  as  measured  at  ane  side,  the  smallest  for  the  anti- 
metrical  bending  moments.  The  latter  shaw,  however,  the  highest  number  of  mean  (  zero  )  crossings  beeing  about  twice  as 
high  as  that  for  the  symmetrical  bending  moment  increments.  If  the  relative  emulative  frequency  of  unsymmetriccl  bending 
moments,  which  lies  between  the  two  other  figures,  is  sold  ta  be  100  percent,  then  that  for  symmetrical  bending  moments 
is  obout  B0  percent.  Hence  follows,  that  about  20  percent  of  the  bending  moment  increments  occurring  on  ane  side  of  the 
stobilizer  hove  ta  be  regarded  as  ontimetrical  moments.  The  remoining  antimetrioal  moments  have  to  be  superimposed  thus 
ta  the  symmetrical  ones  in  order  to  get  the  complete  cumulative  frequency  distribution  as  observed  at  ane  sida  of  the 
stabilizer. 

The  some  rtmorks  as  mode  before  refer  also  to  the  incremental  bending  moments  af  the  stabilizer  as  measured  in  squadron  B, 
see  Figure  12,  whare  only  the  cumulative  numbers  of  mean  crossings  per  flight  are  less  than  those  af  squadron  A,  but  the 
ratio  af  them  is  similar. 

The  foregoing,  brief  discussion  of  some  of  the  results  obtained  from  in-flight  measurements  give  the  basis  for  the  solution  of 
the  problem  afa  re  lotion  between  c.g.  vertical  accelerations  and  loads  at  the  tailplane. 


+) 


The  incremental  load  factor  due  ta  a  +  50  fps-gust  at  zero  altitude  and  M  =  0. 68  is  for  thr  given  airplane  in  clean 
configuration  and  for  an  average  gross  weight  A  n^  =  +  1.6. 
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Recalling  the  remark  olready  mode  in  Paragraph  3.1,  that  the  accelerations  allow  only  to  derive  incremental  loads  in  the 
direction  and  at  the  paint  where  they  have  been  measured,  as  o  fi"t  step  a  cross-plot  of  simultaneously  occurring  values 
of  incremental  load  factors  versus  incremental  symmetric  bending  moments  at  the  toilplane  has  been  made,  see  Figure  13. 
Aliliough  only  increments  are  taken  into  account  and  olthaugh  anly  symmetrical  bending  moments  ere  correlated  with 
vertical  accelerations,  the  result  might  be  called  by  a  sta'istician  a  law  correlation.  That  is,  nevertheless,  what  one  might 
have  anticipated,  because  the  lead-time  history  at  the  'oilpiane  must  not  be  olwoys  in  phase  with  the  c.g.  acceleration. 

Th: -  is  not  anly  due  to  dynomlc  effects  but  results  also  from  the  fact  "Sat  for  generating  a  monoeuver  acceleration  in  the 
c.  g.  of  the  airplane  first  e.g.  a  stabilizer  deflection  and  thus  o  hurraing  moment  increment  has  to  proceed.  There  moy, 
moreover,  be  loads  at  the  stabilizer  without  any  meosuroble  response  in  the  c.g.  ond  alsa  c.g.  accelerations  without  any 
effect  cr  the  symmetrical  stabilizer  loads.  This  is  the  reason,  why  a  correlation  between  c.g.  accelerations  ond  bending 
moment  increments  at  the  tailplane  v/ill  never  be  successful  on  a  deterministic  basis. 

That  problem  con  be  solved  by  means  of  the  cumulative  frequency  distribution,  if  it  is  recalled,  that  during  such  a  statistical 
unolysis  the  individual  peaks,  ranges,  ar  whatever  has  been  counted  from  the  load  time  history  are  ordered  with  regard  ta 
their  respective  magnitudes  ond  cumulative  numbers  of  occurrences.  If  two  cumulative  frequency  distributions  are  given, 
the  lead  time  histories  of  which  have  been  recorded  simultaneously  during  o  representative  period  of  time,  where  repre¬ 
sentative  refers  here  beyond  the  normal  definition  also  to  the  condition  as  postulated  in  Paragraph  3. 1,  that  the  ratio  of 
oirplane  movements  in  vertical  direction  to  those  in  other  degrees  of  freedom  will  not  change,  then  the  conclusion  can  be 
drawn,  that  the  ratio  between  those  values  of  the  cumulotive  frequency  distributions,  which  ha  /e  occurred  with  equal 
relative  cumulotive  number  of  occurrences,  will  be  constant.  This  allows  ta  establish  o  correlation  between  c.g.  vertical 
acceleration  increments  ond  symmetrical  bending  moment  increments  from  the  respective  cumulotive  frequency  distributions, 
see  Figures  6,  11,  12  just  by  plotting  those  values,  which  have  occurred  with  the  some  cumulative  frequency  per  flight, 
see  Figure  14.  In  order  to  pay  regard  to  the  trend  observed  in  the  correlational  shown  in  Figure  13,  negative  bending 
moments  have  been  plotted  with  positive  Decelerations  and  vice  versa. 

As  an  example  far  the  application  of  the  correlation  shown  in  Figure  14,  the  cumulative  frequency  distributions  of 
symmetrical  bending  moment  increments  have  been  derived  from  the  c.g.  counting  results  os  shown  in  Figure  1  (squadrons  A 
and  8),  and  have  been  compored  with  the  respective  meosured  distributions,  see  Figure  15. 

4.3  Relations  Between  Bending  and  Torsion  Moments  at  Stabilizer  and  Fin. 

As  a  complement  to  the  results  shown  in  the  previous  Poragrophs  the  cumulotive  frequency  distributions  ore  presented  far 
incremental  stabilizer  torsion  moment,  see  Figure  16,  incremental  fin  bending  moment,  see  Figure  17,  and  incremental 
fin  torsion  moment,  see  Figure  18.  Cross  plots  of  simultaneously  occurring  values  show,  that  there  is  a  goad  correlation 
between  the  antimetrical  stabilizer  and  the  fin  bending  moment  increments,  sne  Figure  19,  A  still  satisfying  resul*  is 
obtained,  if  increments  of  torsion  versus  bending  moments  at  ihe  fin  are  plotted,  see  Figure  20.  The  deviations  from  the 
averaging  line  may  be  explained  by  chardwise  variations  of  the  center  of  pressure. 

5.  CONCLUSION 

The  presented  engineering  solution  for  correlating  two  random  load  time  histories,  whict.  was  demonstrated  far  the  example 
of  c.g.  vertical  accelerations  and  loads  ot  the  toilplone,  is  based  on  the  present  possibilities  for  a  fatigue  life  control  of 
a  fleet  of  airplortes.  It  is  regarded  to  be  only  a  step  towards  more  detailed  and  more  exact  methods  to  be  developed  far  an 
adequate  description  of  the  relotions  between  load  time  histories,  which  occur  at  different  points  of  a  structure  during 
the  same  time;  it  meets,  however,  the  requirement  to  be  asked  by  any  other  method  applied  for  fatigue  life  control,  which 
is,  that  the  results  of  the  measurements  have  not  only  to  be  suitable  for  fatigue  life  estimation  but  give  also  information  far 
the  design  of  new  airplones. 
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Cumulative  Frequency  per  1,000  hrs 


Fig.  1  Average  cumulative  frequency  distributions  of  load  factors 
as  experienced  in  four  squadrons  with  different  duties 
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Cumulative  Frequency  per  1,000  hrs 

Fig. 2  Cumulative  frequency  distributions  of  load  factors  as  experienced 
by  individual  airplanes  within  one  squadron 
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F:g.3  Scatter  of  cumulative  frequency  distributions  of  load  factors  as  experienced  by 
airplanes  within  one  squadron.  (Statistical  analysis  of  results  shown  in  Figure  2.) 
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Fig. 4  Sections  at  the  tailplanc  with  strain  gage  installations  for 
measurement  of  bending  and  torsion  moments 
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Cumulative  Frequency  per  F I *3ht 


Fig.6  Cumulative  frequency  distributions  of  incremental  load  factors 


Iizer  Defleclioi  in  Degrees  Angie  of  Attack  in  Oegrees 
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Fig.7  Cumulative  frequency  distributions  of  angles  of  attack 


Fig.8  Cumulative  frequency  distributions  of  stabilizer  deflections 


Fig  10  Cumulative  frequency  distribution  of  symmetrical  !g-bcnding  moment  at  the  stabilizer 


Incremental  Bending  Moment  in  Mpm 
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Incremental  Bending  Moment ; 
a  At  R/H  Side  af  Stabilizer 


o  Symmetrical 


Cumulotive  Frequency  per  Flight 

Fig.  1 1  Cumulative  frequency  distributions  of  incremental  stabilizer  bending 
moments  experienced  in  squadron  A 


Incremental  Bending  Moment - 


Cumulative  Frequency  per  Flight 


Fig. I"?  Cumulative  frequency  distributions  of  incremental  stabilizer  bending 
moments  experienced  in  squadron  B 


Moment 


incremental  Torsion  Moment  m  Mpm  Incremental  Bending  Moment 


Fig.  I  ft  Cumulative  frequency  distributions  of  incremental  fin  torsion  moments 


Fig. 20  Simultaneously  occurring  values  of  increments  of  fin  torsion  and  fin  bending  moments 
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